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FOREWORD 

This  volume  presents  spacecraft  concepts  and 
system  design  analyses  in  the  Prephase  A Study  for  an 
Analysis  of  a Reusable  Space  Tug.  This  study  was 
conducted  by  the  Space  Division  of  North  American 
Rockwell  Corporation,  Seal  Beach,  California,  for  the 
National  Aeronautics  and  Space  Administration,  Manned 
Spacecraft  Center,  Houston,  Texas.  The  effort  was 
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r Contract  NAS9-  10925. 
final  report  include: 

The  six  volumes 

Volume  1. 

Management  Summary 

SD  71-292-1 

Volume  2. 

Technical  Summary 

SD  71-292-2 

Volume  3. 

Mission  and  Operations 
Analysis 

SD  71-292-3 

Volume  4. 

Spacecraft  Concepts  and 
Systems  Design 

SD  71-292-4 
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Volume  5. 

Subsystems  Analysis 

SD  71-292-5 

Volume  6. 

Planning  Documents 

SD  71-292-6 
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ABSTRACT 


Spacecraft  configuration  concepts  of  various  diameters, 
propulsion  capacities,  modular  arrangements,  and  mission 
modes  were  studied  and  compared.  Resulting  conceptual 
designs  were  utilized  in  weights,  performance,  operations, 
costs,  and  planning  studies.  Module  configurations,  internal 
and  external,  were  explored.  Conceptual  vehicles  responsive 
to  NASA  requirements  were  described,  including  suitable 
subsystems. 


Candidate  vehicle  concepts  were  designed  for  various 
mission  optimizations.  These  candidate  vehicles  were 
evaluated  and  three  were  selected  for  a more  refined  study. 
The  three  selected  concepts  were  subjected  to  a more  detailed 
design  analysis  in  which  all  aspects  of  design  were  reexamined 
in  greater  detail.  In  addition,  certain  special  conceptual 
studies  were  accomplished  for  "unusual"  concepts  involving 
unique  criteria,  configurations,  or  operational  utilization. 
These  were  studies  aside  from  the  mainstream  effort  and 
were  accomplished  to  explore  variations  from  the  baselines 
as  well  as  ideas  that  might  show  unusual  promise.  Among 
these  were  special  lunar  lander  configurations,  ground-based 
concepts  (rather  than  the  primary  spacebased),  simplified 
design  concepts,  and  alternate  subsystems  concepts. 

The  reusable  space-based  tug  with  modular  design  was 
found  to  be  feasible  as  a design  concept.  The  design  is  very 
sensitive  to  inert  weights.  The  changes  necessary  for 
satisfying  the  requirements  of  a lunar  lander  were  found  to 
be  extensive,  and  provisions  for  them  in  the  basic  tug  would 
constitute  excessive  weight.  Therefore,  the  lunar  lander 
version  of  tug  should  be  considered  a block  change. 
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ABBREVIATIONS 


AB 

ACS 

ACPS 

APU 

APCU 

CAM 

CIS 

CLS 

CM 

C/O 

CSM 

DET 

ECLSS 

EO 

EOPD 

EOS 

EOSS 

EPS 

ESS 


The  following  abbreviations  are  used  in  this  document: 
Appr  oved  bidders 


Attitude  control  system 
Attitude  control  propulsion  system 
Auxiliary  propulsion  unit 
Auxiliary  propulsion  conditioning  unit 
Cargo  module 


Chemical  interorbital  shuttle 


Chemical  lunar  shuttle 


Crew  module 


Checkout 


Command  service  module  (Apollo) 

Detail  part  fabrication 

Environmental  control  and  life  support  system 


Earth  orbit 


Earth-orbital  propellant  depot 
Earth-orbital  shuttle  (two-stage  reusable) 


Earth-orbital  space  station 
Electrical  power  subsystem 
Expendable  second  stage 
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Fail  operational 
Flight  readiness  review 


Interface  control  document 


Intelligence  module 

NASA  integrated  program  plan 

Initial  operational  capability  (date) 

Inertial  reference  unit 

Low  earth  orbit 

Landing  gear  kit 

Lunar  module 

Lunar -orbital  propellant  depot 
Lunar  surface  base 
Manipulator  kit 
Mockup 

Orbiting  lunar  facility 

Orbiting  lunar  station 

Orbital  maneuvering  system  of  EOS 
j ■ . 

Orbital  propellant  depot 

Product  configuration  audit 

Propellant  conditioning  unit  (also  APCU) 

Payload 

Propulsion  module 
Reusable  nuclear  shuttle 
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TDRSS 

TS 
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Reusable  space  tug 

Tracking  and  data  relay  satellite  system 
Tank  set 
Thermal  vacuum 
Thrust  to  weight  ratio 


UP 


Unmanned  payloads 
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CONCLUSIONS 


The  conceptual  design  effort  has  supported  the  missions,  operations, 
costs,  and  development  studies.  Conceptual  designs  have  been  made  of  many- 
alternative  modular  and  vehicle  integrated  concepts,  and  70  drawings  have 
been  produced.  From  this  study  effort  the  following  conclusions  can  be 
drawn: 

1.  Single  stage,  tandem  two  stage,  and  1-1/2  stage  concepts  (the 
three  baseline  concepts)  are  viable,  feasible  candidates  for 
accomplishing  reusable  space  tug  objectives. 

2.  Concepts  1 and  11  are  more  feasible  than  Concept  5 because  the 
latter  is  not  compatible  with  the  EOS  cargo  bay  limitations. 

3.  Major  interfaces  are  those  with  other  space  program  hardware 
systems  such  as  the  EOS,  EOSS,  OPD,  CIS/RNS,  OLF,  LSB, 
and  DSFN.  The  most  important  and  sensitive  of  these  interfaces 
is  that  of  the  EOS  (the  tandem  two- stage  concept  is  too  long  to  fit 
into  the  EOS  cargo  bay). 

4.  A suitable  set  of  subsystems  has  been  identified  for  the  tug  and 
the  operational  design  philosophy  employed  is  sensitive  in  terms 
of  influence  on  tug  sizing  and  weight. 

5.  The  conceptual  design  has  permitted  realistic  analysis  of  pre- 
liminary weights  for  the  three  baseline  concepts,  and  shows  a 
variation  of  about  25  percent;  these  weights  are  very  sensitive  to 
staging  modes  as  well  as  to  inert  weights . Advanced  propulsion 
performance  is  required  to  provide  the  specific  impulse  and 
propellant  inlet  conditions  necessary  for  tug  performance  with 
reasonable  size  and  weight. 

6.  Docking  requirements  can  seriously  impact  tug  configuration 
design;  the  standard  space  station  neuter  docking  hardware  is  too 
heavy  to  be  considered  for  universal  tug  use,  and  centerline 
docking  can  affect  or  dictate  engine  numbers  and  arrangement. 

7.  A fully  modular  IM  design  has  been  found  to  be  feasible  but  incurs 
a weight  penalty  for  its  structure  which  could  be  avoided  if  a 
nonmodular  approach  were  acceptable  as  an  alternative. 
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8.  Design  studies  have  indicated  a close  relationship  between  the 
engines , mission  redundancy  requirements,  the  centerline  docking 
provisions,  the  adjacent  02  tanks,  and  the  structural  load  path 
provisions  (if  any)  for  kits  such  as  lunar  landing  gear.  These 
combined  relationships  have  resulted  in  a four-engine  cluster, 
four  C>2  tanks,  and  a small  centerline  base  docking  port  (passive) 
for  the  three  baseline  design  concepts. 

9.  If  lunar  mission  requirements  are  not  allowed  to  impact  the 
designs,  a two-engine  configuration  results  in  a lighter  vehicle 
which  favors  a one  or  two  O2  tank  arrangement. 

10.  Without  considering  base  docking,  a single  engine  provides  the 
highest  possible  engine  performances  for  a given  weight  and 
therefore  results  in  the  lightest  vehicle.  However,  the  engine 
size  is  likely  to  be  out  of  the  range  being  considered  on  the  EOS 
for  the  Orbital  Maneuvering  System  and  would  thus  preclude  a 
potentially  common  engine  development. 

11*  The  basic  tug  should  be  designed  for  earth  orbital  mission  opera- 
tions. Modifications  for  lunar  mission  adaptation  should  be  made 
as  a block  charge  at  a later  time. 

12.  The  tug  and  the  EOS  programs  should  be  carefully  coordinated  to 
insure  maximum  commonality  of  hardware  and  technology  for 
minimum  combined  program  cost. 
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1 .0  CONCEPTUAL  DESIGN  APPROACH 

1.  1 INTRODUCTION  AND  BACKGROUND 
1.  1.  1 BACKGROUND 

Without  conceptual  arrangements  and  their  preliminary  characteristics, 
it  would  not  be  possible  to  evaluate  realistically  the  reusable  space  tug  (RST) 
interfaces  and  operations  nor  should  it  be  possible  to  determine  a basis  for 
relative  costs  and  the  ramifications  of  variations  in  missions,  modes,  and 
operations.  Initially,  the  space  tug  was  conceived  to  be  launched  either  by 
the  earth-orbital  shuttle  (EOS)  or  by  a Saturn  booster.  The  Saturn  booster 
concepts  appeared  to  be  best  suited  for  lunar  missions  because  of  their 
essentially  unlimited  diameter  and  lack  of  critical  weight  limitations.  Later, 
it  was  determined  that  use  of  the  Saturn  booster  for  RST  would  be  unlikely, 
and  thus  the  influence  of  lunar  missions  on  tug  design  was  reduced.  Com- 
patibility with  the  EOS  then  became  a dominant,  driving  consideration. 

Space  station  interfaces  were  determined  to  be  important  but  less  so  than 
those  of  the  EOS.  Subsystems  synthesis  also  was  a necessary  part  of  total 
concept  synthesis  and  had  a significant  effect  on  concept  weights. 

1.1.2  OBJECTIVES 

The  objectives  of  the  design  concept  synthesis  effort  were  to: 

1.  Determine  feasible  concept  configurations  and  arrangements 

2.  Permit  realistic  assessment  of  major  interfaces  and  constraints 

3.  Enable  synthesis  of  subsystems  suitable  for  space  tug  missions 

4.  Permit  preliminary  weight  analysis 

5.  Permit  evaluation  of  mission  modes  and  operations 

6.  Provide  the  basis  for  preliminary  cost  analysis  and  development 
plans 
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1.1.3  MISSION  CONSIDERATIONS 

The  three  general  mission  areas  being  considered  are  (1)  low  earth- 
orbital  (2)  high  earth-orbital  or  planetary,  and  (3)  lunar.  These  are 
characterized  by  low  delta-V  low-to-high  payloads,  high  delta-V  medium 
payloads,  and  moderate  delta-V  high  payloads,  respectively.  Within  these 
mission  areas,  several  basic  staging  concepts  were  possible,  each  having 
a pronounced  effect  on  configuration  synthesis.  The  geosynchronous  high 
orbit  mission  with  a 10-K  payload  was  found  to  be  the  performance  driver, 
while  the  lunar  landing  missions  were  the  strong  configuration  drivers  in 
a multimission,  universal  or  flexible  concept  (Figure  1-1).  At  the  outset, 
the  lunar  mission  configurations  received  major  attention  because  of  their 
strong  influences  on  the  multipurpose  tug  design  arrangement  concept; 
however,  in  the  later  phases  of  study,  other  mission  areas  (i,  e.  , earth- 
orbital)  were  explored,  and  lunar  missions  penalties  were  not  permitted  to 
influence  the  configurations.  This  provided  a basis  for  evaluating  the  multi- 
purpose versus  limited  purpose  concepts  and  the  logic  for  subsequent 
development  of  an  evolutionary  approach  to  a multipurpose  tug. 


HIGH  PERFORMANCE  "RACEHORSE"  TUG 
•GEOSYNCHRONOUS 
•PLANETARY 


MIN  I -TUG  FLEXIBLE  WORKHORSE 
• EARTH  ORBIT  SATELLITE  OPERATIONS 
•EARTH  ORBIT  EXPERIMENT  TENDING 
•EARTH  ORBIT  MODULE  ASSEMBLY 


► QUESTION  - CAN  ONE 
MODULAR  CONCEPT 
! AND  DESIGN  DO  THESE 
JOBS  EFFECTIVELY? 


LUNAR  LANDING  TUG  J 

•CREW  AND  CARGO  LANDING  FROM  ORBIT 
•INTERORBIT  SHUTTLE 


Figure  1-1.  RST  Mission  Area  Trend 
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2.  CONFIGURATION  DRIVERS  AND  CONSTRAINTS 


1,2.1  MAJOR  IPP  INTERFACES 


Earth-Orbital  Shuttle  (EOS) 

During  the  RST  study,  NR  also  conducted  an  EOS  Phase  A-B  study 
for  NASA-MSC.  Close  contact  with  EOS  program  study  personnel  helped 
to  achieve  a better  understanding  and  insight  into  mutual  characteristics 
affecting  RST  concepts.  The  foremost  physical  constraint  has  been  the 
60-foot  (18.  3 m)  length  and  the  15-foot  (4.  6 m)  diameter  limits  for  the  RST 
in  order  to  be  carried  within  the  EOS  cargo  bay.  A number  of  different 
schemes  were  studied  for  payload  deployment  (such  as  the  RST  and  cargo 
moduies)  m and  out  of  the  EOS  cargo  bay.  The  basic  approaches  that  appear 
to  have  the  most  promise  are  believed  to  be  a swing-out  manipulator  arm  at 
the  forward  end  of  the  EOS  cargo  bay  to  which  payloads,  such  as  the  tug 
would  be  attached  and  to  which  the  tug  would  be  hard-docked,  and  a cherry- 
picker  set  of  manipulator  arms  for  cargo  deployment  and  soft  docking 
(Figure  1-2).  In  the  latter  case,  the  tug  payload  would  be  restrained 
ongitudinally  and  laterally  within  the  bay  along  its  length  rather  than  pri- 
marily at  one  end  as  with  the  earlier  manipulator  concept.  These  EOS 
approaches  naturally  affect  the  EOS-RST  docking  concept  and  structural 
support  provisions  and  thus  have  been  monitored  closely  in  the  RST  study. 

In  SOf1t  CaSGS'  the  RST  c°ncept  length  with  geosynchronous  payload 
may  exceed  the  cargo  bay  constraint.  In  this  event,  the  payload  would  be 
launched  separately  (second  EOS)  and  then  mated  to  the  tug  in  orbit. 
Exceeding  the  EOS  cargo  weight  limit  was  generally  not  a problem,  because 
the  tug  is  space-based  and  therefore  can  be  placed  in  orbit  dry  of  propellants 
for  subsequent  orbital  fueling.  With  ground-based  concepts,  the  gross 
weight  of  the  tug  may  be  limited  by  EOS  cargo  weight  limitations. 

The  tug  payload  was  assumed  to  be  largely  independent  of  the  EOS 
"mother  ship"  for  other  than  structural  interfaces  while  in  the  cargo  bay 
Exceptions  may  be  electrical  interface  for  status  monitoring  and  possibly 
for  control  and  fluid  interfaces  for  propellant  dump  and  even  for  emergency 
transfer  of  propellants  into  EOS  during  an  abort  maneuver  (if  the  tug  is 
ground-fueled).  Naturally,  the  RST  and  EOS  have  a communications  inter- 
face, which  could  include  monitoring  and  remote  control  (following  deploy- 
ment) and  active  or  passive  communications  and  control  from  either  vehicle 
uring  return  rendezvous  and  docking  maneuvers. 
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APPROACH 

GEOMETRY 

DESCRIPTION 

ROTATION 

PAYLOAD  ROTATED  OUT  OF  CARGO  BAY  ABOUT 
FORWARD  END 

TRANSLATION 

PAYLOAD  TRANSLATED  UPWARD  FROM  CARGO  BAY 

/////////////  A 

ARTICULATION 

1 

& 

PAYLOAD  PLUCKED  OUT  OF  CARGO  BAY  BY 
CHERRY-PICKER  ARMS 

Figure  1-2.  Earth-Orbital  Shuttle  Cargo  Deployment  Alternatives 
Other  Operational  Interfaces 

The  basic  space-based  tug  concepts  are  assumed  to  be  launched  empty 
of  propellants  for  three  reasons.  The  first  reason  is  that  the  cryogenic 
propellant  tank  insulation  concept  can  be  simpler  and  more  effective,  and 
the  second  reason  is  the  likelihood  that  the  RST  would  exceed  EOS  cargo 
weight  capability  if  it  is  fully  fueled  prior  to  launch.  A third  reason  is  that 
extended,  multiple  missions  from  a space  station  base  may  be  more  econom- 
ical. Loads  while  in  the  EOS  bay  also  would  be  low  when  the  tug  is  not 
fueled  with  propellants.  With  a Saturn  launch,  however,  payload  weight 
restrictions  are  not  encountered,  and  the  tug  would  most  likely  be  launched 
fueled  (Figure  1-3).  In  this  case,  therefore,  the  Saturn  launch  accelerations 
of  approximately  5 g would  establish  the  tug  design  loads.  X 

A truly  space-based  RST  undoubtedly  would  be  based  at  an  earth- 
orbital  space  station  such  as  the  EOSS,  which  also  is  under  Phase  B study 
at  NR  for  NASA-MSC.  This  implies  docking  at  the  EOSS  with  quiescent 
storage  between  missions.  Thus,  compatible  docking  interfaces  are 
required.  It  also  is  likely  that  such  a space  station  would  serve  as  a con- 
trol center  for  RST  operations,  including  remote  control  (when  the  tug  is 
unmanned). 
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EOS  LAUNCH 
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Figure  1-3.  Ground-Based  Versus  Space-Based  Loads 

Another  possibility  would  be  to  use  a space-based  tug  in  connection 
with  an  orbiting  propellant  depot  (OPD)  or  facility  such  as  also  under  cur- 
rent study  at  NR  (NASA-MSFC).  Docking  and  compatible  refueling  pro- 
visions would  be  necessary  in  this  case.  (Design  concepts  presented  later 
in  this  report  include  such  provisions  for  refueling.)  These  provisions  also 

could  be  used  when  there  is  no  separate  OPD  and  the  EOS,  itself,  is  used  in 
a tanker  mode  instead. 


Should  one  of  the  large  chemical  injection  stages  (CIS)  such  as  the 
S-II  derivatives  (under  study  at  NR  for  NASA-MSFC)  be  used,  then  the 
RST  also  must  be  compatible  with  this  vehicle.  Similarly,  the  use  of  either 
a reusable  nuclear  shuttle  (RNS)  or  its  chemical  equivalent  (CLS)  for  earth- 
lunar  orbit  operations  implies  tug  interfaces  (both  concepts  also  are  under 
study  at  NR  for  NASA-MSFC).  At  the  lunar  end  of  cislunar  missions,  the 
RST  might  interface  operationally  with  an  orbiting  lunar  station  (OLS)  or 
lunar  surface  base  (LSB).  These  two  lunar  concepts  are  being  studied  at 
NR  for  NASA-MSC  and  NASA-MSFC,  respectively. 
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The  RST  has  been  identified  as  having  the  most  interfaces  of  all  JPP 
elements  (1)  (Figure  1-4).  The  approach  was  to  consider  the  physical  and 
operational  interfaces  in  each  case  and  to  assess  their  influence  on  RST 
design  and  operations.  Because  nearly  all  of  these  elements  are  in  a state 
of  flux  or  are  only  loosely  defined  at  this  time,  it  is  extremely  important 
that  a flexible  approach  be  taken  in  the  immediate  future  with  generous 
allowances  for  alternatives.  Therefore,  it  is  especially  important  to 
maintain  cognizance  of  the  interrelationships  of  these  IPP  elements;  the 
study  was  benefited  in  this  respect  because  of  NR's  broad  involvement  in 
IPP  studies  and  concepts.  In  addition  to  the  size  and  weight  constraints  of 
the  EOS  cargo  bay,  some  other  particularly  important  interfaces  include  a 
universal  rendezvous  and  mechanical  docking  system,  refueling  system, 
communications  interfaces,  and  an  integrated  cargo  handling  concept  between 
space  systems. 

1.2.2  EARTH  ORBITAL  VERSUS  LUNAR  MISSION  REQUIREMENTS 

The  differences  in  requirements  for  earth  orbital  and  lunar  missions 
are  such  that  they  do  constitute  major  differences.  Low  earth  orbit  missions 


generally  do  not  require  high  performance  from  the  space  tug,  but  instead 
they  are  characterized  by  payload  variety  and  flexibility,  high  mission  fre- 
quency, and  small  to  moderate  AV  increments.  They  may  be  either  manned 


Figure  1-4.  Docking  Interfaces 
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or  unmanned  with  remote  monitoring  and  control  being  provided  from  another 
major  IPP  element  such  as  the  EOS  or  EOSS.  Lunar  missions  provide  unique 
driving  requirements  on  the  configuration  in  several  respects  (Figure  1-5): 

1.  Addition  of  lunar  landing  gear 

2.  Requirement  for  deep  throttling  of  engine(s) 

3.  Need  to  provide  low  vehicle  eg  for  landing  stability  and  light 
landing  gear 

4.  Need  for  each  crew  and  cargo  access  to  and  from  the  lunar  surface 

5.  Visibility  for  a manned  landing  during  descent 

6.  Critical  mission  phases  during  descent  and  ascent,  which  tend 
to  require  multiple  engines 

7.  Tendency  to  require  scar  weights  on  the  basic  RST 

8.  Assembly  of  kits  peculiar  to  lunar  missions 

9.  Longer  mission  durations  and  remote  basing  (lunar  orbit) 


LUNAR  LANDING  TUG 


CREW  ACCESS  AND 
VISIBILITY  OF 
DOCKING 


LANDING 

LOADS 


ENGINE 

THROTTLING 


CREW  VISIBILITY 
FOR  LANDING  (LOW 
LOCATION  PREFERRED) 


LOW  CENTER 
OF  GRAVITY 


ACCESS  TO  AND 
FROM  SURFACE 

• CREW 

• CARGO 


EARTH-ORBITAL  TUG 


MANIPULATORS 


• LOW  ORBIT 


• HIGH  ORBIT 
OR  PLANETARY 


• FORWARD  DOCKING, 
DOCKING  VISIBILITY 
AND  ACCESS  BY  CREW 


HIGH  PERFORMANCE 
PROPULSION 
2 STAGES 


Figure  1-5.  Concept  Design  Drivers 
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The  necessary  characteristics  are  believed  to  be  achieved  best  by 
utilizing  landing  gear  in  kit  form,  which  can  be  assembled  to  the  vehicle  in 
earth  or  lunar  orbit.  Other  kits  needed  for  the  lunar  landing  mission  only 
are  extra  horizontally  oriented  radiators  for  the  lunar  surface  stay  extra 
consumables,  a possible  larger  antenna  (depending  upon  the  relay  systems 
availability  in  lunar  orbit),  and  cargo  pods. 

Proportional  engine  throttling  is  required  for  good  dynamic  control 
during  lunar  touchdown  maneuvers.  Landing  gear  becomes  long  and  unduly 
heavy  if  the  vehicle  eg  is  not  kept  low  by  locating  the  heavier  modules  and 
components  low  in  the  landing  configuration.  This  and  the  need  for  easy 
unloading  access  on  the  surface  tends  to  favor  balanced  outboard  (laterally 
displaced)  cargo  pods  or  modules.  Likewise,  surface  access  and  visibility 
considerations  (as  well  as  low  eg)  tend  to  favor  having  the  crew  module  on 
the  bottom  of  the  stack.  During  the  final  landing  retro  and  touchdown 
maneuvers  or  during  lunar  takeoff,  engine  failure  could  be  disastrous;  thus 
the  tendency  is  to  favor  multiple  engine  configurations.  On  the  other  hand 
the  difficulty  of  achieving  the  important  geosynchronous  10-K  payload  inser- 
tion mission  (which  establishes  RST  propellant  capacity)  attests  to  the  need 
to  avoid  scar  weights  for  lunar  missions. 

In  some  earth-orbital  missions  such  as  payload  transfer  to  and  from 
EOSS-EOS,  double-ended  docking  on  the  tug  would  permit  alternately 
maneuvering  the  fresh  and  the  spent  cargo  payloads,  thus  facilitating  cargo 
module  exchange;  although  alternate  ways  of  accomplishing  this  mission 
may  be  available.  Docking  at  the  aft  (engine)  end  of  the  tug  also  may  be 
desired  for  interfacing  with  the  EOS  cargo  bay  manipulator.  (However^ 
this  concept  may  not  be  the  final  choice  for  EOS  cargo  handling.  ) These 
aft  docking  requirements  tend  to  preclude  a single-engine  configuration, 

unless  an  unusual  and  larger-diameter  concentric  docking  mechanism  were 
permissible. 

The  geosynchronous  orbit  10-K  payload  placement  mission  establishes 
the  vehicle  propellant  sizing  as  the  most  demanding  primary  mission 
because  of  the  very  high  delta  V encountered.  These  demands  require  that 
inert  weights  for  other  missions  are  to  be  avoided  generally  in  order  that 
ye  lcle  propellant  sizing  does  not  become  excessive.  Likewise  high  per- 
formance from  engines  is  demanded.  This  tends  to  favor  a single  large 
engine  as  compared  to  multiple  smaller  ones,  because  engine  technology 
cycle  balance  limitations  do  not  permit  the  necessary  high  chamber  pressure 
lor  high  Isp  at  high  mixture  ratios  in  smaller  engines.  Multiple  engines 
also  are  heavier  but  are  shorter  and,  moreover  possibly  can  be  nested 
better  in  and  around  tanks  to  yield  a shorter  vehicle. 


« 
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In  low  earth  orbit,  payloads  vary  from  very  small  to  very  large  and 
massive  (up  to  1/4  million  pounds  - 136,  000  Kg),  such  as  a space  station 
module  or  RNS.  Generally,  delta-V  requirements  are  small  and  sometimes 
can  be  handled  by  the  RCS  engines  alone.  Manned  earth-orbital  missions 
require  the  CM  to  be  forward  (opposite  end  from  engines)  to  provide  visi- 
bility for  rendezvous  and  docking  operations  and  for  pressurized  docking 
transfer  of  crew.  For  manned  lunar  landers,  the  CM  should  be  on  the  bottom 
of  the  stack  to  facilitate  landing  vision  and  to  provide  for  easy  surface  egress 
and  access.  Such  considerations  are  shown  in  Figure  1-5. 


RCS  jets  should  not  be  located  close  to  the  RST  payload  docking  end, 
if  large  diameter  payloads  are  to  be  moved  because  of  potential  jet  impinge- 
ment. The  wide  range  of  possible  tug  payloads  and  configurations  makes 
longitudinal  eg  a wide  variable,  and  this  makes  ACPS-RCS  jet  placement 
(with  a minimum  number  of  jets  for  adequate  redundancy)  more  difficult. 


1.  2.  3 OTHER  FUNCTIONAL  DESIGN  CONSTRAINTS  AND  DRIVERS 


The  approach  to  concept  configuration  design  considers  the  effects  of 
such  factors  as  relationships  between  functions,  modular  philosophy,  opera- 
tions interfaces,  and  physical  constraints. 

Modules 


The  tug  vehicle  subdivides  into  convenient  modules  according  to 
considerations  of  manufacture,  test,  mission  operations,  technologies 
involved,  alternate  uses,  and  relationships  between  functions  and  modules. 
These  are  the  propulsion  module  (PM),  intelligence  module  (IM),  crew 
module  (CM),  and  cargo  module  (CAM),  plus  special  mission-peculiar  kits, 
which  can  be  utilized  with  the  other  tug  modules  (Figure  1-6  ). 

PM 


The  PM  function  involves  primarily  propulsion  technology  for 
propellant  and  gas  tanks,  pressurization,  thermal  control,  venting,  refuel- 
ing and  dumping,  controls  and  actuators,  and  engines.  The  technologies 
involved  are  principally  those  of  the  major  engine  manufacturers,  such  as 
Aerojet,  Pratt  & Whitney,  and  Rocketdyne,  except  that  the  tankage,  related 
structure,  and  thermal  control  are  most  commonly  provided  by  the  major 
space  system  developers.  The  PM!  is  a convenient  unit  tomanufcicture  and 
test  and  can  be  used  singly  or  in  multiples,  parallel,  or  tandem/  where 
required.  Because  it  is  used  on  nearly  all  types  of  missions  regardless  of 
the  others  and  because  it  is  critical  to  basic  vehicle  performance,  the  PM  is 
one  of  the  most  easily  identifiable  basic  units  or  modules. 
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EARTH  ORBIT  MISSIONS 


• Maximum  performance  in  geosync  mission 

• Single  engine  preferred  for  efficiency 

• Short  configuration  to  save  space 


LUNAR  MISSIONS 


• Modified  high  performance  - minimum  propellant  logistics 

• Minimum  scar  provisions  for  landing  missions 

• Multiple  engines  desired  for  redundancy 


• 6-man  crew  transport 

• 2-man  working  module 

• Pressurized  crew  transfer 

• Visibility  of  payload  decking  operations  - 
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1M  [•  Lunar  landing  visibility,  surface  access 


low  in  vehicle  stack 


• Subsystems,  "brains” 

• Manned  or  unmanned  provisions 

• Remote  or  manual  control 

• Easy  loading  at  space  station 

• Transferable  to  another  vehicle 

• Pressurizable,  double  docking 


• Extra  provisions  for  manned  flight 

• Manipulators  for  repair  and  retrieval 

• Neuter  docking  adapters  - either  end 
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• Subsystems,  "brains" 

• Adaptable  to  manned 


CAM 


Adaptable  to  manned  or  unmanned  operations 
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• Single  module  can  be  left  on  surface 

• Easy  loading  at  LOSS 

• Easy  unloading  on  surface 
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• Extra  subsystems  required  for  manned  flight 
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• Extra  cooling  radiators 


KITS 


Figure  1-6.  Desired  Vehicle  Module  Characteristics 
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The  PM  physical  design  constraints  are  indicated  in  Figure  1-7.  The 
length  and  diameter  constraints  permit  the  PM  to  be  transported  to  orbit  by 
EOS  with  payload  attached  if  possible  to  avoid  orbital  assembly  operations. 
Provisions  on  the  upper  end  of  the  PM  provide  for  the  always -pre sent  IM 
support  attachments;  being  a multifluid  and  electrical  interface,  the  attach- 
ment is  best  accomplished  on  the  ground  where  clean  room  conditions  and 
excellent  checkout  facilities  are  available.  Except  for  design  constraints, 
any  number  of  engines  could  be  used.  These  constraints  include  desirable 
centerline  docking,  nesting  of  engines  between,  around,  and  amont  propellant 
tanks  for  minimum  length,  and  the  potential  for  utilizing  a common  engine 
development  with  the  EOS  orbital  maneuvering  system.  The  aft  docking 
port  is  convenient  for  handling  multiple  cargo  module  exchanges  in  low 
earth  orbit,  docking  to  a manipulator  facility  in  EOS  cargo  bay,  or  for 
permitting  convenient  docking  to  an  orbital  propellant  facility  or  depot  (OPD). 

IM 


The  IM  is  considered  to  be  a convenient  accumulation  of  the  "brains" 
and  minor  "muscles"  (G&N,  telecom,  power,  attitude  control  propulsion 
system,  and  ACPS).  The  equipment  involved  is  primarily  electronic  in 
nature  but  includes  electromechanical  and  fluid  systems  as  well.  The  main 
reason  for  the  existence  of  the  IM  as  an  entity  is  the  flexibility  in  application 
it  affords  for  variable  uses  and  configurations. 

An  alternate  philosophy,  which  may  be  preferable  where  diversity  of 
applications  are  not  considered  as  important,  is  to  utilize  a semimodular 
IM  approach.  Here,  the  functions  and  equipment  that  are  closely  related  in 
terms  of  technology  or  interaction  are  located  in  the  PM,  and  the  more 
strictly  electronic  items  only  are  located  in  a separate  area  or  partial  IM. 
Examples  of  the  PM- related  equipment  are  the  ACPS  and  electrical  power 
equipment.  In  the  electronics  category  are  the  avionics  equipment,  such 
as  G&N,  telecom  and  data.  This  alternative  IM  approach  appears  to  be 
potentially  superior  (although  at  the  possible  sacrifice  of  autonomous  opera- 
tions flexibility)  in  natural  separation  of  items  for  manufacturing,  test  and 
checkout  and  refurbishment  interfaces  or  interrelationships.  For  the  * 
reusable  space  tug  study,  the  full  modular  IM  flexible  approach  has  been 
adopted  as  a baseline  for  the  vehicle  concepts,  but  the  semimodular  IM 
also  is  considered  a viable  candidate. 

IM  design  constraints  are  shown  in  Figure  1-8  for  a fully  modular 
concept.  Typical  equipment  is  shown,  including  RCS  engine  clusters. 
Analysis  of  the  requirements  for  redundancy  resulted  in  the  pentad  cluster 
indicated,  and  these  clusters  are  retracted  within  the  maximum  diameter 
by  hinging  or  rotating  the  doors  on  which  they  are  mounted. 
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Figure  1-7. 
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Figure  1-8.  Intelligence  Module  Design  Constraints 


CM 


Tug  missions  may  be  either  manned  or  unmanned;  therefore,  the  CM 
is  a separate  optional  module.  Because  of  weight  sensitivity  of  the  tug  in 
certain  high  delta-V  missions,  it  is  necec  ?ary  to  put  the  additional  sub- 
systems capability  for  manned  missions  in  ie  CM  or  add  them  to  the  IM, 
which  is  basically  constituted  for  unmanned  missions.  This  approach 
minimizes  the  scar  weight  carried  on  unmanned  missions. 


Figure  1-9  shows  crew  module  (CM)  design  constraints.  The  15-foot- 
diameter  (4.  6 m)  module  with  a length  of  approximately  8 feet  (2.  4 m)  has 
more  than  adequate  space  volume  per  man  (in  accordance  with  accepted 
standards)  for  tug  mission  conditions.  The  CM  is  basically  a 7-man,  7-day 
mission  crew  transport  for  up  to  6 men  (the  latter  figure  could  be  doubled 
for  emergency  rescue  missions).  Provisions  are  shown  for  either  vertical 
or  horizontal  orientation,  requiring  pressurized  docking  for  shirtsleeve 
crew  transfer  plus  an  emergency  escape  hatch.  The  horizontal  configura- 
tion evolves  with  a 12-foot  (3.  7 m)  diameter  and  does  not  stack  as  well  nor 
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T igure  1 - 9 • Crew  Module  Design  Constraints 

integrate  as  easily  with  other  cylindrical  modules.  The  same  basic  module 
can  be  simply  converted  to  serve  as  a temporary  lunar  station  (or  earth 
and  lunar  orbital  station)  module  for  lunar  landing  missions.  The  design 
of  this  module  is  such  that  it  could  also  be  utilized  in  a number  of  other 
ways  and  in  alternate  system  applications  to  minimize  the  overall  costs  with 
separate  but  similar  developments.  Examples  of  its  use  would  be  as  an 
interim  space  experiment  module,  orbital  station  modular  element,  OPD 
control  module,  or  use  of  the  CM  shell  as  a pressurized  cargo  module. 

A minimum  crew  module  for  manned  control  only  would  be  a two-man 
module  (1  pilot  capable  of  control).  Considering  the  number  of  times  it 
would  be  needed,  the  cost  of  an  extra  module  development  and  the  logistics 
scheduling  problems  with  two  types  of  CM's  (2-  and  6-man),  the  use  of  the 
6-man  CM  off-loaded  is  a better  approach. 

CAM 


Requirements  for  a cargo  module  (CAM)  appear  primarily  in  the 
lunar  mission  area.  However,  the  EOSS  program  studies  have  included  the 
use  of  cargo  modules  in  conjunction  with  the  space  station  resupply  and 
experiment  functions  and  in  other  expe riment- oriented  programs  utilizing 
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EOS  (SOAR).  On  the  shuttle  study,  transfer  of  cargo  modules  via  tug  to  the 
EOSS  and  return  of  spent  "garbage-can"  cargo  modules  to  the  EOS  for  earth 
return  has  been  considered. 

For  landing  10-K  (4.  5 Kg)  payloads  on  early  lunar  28-day-stay 
manned  missions,  the  use  of  hemipods,  which  are  halves  (or  quarters)  of 
the  full  modular  diameter  permitted  in  delivery  to  orbit  by  EOS,  are  attrac- 
tive for  landing  mission  support  or  experiment  supplies.  When  separated 
in  earth  or  lunar  orbit,  the  halves  can  be  attached  low  on  opposite  sides  of 
the  tug  lander  to  provide  low  eg  for  minimum  landing  gear  weight  and  easy 
surface  access  to  the  cargo.  These  modules  or  pods  could  be  left  on  the 
surface  for  some  subsequent  base  use  or  conversion.  The  two  hemipods 
could  be  bolted  together  if  a full  cylindrical  module  were  required  for 
earth- orbital  use. 
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1,  3 OVERALL  CONCEPTUAL  APPROACH 


1.3.  1 CONCEPTUAL  DESIGN  LOGIC 

The  logic  of  the  study  conceptual  design  effort  is  shown  in  Figure  1-10. 
Based  on  the  preliminary  requirements  analysis  of  mission  operations  and 
estimates  of  performance  weights,  rough  requirements  for  propellant  quanti- 
ties were  established.  From  these  data  preliminary  conceptual  layouts 
explored  the  many  configurational  possibilities  for  modules,  spacecraft, 
and  interfaces  with  other  hardware  elements.  This  activity  was  conducted 
in  conjunction  with  operations  studies  and  systems  studies  in  a continual 
feedback  and  refinement  loop.  The  candidate  configuration  concepts  that 
evolved  for  various  design  optimization  assumptions  were  evaluated,  and  the 
three  most  favorable  concepts  chosen  at  the  study  midterm  point.  Following 
this,  additional  refinement  iterations  of  mission  operations,  interfaces,  sys- 
tem performance,  weights,  systems  and  subsystems  characteristics,  and 
reliability  considerations  were  conducted  while  the  three  baseline  concept 
designs  were  being  refined.  Data  for  the  refined  concepts  then  were  utilized 
in  the  costs  and  development  plans  analyses. 


BASELINE  CONCEPTS 


SPECIAL  CONCEPTS 
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1.3.2  MODULE  SIZING 

Initially  in  the  study,  the  basic  modular  diameter  was  considered 
"open"  and  still  to  be  determined.  Factors  in  determining  module  shape  and 
dimensions  were  the  triple  considerations  of  launch  vehicle  compatibility, 
minimum  inert  weights,  and  general  reasonableness  of  the  sizes  and  shapes 
or  volumes  that  result  in  regard  to  usage,  convenience,  assembly,  and 
interfaces  (Figure  1-11).  PM  diameters  of  22  feet  (6.  7 m),  15  feet  (4.  57  m) 
and  12  feet  (3.  66  m)  were  explored  (Figure  1-12).  The  22-foot  diameter 
concept  would  be  basically  compatible  with  a Saturn  booster.  The  15-foot 
diameter  concept  is  basically  compatible  with  the  EOS  cargo  bay  clearance 
limit,  although  it  should  be  noted  that  in  EOSS  Program  studies,  the  PM 
14-foot  (4.  27  m)  diameter  has  been  considered  to  be  the  outside  diameter 
limit  for  EOS  cargo  and  experiment  modules.  The  12-foot  diameter  PM 
was  explored  to  provide  a range  for  parametric  evaluation  of  the  diameter 
effects.  Weight  relationships  are  shown  in  Figure  1-13  for  the  basic  element, 
the  PM.  The  15-foot  diameter  module  is  seen  to  be  near  optimum.  In 
addition,  it  was  found  during  the  study  that  EOS  launch  is  probably  the  only 
viable  approach,  and  this  would  heavily  favor  the  15-foot  diameter  concept. 

(A  brief  study  indicated  that  a larger  diameter  tug  carried  outside  the  mold- 
line of  the  EOS  is  not  a total  impossibility  in  theory  but  in  practice  could  be 
a most  difficult  task  aer ©dynamically  and  structurally.  A diameter  smaller 
than  15  feet  (4.  57  m)  would  produce  a lighter  module,  but  the  EOS  cargo 
bay  space  would  not  be  used  effectively  and  this  would  tend  to  lengthen  the 
"bird"  beyond  the  allowable  limit  of  60  feet  (18.  3 m)  for  both  tug  and  payload. 

Having  determined  the  base  diameter,  the  approach  was  then  to  con- 
ceive the  shortest  PM  configuration  consistent  with  keeping  weight  low  so 
that  propellant  and  overall  weights  could  be  kept  low.  In  general,  the 
additional  constraints  or  features  required  and  desired,  such  as  multiple 
engines,  aft  docking  and  the  weight  minimization,  were  accorded  more 
priority  than  absolute  minimum  length  because  of  the  high  leverage  of  inert 
weight  on  required  propellant,  up  to  7 . 5 pounds  (3.  4 Kg)  of  propellant  for 
each  1 pound  (0.  45  Kg)  of  inert  weight.  These  and  other  options  studied 
related  to  PM  concept  sizing  are  shown  in  Figure  1-14.  A large  recoverable 
single-stage  tug  would  provide  simplicity,  large  propellant  reserve  on  many 
missions,  a temporary  orbital  propellant  storage  facility,,  and  flexibility 
for  accommodating  unusually  large  delta-Y  or  payload  missions  by  tandem 
staging.  However,  some  negative  factors  must  be  realized  (in  parentheses 
m Figure  1-14).  The  single-stage  concept,  as  optimized  for  the  high-enerev 
geosynchronous  10-K  payload  mission,  is  large  and  heavy  and  somewhat 
oversize  for  lunar  missions  where  costly  propellant  resupply  may  be 
aggravated.  An  expandable  stage  would  be  small  and  therefore  would  be  a 
useful  size  for  low  earth-orbital  missions.  However,  negative  factors  are 
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Figure  1.12.  Propulsion  Module  Geometry  Factors,  80,  000-Pound  (46.  3 Kg) 
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Figure  1-13.  Propulsion  Module  Weight  Trends 

that  expending  the  stage  may  tend  to  be  costly,  and  the  small  size  and 
expendable  compromises  for  cost  do  not  permit  the  degree  of  mission 
flexibility  and  reserve  as  does  a large  stage.  As  a lunar  lander,  it  is  too 
small  and  would  tend  to  require  more  complex  clustering  of  two  PM's. 

The  tandem-staged  concept  provides  high  performance  and  a basic  versatile 
PM  size,  but  it  requires  two  IM's  and  does  not  necessarily  fit  lunar-lander 
sizing  concepts  well.  The  expendable  tank  set  concept  appears  to  have  many 
virtues  as  a result  of  being  sized  for  expenditure  of  the  tank  set  on  a geo- 
synchronous (high-energy)  mission.  The  total  gross  weight  is  relatively 
low  compared  to  a single  stage  although  more  complex,  and  the  small  PM 
fits  very  well  into  many  low  earth-orbit  missions.  The  total  concept 
appears  to  be  approximately  the  right  size  for  lunar  landing. 

The  IM  sizing  approach  was  to  investigate  the  design  of  a fully 
modular  concept,  a submodular  concept  in  which  the  subsystems  could 
be  separated  as  units  from  a major  assembly  module,  and  the  dispersed 
or  integrated  concept  (components  integrated  within  PM  wherever  con- 
venient) as  shown  in  Figure  1-15.  The  module  concept  would  have  a 
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Figure  1-14.  Propulsion  Module  Concept  Sizing  Options  and  Virtues 
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Figure  1-15.  Intelligence  Module  Concepts 

15-foot  (4.  6 rri)  diameter  to  permit  stacking  with  other  compatible  modules 
in  various  assemblies  for  different  missions.  The  module  depth  would  be 
as  required  to  incorporate  necessary  subsystem  functions.  The  submodular 
approach  could  actually  be  applied  to  either  of  the  other  two  approaches; 
packages  of  subsystems  could  be  utilized  anywhere  in  the  vehicle  or  together 
in  an  IM  framework.  In  actuality,  the  modular  1M  may  well  evolve  with 
submodules  for  convenience  in  manufacture,  test,  checkout,  repair,  and 
alternate  application  usage.  Still  another  approach  is  to  accumulate  the 
electronic  and  avionics  type  equipment  together  in  one  package  and  the 
electromechanical  and  fluid- related  subsystems  (fuel-cell  electric  power, 
attitude  control,  etc.)  within  the  PM  close  to  the  common  propellant  supply. 

In  this  way,  the  propulsion- related  components  and  the  electronic-type 
components  could  be  separately  manufactured,  qualified,  checked  out,  and 
refurbished  along  common  related  technology  lines. 

Likewise,  crew  modules  of  1 2-,  15-,  and  22-foot  ( 3 . 7,  4.6,  and  6.  7 m) 
diameter  were  examined  for  weight-volume  relationships  (Figure  1-16). 
Again,  the  15-foot  (4.  6 m)  diameter  compatible  with  the  EOS  cargo  bay  was 
found  to  be  a good  compromise  size  in  a single  vertical  cylinder  and  provides 
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Figure  1 - 1 6 . Alternate  Crew  Module  Sizing  Arrangements 
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good  workspace,  adequate  crew  volume  per  man,  and  a reasonable  shape 
for  modular  assembly  stacking  (Figure  1-16).  Horizontal  cylinder  crew 
modules  (CM's)  also  were  evaluated  and  compared  to  vertical  cylinders. 

The  horizontal  configuration  was  investigated  to  determine  its  relative 
advantages  over  a vertical  cylindrical  segment  for  the  lunar  surface  shelter 
application. 

Cargo  modules  were  studied  principally  for  the  lunar  landing  mission, 
because  there  was  no  clear-cut  requirement  for  a tug  module  for  use  in 
other  missions  beyond  those  concepts  currently  being  investigated  in  the 
EOS,  EOSS,  SOAR,  and  RAM  studies.  The  particular  requirements  of  the 
lunar  lander  dictate  that  the  cargo  module  be  basically  a 15-foot  (4.  6 m) 
cylinder  for  EOS  cargo  bay  transport,  which  can  be  split  longitudinally  into 
halves  (or  quarters)  for  subsequent  attachment  in  orbit  to  the  lander  PM. 

In  this  way,  a low  eg  and  excellent  access  to  and  from  the  lunar  surface  is 
assured. 

1.  3.  3 DESIGN  ISSUES  AND  CONSIDERATIONS 

PM  issues  and  considerations  are  summarized  in  Figure  1-17.  In  the 
structural  design  of  the  vehicle,  the  relationships  of  the  meteoroid  protection 
provision,  the  structural  load-bearing  shell,  the  tank  structure  and  supports, 
and  the  multilayer  high-performance  insulation  require  tradeoff  iterations. 
Truss-type  structure  with  integral  propellant  tanks  as  well  as  continuous 
skin- s tr inge r structure  are  candidates.  One  approach  is  to  determine  the 
concepts  that  would  perform  adequately  and  have  acceptable  cryogenic 
propellant  boiloff  with  minimum  overall  concept  weight.  Various  tankage 
shapes,  sizes,  and  numbers  can  be  analyzed,  and  the  tankage  arrangement 
can  include  consideration  of  both  longitudinal  eg  location  (important  for 

lunar  landers  or  for  determining  RCS  jet  moment  arms  under  certain  failure 
mode  conditions). 

Engine  types  to  be  considered  are  those  of  conventional  bell-type 
nozzles,  including  retractable  variants,  and  those  with  varying  degrees  of 
advancement  regarding  engine  nozzle  technology,  chamber  pressure,  area 
ratio  effects,  prime  requirements,  chilldown,  and  net  positive  suction 
pressure  (NPSH)  requirements.  Engine  numbers  from  one  to  four  were 
considered.  Thurst  levels  were  examined  in  relation  to  concept  weights  so 
that  gravity  losses  would  not  be  excessive  while  attempting  to  minimize 
weight  by  keeping  thrust  low.  These  factors  all  have  a large  affect  on 
engine  dimensions  and  tank  pressurization  design.  Due  consideration  also 
is  given  to  potential  commonality  with  the  EOS  orbital  maneuvering  system 
design  requirement.  Dimensions  are  important  to  overall  configuration 
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Figure  1-17.  PM  Issues  and  Considerations 
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optimum  design.  Structural  loads,  docking  provisions,  adjacent  tankage 
configuration,  and  engine  type  and  numbers  comprise  an  interacting  set  of 
variables  found  to  be  paramount  in  establishing  functional  designs  within 
constraints  of  size  and  with  minimum  weight. 

The  APU  or  propellant  conditioning  unit  (PCU)  concept  has  been 
studied  extensively  in  the  Phase  A and  Phase  B EOS  studies  for  NASA. 

The  analysis  optimizes  the  combined  factors  of  reserve  and  redundant 
capacity,  cycle  time,  usage  peaks,  vehicle  location,  etc. 

Conceived  PM  configurations  relate  to  the  interfacing  requirements 
for  the  IM,  the  other  fundamental  unit  comprising  a basic  RST.  If  the  IM 
is  completely  modular,  considerations  are  the  structural  interface  for  its 
support  and  the  functional  interfaces  for  fluids,  gases,  and  electrical 
leads  (Figure  1-18).  As  discus sed  previously,  some  subsystem  elements 
may  be  located  within  the  PM  to  promote  short  propellant  feed  lines,  common 
grouping,  accessibility,  or  procurement  convenience.  The  gaseous  propel- 
lant storage  tanks  which  may  be  located  within  the  IM  must  be  related  to  the 
PCU  capacity  and  cycle  response  to  peak  and  sustained  demands.  These 
and  other  IM  trades  and  considerations  are  indicated  in  Figure  1-19. 

(Internal  subsystems  details  are  discussed  later  in  this  report.) 

Having  chosen  15-foot  (4.  6 m)  diameter,  the  depth  required  is  as 
necessary  to  enclose  the  subsystems  and  the  gaseous  O2/H2  auxiliary  pro- 
pellant supply,  on  the  order  of  3 feet  (0.  9 m).  Subsystem  volumes  required 
may  result  in  a hole  in  the  center  of  the  module  which  can  incorporate  and 
support  docking  kits.  Future  RST  study  phases  will  be  concerned  with  the 
type  and  degree  of  subsystem  grouping  into  submodules  which  appears 
useful  for  promoting  checkout  and  servicing.  For  a long-term  space-based 
concept,  the  possibility  of  pressurizing  the  IM  will  be  considered  so  that 
manned  access  during  maintenance  operations  (or  even  in  a mission)  could 
be  provided.  Locations  for  antennas,  RCS  jets,  and  other  bulky  equipment 
must  be  traded  with  the  weight  penalties  which  result  from  each  set  of 
tradeoff  compromises.  RCS  jets  are  a particular  problem  because  of  their 
potential  variations  in  size,  shape,  number,  and  interference  or  orientation. 

In  addition  to  the  CM  basic  size  and  shape  alternatives,  a number  of 
additional  issues  will  be  considered  (Figure  1-20).  The  CM  may  have  pro- 
visions for  accepting  landing  gear  loads  so  that  the  resulting  scar  weights 
are  not  carried  by  the  PM  in  all  missions  and  modes.  For  manned  Earth- 
orbital  applications  the  CM  would  be  on  top  of  the  vehicle  to  promote 
visibility,  with  a pressurized  port  for  direct  crew  transfer  to  and  from  a 
space  station  or  EOS. 


SD  71-292-4 


1-26 


Space  Division 

North  American  Rockwell 


• MAIN  PROPULSION 

• AUX  PROPELLANTS  SUPPLY 

• LANDING  GEAR  & SENSORS 

• IM  THERMAL  RADIATORS 


• GUIDANCE,  NAV  CONTROL 

• COMM  & DATA  MGMT 

• ELECTRIC  POWER 

• AUX  PROPELLANT  STORAGE 

• AUX  PROPULSION  ( RCS) 


• CREW  PROVISIONS 

• LIFE  SUPPORT 

• MANUAL  G,  N,  & C 

• DISPLAYS 

• CM  THERMAL  CONTROL 

• DOCKING  INTERFACE 


MODULE 

FUNCTIONS 


Figure  1-18.  Module  Functions  and  Interfaces 
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Figure  1-19.  IM  Tradeoff  Studies 
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Figure  1-20.  Crew  Module  Issues  and  Constraints 
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figure  1-21.  Lunar  Lander  Crew  Module  Integration 
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In  a.  lunar  lander,  the  CM  would  be  located  on  the  underside  of  the 
vehicle  to  promote  landing  visibility  and  to  insure  easy  access  and  egress 
to  and  from  the  surface  during  a 28-day  stay.  Locating  this  heavy  mass  on 
the  bottom  rather  than  on  the  top  of  the  lander  stack  insures  that  high  inertial 
loads  are  not  imposed  on  the  PM  during  landings  (Figure  1-21). 

The  pressure  level  within  the  CM  could  be  5 psia  (3.  5 N/CM2)  for  the 
lunar  surface  mission  with  an  O2-N2  mixture. 

In  Earth-orbital  missions  either  a mixed  or  pure  O2  atmosphere  could 
be  utilized  at  5 to  10  psia  (3.5  to  6.9  N/CM2).  To  insure  compatibility  when 
docked  to  a space  station  in  Earth  or  lunar  orbit,  a 14.  7 psia  (10  N/CM2) 
pressure  level  can  be  used.  The  underside  CM  location  implies  docking 
provisions  on  its  bottom  end  to  provide  for  pressurized  crew  loading  or 
unloading  at  an  orbital  station.  An  airlock  is  required  for  lunar  surface 
operations  and  could  incorporate  pump  down  provisions  to  counterbalance 
the  internal  atmosphere  losses  for  missions  of  extended  duration.  Internal 
provisions  can  include  a 2-man  control  station  position  (which  one  man  could 
operate).  Controls  and  displays  would  be  common  to  a degree  with  those 
of  the  EOSS.  Visibility  for  Earth-orbital  and  for  lunar  landing  missions  is 
needed.  The  lunar  lander  would  probably  require  special  inclined  windows 
to  promote  observation  of  surface  conditions  during  touchdown.  As  noted 
previously,  horizontally-oriented  versions  of  the  CM  can  promise  advantages, 
particularly  for  the  manned  lunar  landing  mission.  However,  integrating 
such  a shape  into  a vehicle  stack  does  pose  a problem  in  regard  to  inter- 
faces and  load  paths,  and  this  consideration  must  be  traded  against  the 
potential  gains  as  a shape  for  a lunar  shelter. 


In  considering  cargo  modules  (CAM),  the  mission  Considerations  must 
be  traded  with  the  problems  of  transport,  attachment  to  a tug,  loading, 
unloading,  and  operations  required^  Space  station  logistics  studies  con- 
ducted separately  were  centered  on  cargo  modules,  which  are  of  14  to 
15  feet  (4.  3 to  4.  6 m)  in  diameter  for  transport  in  the  EOS  cargo  bay.  Use 
of  these  modules  with  the  tug  appears  feasible  rather  than  requiring  a special 
module  as  part  of  a tug  program.  For  lunar  landing  missions,  the  con- 
straints on  lateral  and  vertical  eg  position  considerations  of  access  from  the 
surface  tend  to  require  special  modules  or  pods,  such  as  full  cylinders 
halves,  or  quarters  of  a cylinder  less  than  15  feet  (4.  6 m)  in  diameter/ 

These  modules  can  be  assembled  to  the  outside  of  the  lander  s':  opposed  to 
clusters  of  PM's  about  a central  cargo  core  module.  General  vehicle  com- 
plexity in  these  cases  is  an  important  consideration;  another  consideration 
is  whether  or  not  the  CAM  is  the  driver  in  establishing  the  total  vehicle 
concept  as  in  the  case  of  multiple  PM's  clustered  around  central  cargo. 
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Kits  for  special  purpose  functions  can  be  considered  as  mission- 
oriented  equipment  in  some  cases  or  as  add-on  features  to  a basically 
simple  tug.  The  lunar  landing  missions  in  particular  require  a number  of 
features  not  necessarily  present  in  other  mission  applications.  Landing 
gear  must  be  attached  in  such  a way  as  to  distribute  concentrated  loads  from 
struts  into  areas  of  existing  heavy  structure  if  possible.  A plug-on  kit  con- 
cept might  be  attached  to  the  CM  aft  docking  port  and  to  existing  structure 
while  possibly  utilizing  another  tug  for  orbital  assembly  operations.  Extra 
radiator  area,  horizontally  oriented,  can  be  attached  at  the  top  of  the  vehicle 
and  additional  antennas  can  be  used  if  desired  to  communicate  to  Earth 
directly  at  high  data  rates. 

The  approach,  for  some  special  mission  equipment,  such  as  search 
and  acquisition  radar,  particular  docking  configurations,  manipulators 
or  special  maintenance  and  retrieval  grapplers,  is  to  bolt  on  these  items  to 
a basic  tug  (with  provisions)  or  the  special  equipment  can  be  incorporated 
into  submodules.  The  latter  can  be  docked  to  a standard  tug  with  little  if 
any  special  tug  preparation  by  utilizing  the  regular  docking  ports. 

A major  tradeoff  consideration  then  is  whether  to  (or  how  much  to) 
permit  lunar  mission  special  requirements  to  affect  the  design  and  particu- 
larly scar  weights  of  the  basic  tug.  Adequate  provisions  in  the  original 
design  would  make  the  later  transition  to  a lunar  lander  configuration  easier, 
but  this  consideration  must  be  traded  against  the  cost;  heavier  inert  weights 
would  seriously  impact  the  propellant  sizing  for  the  high-energy  geosyn- 
chronous mission.  An  alternative  approach  that  may  be  viable  considering 
the  uncertainty  in  lunar  mission  planning  is  the  one  selected  herein  to  avoid 
such  scar  provisibns  and  to  accommodate  lunar  landing  mission  require- 
ments by  a block  change  in  the  RST  program,  somewhat  analogous  to  the 
Block  I and  Block  II  Apollo  CSM  change.  Among  the  changed  items  could 
be  the  engine  modifications  for  lander  throttling  (about  8 to  1 or  10  to  1), 
possible  change  to  swing- out  type  engines  to  clear  a low  mounting  of  the 
CM,  addition  of  cargo  pods  and  provisions,  lunar  landing  gear  kit,  extra 
lunar  radiator  kit,  and  changes  to  the  CM  arrangement  for  4-man,  28-day 
shelter  use. 
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2.0  CONFIGURATION  AND  CONCEPTS  ANALYSIS 

2.  1 SCOPE  OF  ACTIVITY 

2.  1.  1 CONCEPTUAL  DEVELOPMENT  STUDIES 
Initial  Parametric  Conceptual  Design 

As  noted  in  the  Conceptual  Design  logic  in  the  preceding  section,  the 
initial  activity  involved  the  broad  exploration  of  basic  modules,  multipurpose 
space-based  vehicle  arrangements,  equipment,  and  the  important  interfacing 
systems.  Preliminary  subsystem  characteristics  and  estimates  of  PM 
sizing  (propellant  quantities  required)  were  used  to  permit  early  exploratory 
configuration  concept  layouts.  Different  concepts  used  varying  propellant 
quantities  as  a result  of  different  assumptions  as  to  mission  and  payload 
design  objectives  or  basis  for  optimization.  Since  inert  and  system  weight 
were  changing  rapidly  during  this  period,  propellant  quantities  were  con- 
sidered parametric  within  a range.  These  quantities  of  O2/H2  varied  from 
as  little  as  25,000  pounds  (11,  300  kilograms)  for  an  expendable  design  case 
to  80,000  pounds  (36,  300  kilograms)  for  a fully  modularized,  single-stage, 
autonomous,  space-based  vehicle.  Docking,  refueling,  staging,  tankage, 
engines,  equipment  arrangement,  etc.  were  explored  in  these  early  para- 
metric configuration  design  studies.  Drawings  believed  to  indicate  design 
progress  and  feasibility  are  included  in  this  report;  some  indicate  design 
approaches  that,  probably  should  not  be  followed  in  future  studies. 

Candidate  Concept  Designs 

As  insight  was  gained  into  the  vst.rious  possibilities  and  alternatives, 
and  as  results  of  system  and  subsystem  trade  studies  were  considered, 
candidate  multipurpose  design  concepts  were  developed.  The  concepts  were 
optimized  for  various  primary  mission  conditions  (but  also  usable  for  other 
missions)  and  they  were  prepared  for  the  concept  selection  at  the  study 
midterm  point  (Table  2-1).  Design  activities  are  summarized  in  Table  2-2, 
In  the  table  a synopsis  of  all  significant  design  effort  is  presented,  including 
the  design  refinement  and  alternatives  studies  described  in  a later  section  of 
this  report.  Those  marked  with  an  asterisk  are  the  drawings  included  in 
this  report. 
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I able  2-1.  Summary  of  Candidate  klultipurpose  Approaches 

Staging  Modes* 


Lamar  Mission 


PM  Maximum 

Geosynchronous 

Case 

Capacity  1000  lb 

Mission 

Mode  A 

Mode  B 

Mode  C and  D 

1 

80  (36,  300  kg) 

A- 1** 

A- 1 

A- 1 

A-l 

2 

52  (23,  600  kg) 

D- 1 , B-3 

A - 1 * * 

3 

45  (20,400  kg) 

D-l** 

C-l, D-l 

A - 1 

A-l 

4 

41  (18,  600  kg) 

B-3 

A-l** 

5 

36  (16,  300  kg) 

B-3  ** 

C-l, D-l 

C-l, D-l 

A - 1** 

6 

31  (14,  100  kg) 

C — 4** 

B-3**,  C-l, D-l 

C-l, D-l 

C-l, D-l 

7 

27  (12,  200  kg) 

A-2** 

C-l**,  D-l** 

C-l, D-l 

C-l,  D-l 

8 

23  (10,  800  kg) 

B-5 

B-3** 

9V 

21  (9,  500  kg) 

B-5 

— 

C- !**,  D-l** 

B-3  ** , C - 1 ** , D - 1 ** 

10 

11 

15  (6,  800  kg) 

48/8. 8 (21, 800/ 

_ 4 kg). 

D C 

D- j '*w*' 

E-4** 

E-l 

- I 

C-l*** 

*(A-1)  - Single-stage,  recovered 

(A-2)  - Single-stage,  expended 

(B-3)  - Two-stage,  both  recovered 

(B-5)  - Two-stage,  second  expended 

(C-l)  - Two-propulsion  modules,  one  IM,  parallel  operation 

(C-4)  - Two-stage,  second  stage  recovered,  IM  on  second  stage  only 

^ ” One  propulsion  module,  one  tank  set,  one  IM  operating  as  single  stage 

**Mission(s)  from  which  concept  originated 
'.>'.'*Also  has  tank  sets  on  each  propulsion  module 
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Table  2-2.  Synopsis  of  Design  Efforts 


Item 

No. 

Dwg  No. 

Design  Objectives 

Results 

Conclusions,  Recommendations,  and  Comments 

1 

5383-1 

Develop  representative,  candidate 

Three  sheets  showing  possible 

Assumed  22-ft  dia  necessary.  Concept  No.  10  appears 

concepts  for  lunar  shuttle. 

22-ft-dia  concepts. 

best.  (60,  000  pounds  of  propellants  assumed) 

2 

5383-2 

Develop  I5-ft  lunar  shuttle 
configurations . 

Two  sheets  of  possible  tankage 
module  arrangements. 

Concept  No.  3 best;  15-ft  dia  appears  feasible. 

3 

5383-3 

Work  out  cargo  mix  for  -1 
Concept  10. 

Typical  mix  shown  for 
10,  000-lb  payload. 

Proved  that  volume  adequate  for  10,  000-lb 
discretionary  payload. 

4 

5383-4 

Study  lateral  disposal  of 
module  s . 

Arrangements  shown  that 
could  be  candidates. 

One  with  two  PM's  and  central  stack  of  crew  and 
cargo  modules  appears  reasonable. 

5 

5383-5 

Prepare  matrix  of  tug 
applications. 

Small  drawings  of  multiple 
concepts  in  21  missions 
modes. 

.Large  number  of  possibilities  to  be  used  in 
operational  planning  studies. 

6 

5383-6 

Develop  configurations  for 
maximum  geosynchronous 
performance. 

Three  concepts  shown — 
different  tankage,  15-ftdia. 

Three  concepts  showed  possibilities  and  fit  within 
EOS,  including  payload  for  USAF. 

7 

5383-7 

Study  layouts  for  IM 
arrangement. 

Integrated  and  modular 
concepts  shown,  15,  22-ft 
diameters . 

15-ft  dia  appears  to  use  space  better. 

8 

5383-8 

Show  lunar  lander  with 
cargo  pods. 

Quad  pods,  low  CM  shown 
for  lander. 

Good  possiblity  for  cargo  access,  low  c.g. 

9 

5383-9 

Illustrate  expendable 
geosynchronous  concept. 

Compact,  15-ft,  22,000-lb 
propellant  concept  shown. 

10 

I 

1 

5383-10 

Illustrate  1 5 -ft  manned  lander. 

Four-man  crew  shelter,  quad 
pods  shown. 

Looks  good  as  a candidate  concept,  building  on 
previous  configurations. 
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Item 

No. 

Dwg  No. 

Design  Objectives 

Results 

Conclusions,  Recommendations,  and  Comments 

11 

5383-11 

Conceive  LOSS  resupply- 
configurations  . 

Cargo  transfer  to  tug  from 
LOSS  shown. 

Cargo  pods  appear  to  integrate  well  with  LOSS  storage 
and  handling  provisions. 

12 

5383-12 

Develop  ideas  for  EOS  cargo 
bay  integration. 

Several  possibilities  identified 
for  tug  in  EOS. 

Tug  mounting  and  crew  transfer  feasibility  shown. 

13 

5383-13 

Lay  out  6 -man  crew  module  for 
Earth  orbit. 

15-ft-dia  crew  module 
arrangement  developed. 

Four-man  shelter  module  can  be  reconfigured  to  good 
six-man  version  for  short  durations. 

14 

5383-14 

Develop  two-man  minimum 
Earth  orbit  tug. 

"Mini-tug"  concept  described. 

Practical  adaptation  of  big  tug  parts  using  two-man 
module  same  size  as  air  lock  on  6-man  version. 

15 

5383-15 

Develop  arrangement  of  15-ft 
lunar  lander. 

Feasible  concept  layout  made. 

15-ft-dia  concept  appears  feasible,  four-man  with 
10,  000-lb  cargo  pods. 

16 

5383-16 

Show  summary  of  other  concepts. 

Used  as  illustration  of 
candidates  (in  proposal). 

Feasible  arrangements  of  "families"  illustrated. 

17 

5383-17 

Illustrate  lunar  program 
build-up. 

Physical  relationship  of 
systems  shown  (in  proposal). 

Graphic  picture  of  operations  will  permit  time-line 
analysis . 

18 

5383-18 

General  arrangement — 

60,  000-lb  tug  with  four  engines. 

Lunar  and  orbital  configura- 
tions developed — engine 
position  change. 

Good  configuration  concept  if  permissible  to  move 
engines  between  lunar  landing  and  orbital  missions. 

19 

5383-19 

Same  with  forward  cargo  module. 

Showed  feasibility  of  align- 
ment for  EOS  cargo  bay. 

Cargo  modules  can  be  carried  in  lino  in  EOS,  deployed 
in  space  while  connected. 

20 

5383-20 

General  arrangement — side- 
mounted  mission  module 

Showed  possibility  of  lateral 
crew,  cargo  modules. 

C.g.  shift  accommodation  bad,  other  characteristics 
good. 
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Conclusions,  Recommendations,  and  Comments 

Engine  complexity  and  sensitivity  to  c.g.  shift  detract 
from  other  good  qualities. 


Small  PM's  provide  diverse  possibilities. 


Require  dual  EOS  launches,  space  assembly. 


Furnished  insight  on  possibilities  for  EOS  launch  and 
deployment  of  vehicles. 


Orderly  descriptive  material  on  design  studies  to 
date,  particularly  "unusual"  ones. 


Supplied  understanding  of  geometry  limitations  for 
high-energy  mission  configuration. 


Showed  feasibility  of  tank  set  configuration  within 
geometry  constraints. 


Basic  identification  chart  for  concepts  studied. 


Geosynchronous  optimized  requires  auxiliary 
equipment  for  crew  lunar  surface  access  from  top  of 
stack. 
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Item 

No. 

Dwg  No. 

Design  Objectives 

Results 

Conclusions,  Recommendations,  and  Comments 

31 

2283-3 

Compare  geosynchronous  22 -ft 
concept  versus  15-ft  version. 

Shows  equivalent  22-ft-dia  ■ 
concepts  to  compare  with 
1 5-ft  version. 

Comparison  can  be  made  on  directly  similar  or 
optimum  equivalent  basis,  12,  15,  22  feet,  to 
determine  effect  of  diameter  on  arrangement  and 
concept  weight. 

32 

5383-29 

Explore  staging  length  and 
structure. 

Developed  interstage 
philosophy,  structural  details, 
engine  configuration  for 
minimum  length. 

Four  high  Pc  engines  appear  necessary  for  minimum 
overall  length,  short  interstage,  good  docking. 

33 

2283-4 

Develop  lunar  lander  configura- 
tion with  15-ft  CM  on  22 -ft  PM, 
top -mounted. 

Good  stack,  low  silhouette, 
fair  visibility. 

Concept  is  feasible,  provides  good  lander 
configuration. 

34 

2283-5 

Show  evolution  of  concepts  based 
on  geosynchronous  mission 
design. 

Three  evolutionary  concepts 
shown,  with  fourth  having 
lunar  mission  feedback. 

Lunar  mission  requirements  may  have  repercus- 
sions on  original  geosynchronous  concept,  which 
established  basic  sizing. 

35 

2283-6 

Develop  single-stage  lander 
based  on  geosynchronous  sizing 
(80,  000  pounds). 

Design  arrangement  shown 
with  swing-out  engines. 

Design  permits  double-ended  docking  freedom  by 
eliminating  usual  engine  conflict  with  crew  module  and 
docking  port  on  bottom. 

36 

2283-7 

Illustrate  typical  tug  for  use  on 
chemical  injection  stage  studies. 

80,  000-1‘b  single  stage 
illustrated. 

Use  as  envelope  for  tug. 

37 

5383-30 

Illustrate  Air  Force  mission 
vehicles. 

Geosynchronous  mission 
vehicle  arrangements 
illustrated;  1 -stage, 
1-1/2-stage,  2-stage. 

Compact  arrangements  with  four  engines  look  good, 
fit  EOS  bay. 

38 

2283-8 

Layout  basic  dimensions  of 
12-ft-dia  modules  for 
20,  000  to  80,  000  pounds. 

Sizing  of  12-ft  concepts 
illustrated. 

Feasibility  of  high-capacity  module  appears 
questionable  with  this  diameter. 
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Design  Objectives 
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39 

2283-9 

Develop  optimum  size  top  CM 
lunar  lander  configurations  for 
12-ft-dia  modules. 

Single  and  dual  deck  CM's 
shown,  1500-  and  900-psia 
engines,  neuter  and  Apollo 
docking  drogues. 

Lander  concepts  relatively  tall  and  heavy  with  top- 
mounted  CM;  poor  lander  configuration. 

40 

2283-10 

Explore  configuration  of  12-ft- 
dia  modules  with  two  paralleled 
PM's  for  lunar  lander. 

Paralleled  PM's  configuration 
shown  with  central  two-dock 
CM  over  CAM  and  with  cargo 
pods . 

Has  functional  advantages,  low  c.g.,  good  ground 
access,  etc.,  but  complex  and  probably  expensive 
(two  PM's,  two  IM's). 

41 

2283-11 

Refine  configuration  of  basic  top 
CM  concept,  15-ft  dia, 

80,  000  pounds  and  60,  000  pounds 
of  propellant. 

Refined  configurations  devel- 
oped from  2283-2  configura- 
tion with  latest  RCS,  refueling, 
engines  provisions. 

"Baseline"  concept,  forward  CM,  for  60,  000  and 
80,  000  pounds  of  propellants 

42 

2283-12 

Refine  tug  concept  with  swing-out 
engines,  double-ended  docking. 

Design  refined  in  15-ft  dia 
for  80,  000  pounds  of 
propellant,  (dimensions  for 
60,  000  pounds  also  noted), 
latest  fueling,  RCS,  engine 
size,  etc. 

Concept  appears  feasible  but  swing-out  engines  incur 

some  weight  and  complexity  penalty;  slight  I losses. 

sp 

43 

2283-13 

Explore  crew  module  design  in 
12/  15/22-ft  diameters. 

Configurations  shown  with 
vertical  cylinder  modules, 
horizontal  cylinder;  for 
6 men/7  days,  4 men/ 

28  days  (lunar),  12-man 
rescue. 

15-ft  diameter  adequate  for  all  three  applications; 
12-ft  diameter  requires  two  decks;  22-ft  diameter 
too  large  for  CM  unless  volume  is  shared. 

44 

2283-14 

Lay  out  coolant  radiator  location 
possibilities  for  the  various 
vehicle  concepts. 

Radiator  locations  shown  for 
12-,  15-,  22-ft-dia  vehicles, 
Earth  orbital  and  lunar  landers. 

(Not  completed). 

45 

2283-15 

Lay  out  22-ft-dia  crew  module 
arrangement. 

Commodious  arrangement 
shown. 

Space  could  be  shared  with  cargo;  might  be  good  for 
semi-permanent  base  module. 
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Re  suits 

Conclusions,  Recommendations,  and  Comments 

46 

2283-16 

Indicate  feasibility  of  putting 
some  of  IM  functions 
(propulsion-related)  in  PM. 

Layouts  with  alternate  loca- 
tions of  ACS/RCS  and  fuel 
cells  in  PM;  electronics  at  top 
of  PM. 

Possible  to  divide  IM  functions  to  place  propulsion- 
related  items  in  PM  at  cost  of  some  module 
independence.  Need  check  for  heat  source  effects 
in  PM. 

47 

2283-17B 

Define  configuration  of 
Concept  3,  optimized  tank  set 
(D-l) for  geosynchronous 
mission. 

Layout  developed  with  alter- 
native configuration  for  other 
missions  such  as  low  Earth 
orbit  lunar  lander. 

Lander  is  very  tall  for  Mode  A;  good  concept  for 
Earth  orbit. 

48 

2283-18B 

Define  configuration  for 
Concept  4,  optimized  for 
NASA  Mode  B lander. 

Layout  developed,  alternate 
mission  configurations  shown. 

Mode  B lander  looks  reasonable  (top  CM  shown  but 
not  preferred).  Would  require  tank  set  (similar  to 
Concept  3)  for  Mode  A. 

49 

2283-19 

■ 

Define  configuration  for  Con- 
cept 5,  optimized  for  two- 
stage  (B-3)  geosynchronous 
mission. 

Layout  developed  with  mission 
alte  rnative  s . 

Compact  vehicle  for  prime  mission.  Rather  tall 
lander  in  tank  set  (D-l)  mode.  Would  be  very  small 
in  B-3  mode  (2-staged)  lander. 

50 

2283-20 

Define  configurations  for 
Concept  6,  optimized  for 
two -stages  (B-3)  lander 
and/or  geosynchronous  with 
first  stage  expended. 

Layout  and  alternatives 
described. 

B-3  (two-stage)  lander  looks  good  but  operational 
complexity  may  not  be  justified.  Small  Earth 
orbital  stage  is  desirable. 

51 

2283-21 

Develop  configuration  for 
1 5-ft-dia  4-man/  28  -day  lunar 
shelter. 

Layout  shows  arrangement 
for  1 5-ft-dia  vertical 
cylinder  CM  for  lunar  surface 
mission. 

Differences  from  six-man  crew  transport  are  small 
and  can  be  converted  either  way  easily  (12 -man 
rescue  also  feasible). 

52 

2283-22 

Define  configuration  for 
Concept  11,  optimized  for 
expendable  tank  set  geosynchro- 
nous mode. 

Layout  shows  primary  and 
alternate  mission  mode 
configurations . 

Small  PM  provides  excellent  low  Earth  orbital 
vehicle.  Lander  fairly  tall  with  tank  set 
(recovered,  D-l  mode). 

m 
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53 

2283-23 

Explore  feasibility  and  features 
of  horizontal  PM  in  lunar  lander 
configuration. 

Layout  developed  for  central 
CM  and  CAMs  at  each  end, 
four  engines. 

More  practical  design  than  original  concept;  better 
balance,  higher  reliability,  more  flexibility. 
Remaining  problems:  structural  design,  buried  CM, 

engine -RCS  coupling. 

54 

2283-24 

L.ay  out  tug  interfaces  with  EOSS 
cargo  bay. 

Tug  installation  concept 
developed  for  transport  to 
Earth  orbit  in  shuttle. 

Tug  concepts  using  their  cargo  manipulator  (one  of 
several  EOSS  study  concepts)  appear  feasible.  Sliding 
pin  joint  aft  supports  shown. 

55 

2283-25 

Define  configuration  of  lunar 
lander  with  horizontal  cylinder 
CM. 

Layout  shown  for  lander  and 
for  alternate  missions. 

Horizontal  CM  appears  feasible.  Somewhat  more 
difficult  to  integrate;  shape  mismatches.  May  be 
slightly  better  as  CM,  but  difference  not  significant 
at  this  point. 

56 

2283-26 

Describe  "mini-tug"  configura- 
tion and  interface  with  EOS/ 
EOSS  for  cargo  transfer. 

Mini-tug  (CM-PM-IM  + skirt 
module)  shown;  docking 
interfaces,  deployment, 
alternate  transfer  modes 
studied  by  EOS. 

"Mini-tug"  looks  feasible,  uses  extra  600  pounds  of 
cryogenic  propellants  in  skirt  module  with  Apollo 
cryogenic  tanks. 

57 

2283-27 

Describe  EOS  stowage  and 
deployment  of  lunar  landing  gear 
kit. 

Landing  gear  attached  Go  a 
docking  spider;  stowed  folded, 
deployed  and  extended  from 
EOS  to  dock  with  base  of  tug; 
attach  upper  legs. 

Feasible  approach  assuming  tug  has  bottom  docking 
provision;  requires  minimum  EVA  assembly. 
Deployment  per  current  baseline  EOS  cargo 
deployment  mechanism  subject  to  change. 

58 

2283-28 

Layout  configurations  suitable 
for  unmanned  lunar  landers  with 
large  space  station  modules  as 
payloads,  utilizing  Concept  1 
80,  000-lb  PM's. 

Dual  PM's  shown  for  very 
large  33-ft-dia  static®  module 
lander.  Also  shown  are  dual 
PM1  s and  single  PM  for  landing 
clusters  of  15-ft-dia  lunar  base 
modules. 

Configuration  uses  platform  for  landing  gear  and  load 
distribution.  Recovery  of  unmanned  PM's  (tugs) 
possible.  Eight  lunar  base  modules  (from  NASA- 
MSFC  study)  or  tug  CM's  can  be  landed  with  two 
80,  000-lb  PM's  or  four  with  one  PM.  A four-deck 
station  core  module  can  be  landed. 
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59 

2283-29 

Layouts  for  unmanned  large 
module  landers  with  Concept  5 
(37,  000-lb)  PM's. 

Configuration  shown  for 
Concept  5 PM's  landing  33-ft- 
dia  and  15-ft-dia  base 
module  s . 

Lands  a two-deck  station  core  module  with  two  PM's 
of  37,  000  pounds  each. 

60 

2283-30 

Layouts  for  unmanned  lunar 
landers  using  Concept  11  PM's 

Landing  configuration  for 
four-deck  space  station  core 
module,  multiple  base 
modules,  including  integra- 
tion with  landing  gear  kit. 

Landing  gear  kit  can  be  integrated  with  support 
docking  structure  for  PM's  or  crew  module  pay- 
loads  for  facile  space  assembly. 

61 

• 

2283-31 

Alternate  Concept  layouts  — 
single-stage  60,  000-lb 
propellants. 

: . 1 ' ' 

Layout  incorporate  integrated 
IM  functions,  dual  and  single 
engines,  ground  or  space - 
based. 

Concepts  appropriate  for  reduced  requirements; 
tankage  (LOX)  arranged  for  simplicity  with  one  or 
two  engines.  Shows  potential  for  reduced  weight 
from  baseline  configuration. 

62 

2283-32 

Baseline  concept  layout 
for  Concept  1 

Refined  layout  of  basic  single- 
stage  geosynchronous - 
optimized  concept  for  space - 
based,  multi-purpose  use 

(Supersedes  Item  No.  41) 

63 

2283-33 

Baseline  layout  for  Concept  5 

Refined  layout  of  basic  concept 
for  two-stage  vehicle. 

(Supersedes  Item  No.  49) 

64 

2283-34 

Baseline  layout  Concept  11 

Refined  layout  for  1-1 /2-stage 
concept  with  expended  tankage 
with  geosynchronous  payload. 

(Supersedes  Item  No.  52) 

65 

2283-35 

Define  modular  IM  configura- 
tion for  use  on  three  selected 
concepts. 

Modular  IM  shown  with  equip- 
ment trays  and  retractable 
ACS  modules.  G&N  sensors 
defined. 

Sufficient  volume  in  baseline  approach  for  growth. 
Swing-out  ACS  modules  feasible.  Good  equipment 
accessibility.  Modular  approach  feasible . 

Space  Division 

North  American  Rockwell 


SD  71-292-4 


Table  2-2.  Synopsis  of  Design  Efforts  (Cont) 


Itum 

No. 

Dwg  No. 

Design  Objectives 

Results 

Conclusions,  Recommendations,  and  Comments 

66 

2283-36 

Develop  layout  of  Concept  1A, 
a lightweight  geosynchronous 
mission  design. 

Defined  layout  of  special 
single-stage  geosynchronous- 
optimized  concept  for  ground- 
based  semi-autonomous 
operation;  lightweight  subsys- 
tems and  two  engines, 
nonretractable  RCS. 

Lightweight  Racehorse,  integrated  structure  feasible. 
Multiple  (LOX)  tanks  and  dual  engines  attractive, 
but  cost  some  length.  No  retraction  of  ACS 
nozzle  assemblies  for  EOS  cargo  bay  stowage 
required. 

67 

2283-37 

Develop  layout  of  tug  inter- 
faces with  EOS  cargo  bay. 

Tug  installation  concept 
developed  for  transport  to 
Earth  orbit  in  shuttle;  base- 
line tug  concepts  checked  for 
fit. 

Tug  concepts  utilizing  EOS  manipulator  and  roller 
and  ratchet  end  supports  feasible.  Concepts  1 and 
11  accommodated  in  cargo  bay.  Concept  5 requires 
two  launches. 

68 

2283-38 

Prepare  layout  of  ground-based 
expendable  concept  7A  using 
EOS  OMS  tankage  and  engine. 

Defines  ground-based  single 
stage  geosynchronous- 
optimized  concept  for  single 
purpose  use  with  multiple 
OMS  tank  concept. 

Principle  of  EOS  OMS  tanks  configurationally 
feasible.  Multiple  tanks  (LH2)  present  operational 
and  insulation  difficulties.  Heavy  construction 
because  -of  multiple  tanks.  Subject  to  considerable 
change  as  EOS  design  evolves. 

69 

2283-41 

Develop  layout  of  ground-based 
expendable  concept  7B  using 

o2/h? 

Defines  ground  based  single- 
stage  expendable 
geosynchronous -optimized 
concept  for  single  purpose 
use;  simple  design. 

Integrated  structural  approach  feasible.  Single  tanks 
and  engine  give  lightweight  vehicle.  ACS  pods  not 
required  to  retract  to  fit  within  EOS  cargo  bag. 

Short  stage  of  27,  000  pounds  of  propellant. 

70 

2283-42 

Develop  layov  of  ground-based 
expended  storable  propellant 
concept. 

. 

Define  ground-based  single 
stage  geosynchronous  - 
optimized  concept  for  single 
purpose  use;  46,000  pounds 
of  storable  propellants; 
simple  design. 

Integrated  structural  approach  feasible.  Lightweight 
and  short  stage.  Small  size  attractive  and  possibly 
cost  competitive  with  cryogenic  stage.  Alternate 
multiple  tanks  shorter  but  nonintegrated  structure. 
Within  EOS  cargo  bay  envelope  without  retraction  of 
ACS  pods. 

Space  Division 

North  American  Rockwell 


F 


Space  Division 

North  American  Rockwell 


2.  1.2  SUPPORTING  SYSTEMS  AND  TECHNOLOGY  STUDIES 

The  scope  of  the  systems  and  technology  studies  supporting  the 
conceptual  design  effort  (and  subsequent  refinement  studies)  is  summarized 
in  Table  2-3  with  results  enclosed  as  Appendixes  A.  through  F.  These  studies 
do  not  include  the  subsystems,  which  are  described  in  a separate  volume  of 
this  report,  but  do  include  the  following: 

Appendix  A:  Integrated  Structures  - design  of  structure  in  which 

the  related  design  of  meteoroid  protection  and  insulation 
is  considered. 


Appendix  B:  Reliability  - Evaluation  of  system  design  for  mission 
success  and  crew  safety;  single-point  failure  analysis 
and  justification 

Appendix  C:  Weight  - Parametric  relationships  for  modules  and 
concepts 

Appendix  D:  Environmental  Protection  - Evaluation  of  meteoroid 
protection  in  space  operations 

Appendix  E:  Propulsion  - Engine  optimization  and  propulsion  system 
analysis 

Appendix  F:  Cryogenic  Storage. 
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Table 
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2.  2 CONCEPT  SYNTHESIS  AND  DEVELOPMENT 


I 


2.  2.  1 EARLY  15-FOOT  (4.  57-METER)  DIAMETER  CONFIGURATIONS 
Basic  Configu ration 


A large  number  of  layouts  were  prepared  in  the  exploration  of  tug 
configurations.  They  eventually  led  to  development  of  the  midterm  candidate 
designs.  The  ones  described  in  this  section  are  considered  particularly 
interesting  or  significant  in  tug  concept  evolution.  In  the  configuration 
shown  in  Figure  2-1  emphasis  is  placed  on  the  Earth  and  lunar  orbital 
operations.  The  vehicle  is  configured  with  a forward  CM  and  an  aft  IM, 
which  surrounds  the  two  main  engines.  Two  RL- 10- sized  engines  are  used 
for  the  main  propulsion,  and  a propellant  tank  configuration  consisting  of 
a single  LH2  tank  and  three  LOX  tanks  has  been  used.  The  IM  is  mounted 
aft  of  the  LOX  section  of  the  PM.  The  helium  pressurization  tanks  for  the 
main  propulsion  system  are  located  near  the  LH2  and  LOX  tank  forward 
bulkheads,  respectively.  They  have  therefore  been  removed  from  the 
central  area.  In  place  of  the  helium  tanks  in  the  central  area  of  the  IM,  a 
slotted  area  of  clearance  has  been  provided  for  the  forward  portion  of  the 
RL-10  engines.  The  slotted  area  allows  more  room  within  the  IM  for  ACS 
equipment  and  electronics  than  the  circular  area  previously  provided  when 
accommodating  helium  tanks. 


Emphasis  on  the  orbital  operations  mode  established  the  requirement  for 
the  forward -located  CM.  This  allows  the  crew  to  view  payloads  that  may  be 
attached  to  the  forward  end.  The  CM  uses  a cylindrical  air  lock  about  the 
longitudinal- axis.  The  air  lock  inside  diameter  is  50  inches  (1.  3 meters)  and 
terminates  at  the  forward  end  in  a pressure  hatch.  At  the  forward  end  of  the 
CM  is  a neuter  cone  docking  system.  This  system  makes  the  tug  compatible 
with  space  station  docking  and  allows  easy  egress  from  the  CM  through  the 
docking  system.  The  CM  offers  a maximum  of  usable  volume  with  the 
centrally  located  cylindrical  air  lock.  The  module  is  constructed  of  honey- 
comb sidewalls  and  bulkheads.  Counter-top  work  stations  with  overhead 
storage  provisions  are  typical  throughout  the  module.  The  control  station  is 
similar  to  that  of  lunar  module,  with  the  standup  position  and  overhead 
viewing  window  ports  for  docking  and  payload  observation. 


The  concept  shown  features  a single  LH2  tank  and  three  LOX  tanks.  The 
LOX  tanks  are  cloverleaf  arranged,  with  the  LH2  transfer  line  passing  through 
the  center  of  the  cluster.  The  LOX  tanks  transfer  to  a manifold,  which  feeds 
the  engines.  The  PM  structure  consists  of  a honeycomb  cylinder  with 
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stiffening  longerons  and  girth  rings.  The  hydrogen  tank  is  supported  from 
the  girth  rings.  The  oxygen  tanks  are  supported  from  three  radial  beam- 
like structures  in  the  LOX  section. 

The  IM  is  built  up  of  eight  sections.  Four  of  the  sections  are  RCS  quads 
with  tankage  and  all  associated  hardware.  Each  section  is  removable  from 
the  main  structure  to  facilitate  manufacture,  assembly,  test,  and  checkout. 

The  RCS  tanks  and  associated  valves,  filters,  transducers,  etc.,  are  mounted 
on  a honeycomb  shelf  that  attaches  to  fche  beams.  A removable  honeycomb 
panel  on  the  outside  of  each  section  completes  the  structure.  Surrounding 
the  two  engines  is  an  oblong  cylindrical  honeycomb  structure  to  which  the 
beams  and  shelves  are  attached.  Two  of  the  remaining  sections  house  the 
electrical  power  fuel  cells.  The  remaining  two  sections  accommodate  the 
other  subsystem  equipment.  The  communications,  guidance  and  navigation, 
electrical  power  and  other  subsystem  equipment  is  located  on  the  shelves 
in  these  sections. 

Lunar  Adaptation 

For  the  lunar  landing  operation,  an  add-on  landing  gear  kit  has  been 
provided.  (Prior  exploratory  layouts  revealed  that  stowage  and  deployment 
of  folded  gear  constitutes  a formidable  problem).  The  landing  gear  attaches 
to  the  bottom  of  the  IM  and  to  a girtL  ring  on  the  LOX  section  of  the  PM. 

The  overall  stacking  arrangement  of  th  vehicle  has  not  been  changed  to 
accommodate  the  landing  mode.  The  landing  gear  is  such  that  at  touchdown 
the  main  propulsion  engine  nozzles  are  at  least  two  exit  diameters  from,  the 
lunar  surface..  Cargo  pods  (hemipods)  are  attached  to  the  vehicle  just  forward 
of  the  landing  gear  and  directly  over  part  of  it.  The  pods  accommodate 
10,000  poupds  (4,536  kilograms)  of  cargo  and  offer  a volume  of  1000  cubic  feet 
(28.  3 cubic  meters).  The  CM  is  oriented  such  that,  when  the  landing  gear 
is  attached,  the  crew  control  station  is  directly  over  one  gear  between  the 
cargo  pods.  This  position  offers  maximum  visibility  for  the  crew  during 
landing.  The  crew  is  lowered  to  the  lunar  surface  by  a personnel  elevator 
assembly.  The  structural  members  of  the  elevator  (yoke,  main  support 
beam,  and  telescoping  braces)  are  stowed  on  the  forward  surface  of  the 
crew  module  and  are  easily  assembled  through  use  of  pivots,  trunnions, 
and  pip  pins.  The  elevator  is  constructed  of  canvas  and  aluminum  rings 
with  an  aluminum- stiffened  plate  floor  and  is  stored  on  the  forward  surface 
of j the  crew  module.  A winch  assembly  is  provided  for  lowering  and  raising 
the  elevator.  This  arrangement  of  landing  gear  and  top  CM  with  elevator 
arid  hemipod  cargo  modules  provides  minimum  compromise  of  the  original 
configuration  of  the  vehicle,  which  is  based  on  earth  orbital  operations. 

Lunar  surface  operations  are  accomplished  by  add-on  kits  to  the  orbital 
configuration. 
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The  configuration  shown  in  Figure  2-2  is  based  on  using  four  10,  000-pound- 
thrust  (44,  482-N)  engines,  which  swing  out  from  the  basic  vehicle  body. 

The  configurations  shown  were  developed  about  the  lunar  landing  mission 
mode  optimization.  This  tended  to  favor  multiple  engines  and  the  size  was 
right  to  match  closely  the  engine  size  needed  at  that  time  by  the  EOS  orbital 
maneuvering  system  (OMS),  permitting  a possible  common  engine  develop- 
ment. This  drawing  depicts  two  configurations  for  the  lunar  lander.  The 
first  uses  a standard  vertical  crew  module  (CM).  The  second  uses  a 
horizontally  mounted  CM  of  a smaller  diameter  (12  feet)  (3.  66  meters)  but 
of  the  same  volume  (1300  cubic  feet)  (36.8  cubic  meters)  as  the  15-foot- 
diameter  (4.  57-meter ) vertical  module. 

The  swing-out  engine  concept  accommodates  several  desirable  features 
at  one  time,  which  was  not  possible  with  other  previous  configurations  studied. 
First,  the  CM  is  located  aft  (bottom)  to  provide  excellent  crew  visibility 
jpon  landing,  easy  egress  to  the  lunar  surface  by  the  crew,  and  a minimum 
of  landing  gear  scar  weight  on  the  PM  nince  the  landing  gear  can  be  partly 
attached  to  the  CM.  1 

The  configuration  shown  accommodates  80,  000  pounds  (36,  287  kilograms) 
of  usable  propellant  at  a mixture  ratio  of  6 to  1.  A single  LH2  tank  and  a 
single  LOX  tank  are  used  although  four  LOX  tanks  were  investigated  and 
found  to  lengthen  the  configuration.  To  maintain  the  shortest  possible 
configuration,  the  four-LOX-tank  version  was  not  selected.  The  IM  was 
mounted  on  the  forward  end  with  an  active  neuter  cone  docking  system  buried 
within  tue  central  hole  in  this  module.  Burying  the  docking  system  also 
contributed  to  the  shortest  possible  configuration.  The  pressurization  tanks 
for  the  main  propellant  tanks  are  located  between  the  LH2  and  LOX  tanks. 

The  first  configuration  shown  on  the  drawing  uses  a vertical  CM  identical 
to  that  used  on  previous  configurations  (internal  arrangement).  This 
module  is  a honeycomb  pressure  vessel  with  a passive  docking  ring  at  the  aft 
end.  Crew  egress  to  the  lunar  surface  when  landed  or  to  the  space  station 
when  in  orbit  is  through  this  docking  ring.  Directly  above  the  CM  is  the 
PM,  It  is  constructed  of  a honeycomb  cylinder  with  circumferential 
stiffeners  from  which  the  LH2  and  LOX  tanks  art  supported.  Mounted  atop 
the  PM  is  the  toroidal  IM.  The  IM  is  made  up  of  honeycomb  bulkheads  and 
a central  shelf  that  is  closed  out  by  an  inner  cylinder  and  outer  panels  of 
honeycomb.  The  IM  houses  all  of  the  subsystem  equipment  and  the  ACS 
system,  including  the  four  sets  of  ACS  engine  quads.  A neuter  cone  docking 
system  is  attached  to  the  IM  and  is  partly  submerged  in  the  central  portion 
of  the  torus.  A conical  skin- stringer  structure  between  the  PM  outer  shell 

and  the  aft  surface  of  the  inner  cylinder  of  the  IM  helps  support  the  docking 
system.  6 


2-24 


mm 


SD  71-292-4 


ST£A)  £GC//AAO£A  T — 


A£OT£A  COA£  DOCK/AG  STS  T£A)  (OAT/OAAC ) 


3<Z> 

/at£cc/G£ac£  mo  pate 


/80  Z3//9 


SW/AG-  OOT  £AG/A£  ~ 9 ACAC£S 


la,  taaasfca  c/ag 


ACS  OCA  OS  9 Ac  ACCS 


ACC/ OOO  Pfi.eSSOF.AAT  TAAK 


CAM  GO  MOOCce 


GA/VGC  00/ AT 


£AG/A£  AOO  STAS/C/i  £ A. 


SA/AG  - OOT  GAG/AG  ~ 9 Ac  AC  £ S 

\/OtOOO  CS.  TAAOST  ~ TAAO  TTC  £A£C  G 
CA/Vre  o 3 • /A 30  A AO 


c A A/D /AG  GCA  A 


AASS/V£  DOCK/AG  A/AG 


Figure  2-2.  80K  Lb  Propellant  - Swing  out  I 

(Sheet  1 of  2) 


Holdout  o 

«-  S w ‘I/Vrac.  e»<r 


Space  Division 

North  American  Rock  well 


■ 


/SO  £>/# 


3 w/ag  - oc/r  cmg/mc  — 9 Peaces 

rx  a ns  re  A c/A/e  — v 

ACS  QC/AOS  --  9 ACAC£S  / // 


c/0/0  rressuAAfiT  /am< 


CAAGO  MOdl/CC 


790 


SW/V£C  00/ AT 


CAG/A£  AO£>  S7/)g/C/i  e/Z 


sa/ag  - 00 r cag/ac  ~ 9 acac£s 
i/4  000  eg.  TMAasr  ~ TAAorrceogce" 
; cam  re  0 s • /a  30  a 


e33 

CAHDMG  C G. 


C A /VO /AG  GCA  A 


'l_  \ 

VZ.Z 


Z\ 

1 

r 

/am<  — 

E3 

hU 

1 1 

L _ / 

v n 


///socat/oa 
CO  A tamk 


9/0  /Z.  (jYA) 


SECTION  A ” A 


/V£  0OCK/AG  A/AG 


9/0  A. 


mwc  mrntm 

Vlo  **"  6 ~ 3 ' 70  *°»™  «u*e*«  Mcxwtu  eowownew  I 

mm  Tc/G  u»m  lihibw  icwnw  mm m.  imwi « I 


GENERAL  ARRANGEMENT  - 80,000  LB.  55q,_ca 
PROPELLANT  - SWING-OUT  ENGINES  bA 

SPACE  TUG  STUDY  SH  1 OF  2 


Figure  2-2.  80K  Lb  Propellant  - Swing  out  Engines  General  Arrangement 

(Sheet  1 of  2) 


7 Z> 

‘ f-r'V-nZ 


2-25,  2-26 


i" . ,jj j i ’f  H/\! VllJ  ^ 

SD  71-292-4 


Space  Division 

North  American  Rockwell 


The  LH2  and  .LOX  tanks  in  the  PM  have  ellipsoid  bulkheads  and  cylindrical 
midsections.  The  LH2  tank  accommodates  3,  300  cubic  feet  (93.4  cubic  meters) 
of  LH2,  and  the  LOX  tank  accommodates  1,  100  cubic  feet  (31.  1 cubic  meters). 
Overall  the  PM  is  514  inches  (13.  1 meters)  tall.  The  crew  module  is  attached 
to  the  aft  end  of  the  PM  at  a ground  assembled  joint. 

The  arrangement  of  the  swing-out  engines  and  cargo  pods  for  this  con- 
figuration is  shown  in  Section  A-A.  The  engines  are  located  at  90  degrees 
to  each  other,  with  the  cargo  pods  located  between  two  engines  opposing  each 
other.  The  engines  are  supported  from  a segment  of  the  outer  shell  of  the 
PM.  This  segment  or  door  is  capable  of  pivoting  45  degrees  outward.  The 
engine  is  attached  rigidly  to  this  door  with  its  gimbal  actuators  bridging  from 
the  engine  to  the  door.  The  pivot  point  of  the  door  also  serves  as  the  pivot 
point  for  an  LH2  and  LOX  swivel  joint.  This  joint  allows  the  lines  from  the 
tank  to  the  swivel  and  the  engine  to  the  swivel  to  be  solid  lines,  with  all 
rotation  of  the  supply  lines  being  done  by  the  swivel  joint.  In  the  stowed 
position,  or  when  the  engine  pod  doors  are  closed,  the  engines  are  nested 
near  the  bottom  of  the  LOX  tank.  When  the  engines  are  deployed,  the  lower 
portion  of  the  engine  nozzle  passes  through  swinging  doors,  which  close  off 
or  complete  the  outer  shell  of  the  PM  in  the  area  of  the  engine  nozzle.  The 
doors  prevent  the  engine  plume  from  entering  the  inner  part  of  the  PM. 

When  deployed,  the  engines  are  canted  5 degrees  inward  toward  the  top  of 
the  propulsion  module.  Engine  pod  stabilizers  are  provided  (two  per  door). 

They  pick  up  the  door  at  the  outer  surface,  where  the  engine  mounts  are 
located,  and  transmit  the  loads  to  the  upper  LOX  tank  support  ring.  The 
ring  is  approximately  54  inches  (1.4  meters)  forward  of  the  engine  pod  hinge 
point. 

Another  approach  to  the  CM  is  shown  in  the  second  configuration.  It 
uses  a horizontally  attached  module.  This  module  is  also  ground -affixed  to 
the  aft  end  of  the  PM.  This  module  is  12  feet  (3.  66  meters)  in  diameter  and, 
when  viewed  from  the  top,  has  ellipsoid  bulkheads.  The  floor  inside  the  CM 
is  approximately  36  inches  (0.  91  meters)  from  the  lowest  point. 

A passive  docking  ring  is  attached  to  the  central  portion  of  the  lowest 
part  of  the  module.  This  module  contains  the  same  volume  (1300  cubic  feet) 

(36.  8 cubic  meters)  as  the  vertical  crew  module  shown  in  the  first  configu- 
ration. The  change  to  a horizontal  crew  module  results  in  the  vehicle  being 
46  inches  (1.2  meters)  longer  (higher)  than  the  vertical  crew  module  version 
and  exhibits  a center  of  gravity  that  is  39  inches  (0.  99  meters)  higher.  The 
greatest  impact  of  this  length  increase  can  be  seen  in  the  landing  gear  spread 
radius,  which  increases  by  60  inches  (1.  5 meters). 

The  concept  of  engine  deployment  and  support  is  identical  to  that 
discussed.  However,  the  location  of  the  engine  pods  is  different,  as  shown 
in  the  top  view  of  this  configuration.  The  engine  pods  are  grouped  into  two 
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pairs  of  engines  180  degrees  apart.  The  pods  are  located  26  degrees  from 
each  other  on  their  center  lines.  The  cargo  pods  are  located  between  the 
engine  pods  and  directly  above  the  bulkhead  of  the  CM. 

The  landing  gears  are  mounted  similarly  in  both  configurations.  The 
main  struts  attach  to  the  upper  LOX  tank  support  ring,  and  the  stabilizers 
attach  to  the  aft  portion  of  the  crew  module.  The  location  of  the  stabilizers 
on  the  horizontal  CM  appears  to  be  marginal  for  a useful  diameter.  It 
should  probably  be  moved  forward  to  some  point  where  greater  spread  of 
the  stabilizer  can  be  obtained.  The  landing  gear  is  considerably  larger  than 
that  used  on  previous  configurations  and  is  considerably  heavier,  as 
discussed. 

An  unmanned  and  manned  orbital  configuration  is  shown  at  the  end  of  the 
drawing.  The  unmanned  configuration  is  identical  to  the  lunar  lander  con- 
figuration with  the  cargo  pods,  landing  gear,  and  CM  removed.  The  manned 
orbital  configuration  attaches  the  vertical  CM  forward  of  the  CM. 

The  configuration  shown  in  Figure  2-3  is  similar  to  that  on  Figure  2-2 
in  that  several  identical  guidelines  were  used  fo>*  each  configuration.  The 
concept  accommodates  80,  000  pounds  (36,  287  kilograms)  of  usable  pro- 
pellant, has  single  L H2  and  LOX  tanks,  and  uses  a forward-located  IM.  The 
configuration  shown  also  accommodates  two  20,  000-pound-thrust  (88,  946-N) 
engines.  The  configuration  is  based  on  a geosynchronous  mission  mode, 
which  accounts  for  the  lack  of  a crew  module.  No  docking  system  is  shown 
at  the  forward  end,  but  a neuter  cone  system  could  be  added.  Room  exists 
in  the  central  cylindrical  portion  of  the  IM  to  partially  bury  this  system. 

The  basic  PM  structure  is  a honeycomb  cylindrical  shell  with  fore  and 
aft  honeycomb  bulkheads.  The  LH2  and  LOX  tanks  are  each  supported  from 
fore  and  aft  circumferential  rings  attached  to  the  shell.  From  the  aft  ring, 
which  supports  the  LOX  tank,  a truss  support  extends  aft  to  support  the 
main  engine  beam.  The  engines  are  attached  to  this  beam,  and  the  engine 
loads  are  transmitted  through  the  truss  to  the  outer  shell  structure  at  the 
ring.  The  IM  is  toroidal  and  constructed  of  three  wafer -like  honeycomb  discs 
which  comprise  the  forward  and  aft  bulkheads  and  the  centrally  located 
equipment  shelf.  The  torus  is  completed  by  an  inner  cylindrical  honeycomb 
section  and  outer  honeycomb  covers. 

The  IM  contains  all  of  the  subsystem  equipment.  It  is  mounted  into  the 
basic  module  as  segments  of  the  toroidal  cylinder.  Four  of  these  segments 
are  identical  ACS  sections  complete  with  four -engine  quads  mounted  on  the 
periphery  and  tankage,  associated  plumbing,  and  central  hardware  mounted 
on  the  inboard  shelf. 
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The  diameter  of  inner  cylinder  of  the  IM  is  sufficient  to  allow  the 
mounting  of  a neuter  cone  docking  system  within  the  cylinder.  This  reduces 
to  a minimum  the  lengthening  of  the  vehicle  from  such  an  addition. 

The  LOX  tank  is  smaller  in  diameter  than  the  LH2  tank  to  allow 
clearance  between  the  tank  and  outer  cylinder  shell  for  the  LH2  transfer 

lines.  Both  the  LH2  and  LOX  tanks  are  cylindrical,  with  ellipsoid  bulkheads 
of  a 1 . 4 to  1 ratio. 

2.  2.  2 22-FOOT-DIAMETER  (6.  7-METER)  CONFIGURATION  STUDIES 
Optimum  CM  Location,  Earth-Orbital  and  Lunar 


For  a meaningful  dimensional  and  weight  comparison  of  the  15-  and 
22-foot  diameter  (4.  57  and  6.  7 meters)  tug  vehicles,  two  22-foot  (6.  7 meters) 
vehicles  were  configured  with  the  same  groundrules  as  used  on  their 
15-foot  (4.  57-meters)  counterparts.  Each  configuration  used  one  LH2  tank 
and  four  LOX  tanks,  The  first  configuration  is  shown  in  Figure  2-4  and  is 
configured  for  comparison  to  a 15-foot  (4.  57-meters)  configuration  as  shown 
in  Figure  2-5.  The  concept  was  to  design  the  basic  vehicle  for  both  orbital 
and  lunai  surface  operations.  Consequently,  it  was  determined  that  a forward 
located  CM  for  orbital  operations  and  an  aft-located  one  for  lunar  surface 
operations  would  accommodate  both  modes.  Commonality  in  the  CM  to 
permit  its  use  for  both  modes  is  desirable  and  was  adopted  as  a groundrule. 

The  PM  is  made  up  of  one  ellipsoid  hydrogen  tank,  four  ellipsoid 
oxygen  tanks,  and  two  modified  RL-10  engines.  The  PM  is  22  feet 
(6.  7 meters)  in  diameter  and  is  structurally  a honeycomb  cylinder  with 
radial  beams  from  which  the  propellant  tanks  are  supported.  The  two  engines 
are  mounted  on  the  aft  section  of  the  PM  and  extend  112  inches  (2.  8 meters) 
aft  of  the  aft  bulkhead.  A 22 -foot-diameter  (6.  7-meters)  torus  shaped  IM 
is  mounted  aft  of  the  aft  bulkhead.  This  module  contains  the  four  sets  of 
RCS  tanks,  engines,  and  associated  equipment,  as  well  as  all  of  the  sub- 
system equipment.  The  module  has  much  room  for  growth  in  all  the 
subsystem  areas  since  it  essentially  houses  the  same  equipment  as  used  in 
the  15-foot  (4.  57-meters)  version.  The  IM  is  constructed  of  honeycomb 
removable  outer  panels,  which  enclose  the  donut- shaped  forward  bulkhead, 
aft  bulkhead,  and  centrally  located  shelf.  All  of  the  subsystem  equipment' 
and  tanks  are  mounted  to  the  central  shelf,  which  is  assembled  into  the 
module  in  segments. 

For  orbital  operations,  the  CM  is  mounted  to  the  forward  end  of  the  PM. 
A neuter  cone  docking  system  is  provided  for  on  the  forward  end  of  the  CM. 
This  enables  the  tug  to  dock  with  all  payloads  having  either  an  active  or 
passive  docking  system.  The  CM  is  essentially  a pressure  vessel  constructed 
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of  honeycomb.  The  outer  shell  and  inner  air  lock  are  constructed  of  honey- 
comb. The  central  area  air  lock  is  oblong  or  slotted- shaped  and  is  used 
as  an  air  lock  when  the  CM  is  mounted  forward.  A second  air  lock  is 
connected  to  this  and  divides  the  CM.  This  second  air  lock  is  used  as  the 
primary  air  lock  when  the  CM  is  mounted  on  the  aft  end  of  the  vehicle.  The 
central  air  lock  contains  an  egress  hatch  at  the  forward  end  through  the 
docking  system.  The  secondary  air  lock  contains  a hatch  in  the  floor  for 
crew  access  to  the  lunar  surface  when  the  vehicle  is  used  as  a lander.  The 
CM  contains  both  control  stations  and  work  stations,  as  well  as  provisions 
for  use  as  a shelter  for  lunar  or  orbital  operations. 

For  lunar  landing,  a landing  gear  kit  is  added,  as  well  as  cargo 
modules.  In  this  mode  the  CM  is  moved  to  the  aft  end  of  the  vehicle.  The 
docking  system  is  removed,  as  well  as  the  aft  bulkhead  in  the  central  air 
lock.  This  central  slotted,  area  is  then  used  to  house  the  two  engines.  The 
new  module  is  attached  to  the  IM  at  a ring  near  the  equipment  mounting  shelf 
in  the  IM.  This  arrangement  allows  the  CM  to  be  accommodated  within  the 
center  portion  of  the  IM  to  a depth  of  18  inches  (0.45  meters).  At  this 
location,  the  lower  edge  of  the  IM  barely  obscures  the  forward-most  edge  of 
the  control  station  observation  windows.  Consequently,  maximum  ground 
visibility  is  obtained,  and  the  total  length  of  the  vehicle  is  minimized.  The 
RCS  quads  on  the  IM  offset  7°30'  from  the  vehicle  principal  axis  to  accom- 
modate attachment  of  the  landing  gear  main  struts.  The  hemipod  cargo 
modules  are  mounted  between  the  RCS  engine  quads  in  opposing  quadrants. 

The  secondary  or  stabilizing  struts  of  the  landing  gear  are  attached  to  the 
lower  edge  of  the  CM. 

In  general,  the  configuration  described  accommodates  the  orbital  and 
lunar  landing  operations  by  use  of  a common  PM  and  a CM  that  is  relocated 
from  a forward  location  for  orbital  to  an  aft  location  for  landing  operations. 
There  are  distinct  disadvantages  to  this  concept  in  that,  for  orbital  operations, 
a second  air  lock  may  be  required.  Also  much  changing  is  required  to 
relocate  the  module  (removal  or  additon  of  bulkheads  and  docking  systems 
and  pressure  hatches).  The  distinct  advantage  is  the  commonality  feature 
of  using  essentially  the  same  modules  for  optimum  configuration  in  each 
mode.  The  landing  configuration  offers  maximum  ground  vision  and  access, 
as  well  as  ease  of  cargo  handling.  The  orbital  operations  configuration 
offers  direct  docking  interface  between  the  CM  and  other  spaceborne 
modules  such  as  space  station.  It  also  offers  maximum  payload  observation 
out  of  the  forward  end  of  the  CM. 

Common  CM  LocaLi  0:1  (Top) 

The  second  configuration  of  a 22 -foot-diameter  (6.7-meter)  vehicle 
is  shown  in  Figure  2-6  and  can  be  compared  to  its  1 5 -foot-diameter 
(4.57-meter)  counterpart  on  Figure  2-1.  The  overall  configuration  is 
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similar  to  that  shown  on  Figure  2-4  and  previously  discussed.  This  con- 
figuration uses  a forward -located  Chi  and  Ihl  for  both  orbital  and 
lunar  landing  operations.  For  this  configuration  the  CM  is  identical  to  that 
shown  in  Figure  2-1.  The  PM  is  similar  to  that  used  on  the  first  22-foot 
(6.  7-meter)  configuration  shown  in  Figure  2-4. 

The  PM  contains  one  L H2  t^-nk  and  four  LOX  tanks  in  an  arrangement 
identical  to  that  of  Figure  2-4.  Four  10,  000-pound-thrust  (44,  482-N) 
engines  are  used  and  are  supported  from  radial  beams  between  the  LOX 
tanks.  The  engines  are  mounted  outboard  within  the  PM  and  are  located 
between  the  LOX  tanks  such  that  they  do  not  extend  below  the  aft  bulkhead 
of  the  PM.  Four  radial  beams  support  the  engines  and  LOX  tanks  in  the 
lower  part  of  the  module.  The  LH2  tank  is  supported  from  lighter  radial 
beams  in  the  forward  section.  The  beams  also  support  the  IM.  The  PM 
structure  is  completed  by  the  cylindrical  outer  shell  of  honeycomb  and  the 
honeycomb  aft  and  forward  bulkheads.  The  four  lower  radial  beams  are 
notched  to  accept  the  engines  and  their  mounts. 

A 22 -foot-diameter  (6.  7-meter)  IM  is  mounted  forward  of  the  PM. 

The  IM  is  a square  section  torus  with  a 170-inch  (4.3-meter)  inside 
diameter.  It  is  attached  to  the  upper  radial  beams  of  the  PM,  and  its 
forward  surface  is  the  interface  for  attachment  of  the  CM.  The  IM  is 
constructed  of  honeycomb  (inner  shell,  outer  shell,  forward  and  aft  bulk- 
heads, and  equipment  mounting  shelf).  The  equipment  is  mounted  to  the 
shelf  and  assembled  into  the  vehicle  in  segments.  This  arrangement  allows 
for  a maximum  of  growth  in  the  individual  subsystem  areas.  The  IM  also 
houses  four  sets  of  RCS  quads  and  equipment. 

A 15-foot-diameter  (4.  57-meter)  CM  is  supported  from  the  forward 
surface  of  the  PM.  This  module  is  a pressure  vessel  constructed  of  a 
honeycomb  outer  cylindrical  shell,  a centrally  located  air  lock,  and  forward 
and  aft  bulkheads  of  honeycomb.  The  forward  bulkhead  supports  a neuter 
cone  docking  system  in  a central  position  above  the  air  lock.  The  air  lock  is 
circular  and  has  an  inside  diameter  50  inches  (1.  3 meters)  with  a pressure 
hatch  forward  for  crew  egress  through  the  docking  system.  The  internal 
arrangement  of  the  CM  offers  maximum  space  for  crew  work  and  living. 

The  air  lock  is  the  only  unusable  area  in  the  module  from  the  standpoint  of 
accommodating  stores  or  personnel  working  in  a shirtsleeve  environment. 
The  neuter  cone  docking  system  enables  the  tug  to  dock  with  all  spaceborne 
elements,  using  either  the  active  or  passive  part  of  this  system.  The 
forward -mounted  CM  offers  maximum  visibility  of  payloads  being  docked. 

For  lunar  landing  operations,  no  changes  are  made  to  the  basic  con- 
figuration. Landing  gear  and  cargo  modules  are  added  to  the  structure,  and 
crew  egress  ladders  are  added.  The  main  landing  gear  struts  are  attached 
to  the  lower  radial  beams,  and  the  secondary  or  stabilizing  struts  are 
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attached  to  the  aft  edge  of  the  propulsion  module.  The  RCS  quads  on  the  IM 
are  located  between  the  landing  gear  legs.  Cargo  is  transported  to  the  lunar 
surface  in  two  hemipod  cargo  modules  of  15-foot-diameter  (4.57-meter) 
total.  This  allows  the  cargo  modules  and  CM  (also  15  feet  in  diameter) 

(4.  57-meters)  to  be  transported  in  the  earth  orbiting  shuttle  cargo  bay. 

The  cargo  modules  are  attached  at  the  lower  edge  of  the  PM  beneath  two  of 
the  RCS  quads.  The  modules  are  more  than  10  feet  (3.  0 meters)  from  the 
aft  firing  RCS  engine  exit  plane,  which  should  not  make  impingement  of  the 
exhaust  plume  a problem  from  either  a thermal  protection  or  attitude  control 
viewpoint.  The  crew  leaves  the  CM  through  a neuter  cone  docking  system 
and  then  descends  a series  of  ladders  down  the  side  of  the  IM-PM  combination 
and  down  ladders  affixed  to  the  landing  gear  main  strut  to  the  lunar  surface. 

The  configuration  arrived  at  is  a minimum  of  height  and  would  only  be 
6 inches  (0.  15  meters)  shorter  if  the  IM  were  completely  integrated  with  the 
PM.  The  PM  is  at  a minimum  height  with  a liberal  clearance  between  the 
LH2  and  LOX  tanks.  Both  LH2  and  LOX  tanks  are  ellipsoid  with  1.4  bulk- 
head ratios.  The  engines  are  mounted  within  the  PM  outer  mold  line  without 
requiring  a minimum  of  clearance  between  the  engine  excursions  and  the 
LOX  tanks.  A minimum  height  of  5 feet  (1.  5 meters)  has  been  used  for  the 
distance  from  the  engine  nozzle  exit  plane  to  the  lunar  surface.  With  these 
considerations  taken  into  account,  the  present  configuration  is  believed  to  be 
the  shortest  practical  22 -foot-diameter  (6.  7-meters)  vehicle  for  a 
60,  000-pound  (2  7,215-kilograms)  propellant  load. 

For  orbital  operations,  the  vehicle  affords  excellent  visibility  and 
interface  features.  It  affords  a minimum- height  lunar  surface  lander  but 
poor  visibility  with  a forward  (top)  CM.  The  cargo  modules  are  easily 
accessible  from  the  ground  in  the  lander  version.  The  surface-descent 
ladders  may  appear  awkward,  but  the  actual  distance  to  the  lunar  surface 
from  the  CM  is  under  28  feet  (8.  5 meters).  Another  approach  to  crew 
descent  would  be  an  elevator  assembly  of  the  type  shown  in  Figure  2-1. 

2.  2.  3 12- FOOT -DIAMETER  (3.  66-METER)  CONFIGURATION  STUDY 
Parametric  Sizing 


For  the  full  range  of  feasible  tug  vehicle  diameters  (12,  15,  and  22 
feet)  (3.  66,  4.  57  and  6.  7 meters).  Figure  2-7  was  prepared  to  encompass 
the  12-foot-diameter  (3.66-meter)  family.  Three  configurations  that  are 
shown  were  selected  for  comparison  with  their  larger-diameter  counter- 
parts. Selected  propellant  loadings  (usable)  were  20,  000,  40,  000,  and 
80,  000  pounds  (9074,  18,  147  and  36,  297  kilograms).  The  three  configu- 
rations are  identical,  except  for  the  length  of  the  cylindrical  section  of 
the  LH2  and  LOX  tanks.  Each  configuration  used  a single  LH2  tank  and 
LOX  tank,  a forward-mounted  IM,  an  optional  forward-mounted  neuter 
cone  docking  system,  four  10,  000 -pound -thrust  (44,  482-N)  throttleable 
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engines,  and  a passive  docking  ring  at  the  aft  end.  No  new  modules  were 
shown  in  the  configurations. 

In  each  configuration  the  basic  propulsion  module  structure  is  identical. 
This  structure  consists  of  a honeycomb  cylindrical  shell  with  a forward 
honeycomb  bulkhead.  At  the  aft  end  are  the  four  main  engines  and  passive 
docking  ring.  Each  engine  is  supported  from  a radial  beam  attached  to  the 
cylindrical  shell  at  the  forward  end.  The  other  end  of  each  of  the  four  radial 
beams  flairs  out  to  support  the  passive  docking  ring. 

Another  approach  to  the  support  of  the  engines  and  the  docking  ring 
would  be  a combination  cylindrical  and  conical  adapters  of  skin  stringer 
construction.  The  cylindrical  portion  would  support  the  docking  ring  and 
allow  clearance  for  the  engine  gimbaling.  The  conical  piece  would  adopt 
the  cylindrical  section  to  the  propulsion  module  shell.  The  engines  would 
be  supported  from  fittings  on  the  conical  section. 

The  outer  shell  of  the  basic  structure  is  scalloped  in  the  areas  of  the 
four  engines  to  allow  clearance  for  the  engines  in  a fully  gimbaled  position. 
Circumferential  rings  on  the  outer  shell  structure  are  located  fore  and  aft 
of  the  LH2  and  LOX  tank  girth  rings  to  support  each  tank.  The  upper  part 
of  each  radial  beam  also  interfaces  with  the  aft  LOX  support  ring  on  the 
basic  shell.  This  concept  is  identical  to  each  of  the  three  configurations 
shown. 

The  IM  is  mounted  on  the  forward  end  of  the  propulsion  module.  Its 
shape  is  not  toroidal  as  are  its  15-  and  22-foot  (4.  57-  and  6.  7-meter) 
counterparts.  This  intelligence  module,  being  12  feet  (3.66  meters)  in 
diameter,  requires  all  of  the  circular  area  for  mounting  of  the  equipment. 
Consequently,  this  module  is  wafer  shaped.  The  equipment  is  put  into  the 
module  in  segments  similar  to  the  other  larger  diameter  modules,  but  the 
segments  are  not  neat  pie -shaped  wedges.  The  structure  is  basically  a 
honeycomb  fore  and  aft  bulkhead  with  a central  honeycomb  shelf.  The  outer 
honeycomb  panels  are  removed  in  sections  with  each  segment.  The  available 
volume  of  this  module  is  approximately  340  cubic  feet  (9.6  cubic  meters) 
which  is  about  60  cubic  feet  (1.7  cubic  meters)  less  than  that  available  in  the 
15-foot-diameter  (4.57-meter)  version.  This  loss  does  not  appear  severe 
when  it  is  considered  that  the  15 -foot  (4.  57-meter)  module  had  an  excess 
of  growth  volume.  The  15-foot-diameter  (4.  57-meter)  IM  had  a packing 
density  of  about  9 pounds  per  cubic  foot  (144  kilograms  per  cubic  meter). 

The  12 -foot-diameter  (3.66-meter)  version  exhibits  about  10  pounds  per  cubic 
foot  (160  kilograms  per  cubic  meter)  packing  density.  All  of  the  subsystem 
equipment  is  located  in  the  IM.  The  ACS  engine  quads  are  located  about  the 
periphery  of  the  module. 
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A neuter  cone  docking  system  is  attached  to  the  forward  end  of  each 
vehicle.  This  system  is  an  optional  item.  When  required,  it  lengthens  the 
vehicle  by  the  actual  length  of  the  mechanism  since  it  cannot  be  buried 
partially  within  the  IM.  The  passive  docking  ring  on  the  aft  end  of  each 
vehicle  will  enable  it  to  dock  with  the  one  active  docking  cone  on  the  space 
station.  This  ring  also  enables  two  stages  to  be  put  together  in  tandem 
fashion  to  perform  missions  requiring  more  delta  V than  is  available  with 
one  stage.  Such  an  arrangement  is  separated  without  destroying  either 
vehicle's  docking  mechanism. 

The  tanks  used  in  the  propulsion  module  are  cylindrical  with  1. 4 to  1 
ratio  elliptical  bulkheads.  The  LOX  tank  is  of  smaller  diameter  than  the 
LH2  tank  to  allow  sufficient  clearance  between  the  tank  wall  and  insulation 
and  the  propulsion  module  inner  mould  line  for  the  LH^  transfer  lines  to  the 
engines. 

The  20,000-  and  40,000-pound  (9074-  and  18,  147-kilogram)  propellant 
loading  vehicles  are  not  extremely  lengthy  being  30  and  40  feet  (9.  1 and 
12.2  meters)  overall,  respectively.  The  80,000  pound  (36,297  kilogram) 
propellant  vehicle,  however,  is  longer  than  67  feet  (20.4  meters).  When  it 
is  considered  that  these  lengths  do  not  include  a payload  or  a new  module, 
the  80,000-pound  (36,297-kilogram)  version  is  much  too  long  to  be  feasible. 
The  other  two  configurations,  however,  do  not  appear  unwieldy  even  when 
seven  or  eight  feet  are  added  to  their  lengths  for  a CM. 

Typical  Point  Design  for  Lunar  Lander 

The  concepts  shown  in  Figure  2-8  are  configured  for  a 1 2 -foot-diameter 
(3.66-meter)  lunar  landing  vehicle  in  a single-stage  mode.  The  usable 
propellant  load  is  55,  000  pounds  (24,  974  kilogram).  Two  configurations  are 
shown.  They  are  based  on  four  very  high-pressure  (1500  psia,  1034  N/cm^) 
engines  and  a single-deck  CM  and  four  high-pressure  (800  psia,  552  N/cm^) 
engines  with  a d.ouble-deck  CM.  The  first  concept  is  configured  basically 
for  comparison  with  its  15-  and  22 -foot-diameter  (4.57-  and  6.7-meter) 
counterparts.  This  configuration  has  a single  LH2  and  a single  LOX  tank. 

An  IM  is  mounted  on  the  forward  end.  The  single  deck  CM  is  located  forward 
of  the  J.M  and  incorporates  a neuter  cone  docking  system  at  its  forward  end. 
Four  very  high-pressure  engines  (Pc  - 1500  psia,  1034  N/cm2)  are  fixed- 
mounted  and  clustered  about  a passive  docking  ring  at  the  aft  end. 

Use  of  a single  LOX  tank  gives  the  shortest  configuration  when  compared 
to  a concept  with  four  LOX  tanks  with  the  engines  between  the  tanks.  The 
four  engines  are  supported  by  a conical  skin- stringer  structure  at  the  aft 
end  of  the  cylindrical  section.  This  conical  structure  also  supports  the 
passive  docking  ring.  The  IM  is  wafer  shaped  and  does  not  have  a hole  in 
its  center  as  does  the  15-foot-diameter  (4.  57-meter)  IM’s.  The  equipment 
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and  volume  required  for  stowage  of  the  ACS  engine  clusters  uses  nearly  all 
the  available  volume  within  the  IM.  The  IM  consists  structurally  of  a forward 
and  aft  honeycomb  bulkhead  with  a centrally  located  honeycomb  shelf.  The 
cylinder  is  closed  out  by  removable  honeycomb  outer  covers.  Four  of  these 
covers  providing  mounting  for  the  ACS  clusters.  These  four  covers  with 
clusters  ar.e  capable  of  being  rotated  180  degrees  to  stow  the  clusters  within 
the  1 2 -foot-diameter  (3.66-meter)  outer  moldline. 

The  CM  shown  in  this  concept  is  a single-deck  version  with  a centrally 
located  air  lock.  The  air  lock  is  50  inches  (1.  3 meters)  in  diameter  and 
interfaces  at  the  forward  end  with  a neuter  cone  docking  system.  The 
available  volume  within  the  CM  for  living  quarters  and  equipment  (does  not 
include  air  lock)  is  approximately  680  cubic  feet  (19.  3 cubic  meters)  as 
compared  with  the  1110  cubic  feet  (31.4  cubic  meters)  available  in  the 
15-foot-diameter  (4.  57-meter)  vehicle.  The  smaller  overall  diameter 
(12  feet)  (3.  66  meters)  in  conjunction  with  the  air-lock  diameter  (50  inches, 

1.3  meters)  allows  only  approximately  a four-foot  toroid  area  for  crew 
movement  and  equipment.  When  the  work  and  equipment  station  are  subtracted 
from  this  floor  area,  the  actual  area  for  crew  movement  becomes  marginal 
for  a comfortable  environment. 

Because  of  the  reduced  volume  available  in  the  12-foot-diameter 
(3.  66-meter)  CM,  it  is  felt  that  a two -deck  module  is  required  to  be 
comparable  to  the  1 5 -foot-diameter  (4.57-meter)  configuration. 

The  two-deck  module  is  shown  on  the  second  configuration.  The  second 
deck  adds  770  cubic  feet  (21. 8 cubic  meters)  of  volume  to  the  first  deck  for 
a total  of  1450  cubic  feet  (41.  1 cubic  meters).  There  is  no  air  lock  in  the 
second  deck,  only  a pressure  hatch  between  the  two  decks.  In  the  event  of  a 
pressure  failure  in  either  deck,  that  deck  could  be  isolated  from  the  other. 

The  air  lock  can  be  entered  from  either  deck,  through  the  side  in  top  deck  or 
through  the  aft  end  in  the  second  deck. 

This  configuration  also  depicts  the  high-pressure  (Pc  = 800  psia, 

552  N/cm  ) engines,  which  are  close  to  state-of-the-art-type  engines.  To 
accommodate  these  engines,  an  Apollo-type  probe  and  drogue  docking  systems 
has  been  used  at  the  aft  end.  The  four  engines  have  been  clustered  about  a 
drogue  that  is  supported  from  a skin- stringer  conical  structure.  The  engines 
are  also  supported  from  this  conical  structure.  As  can  be  seen  from  a 
comparison  of  these  two  configurations,  the  increase  in  length  of  the  basi„ 
vehicle  is  118  inches  (3.  0 meters)  to  accommodate  the  two-deck  crew  module 
and  the  high-pressure  engines.  The  revised  configuration  is  792  inches 

(20;  1 meters)  long  and  could  not  be  stowed  with  a 60-foot  (18.  3-meter) 

shuttle  orbiter  payload  bay.  The  first  configuration  is  674  inches  (1. 71  meter) 
long  and  would  fit  in  the  payload  bay.  However,  it  is  felt  that  this  concept  is 
not  adequate  in  CM  volume,  and  the  engines  would  require  an  increase  in  the 
state  of  the  art. 
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The  tall  thin  configurations  that  arise  out  of  the  55,  000 -pound 
(24,974-kilogram)  propellant  vehicles  exhibit  exceedingly  high  center  of 
gravities.  Because  of  these  high  c.g.'s,  the  landing  gear  spread  is  large 
(428-  and  538-inch  (10.9-  and  13.7-meter)  radius  for  the  concepts  shown), 
which  requires  a large  and  heavy  gear.  It  is  estimated  that  the  gear  required 
would  increase  in  weight  by  nearly  100  percent  over  that  required  on  15-  and 
22 -foot-diameter  (4.  57-  and  6.  7-meter)  vehicles  of  the  same  propellant 
weight.  Crew  egress  to  the  lunar  surface  would  be  either  by  an  elevator 
assembly  or  a series  of  ladders  affixed  to  the  side  of  the  vehicle.  The 
extremely  long  distance  from  the  CM  upper  bulkhead,  where  the  crew  would 
begin  its  descent  to  the  lunar  surface,  a distance  of  60  and  70  feet  (18.  3 and 
21.  3 meter)  would  probably  preclude  use  of  ladders.  An  elevator  assembly 
is  the  most  practical  system.  This  assembly  could  be  similar  to  that  shown 
on  the  15-foot  diameter  (4.  75-meter)  vehicle  in  Figure  2-1.  It  would  be 
stowed  on  the  top  of  the  forward  bulkhead  of  the  CM  and  would  pivot  into  the 
operational  position.  Braces  and  other  hardware  would  also  be  stowed  on  the 
bulkhead  which  would  ease  assembly  of  the  system. 

These  vehicles  are  refueled  through  a drogue  near  the  aft  end  of  each 
vehicle.  The  drogues  are  located  between  two  adjacent  engines.  The 
refueling  assembly  is  supported  from  the  aft  conical  thrust  structure  and  is 
closed  off  by  a pivoting  door  that  is  opened  when  the  refueling  supply  probe 
is  being  inserted  into  the  drogue. 

Also  shown  on  this  drawing  are  overall  views  of  the  manned  and 
unmanned  orbital  configurations,  as  well  as  a geosynchronous  mission 
configuration.  The  manned  orbital  configuration  shown  is  the  same  as  the 
two-deck  CM  lander  without  the  landing  gear.  This  concept  accommodates 
four  high-pressure  engines  (Pc  = 800  psia,  552N/cm2)  and  a neuter  cone 
docking  system  on  the  CM.  The  configuration  is  792  inches  (20.  1 meters) 
long.  The  unmanned  concept  removes  the  CM  and  can  accommodate  a 
neuter  cone  docking  assembly  at  the  forward  end  as  an  optional  item. 

Overall  the  configuration  is  609  inches  (15.  5 meters)  long,  including  the 
neuter  cone  docking  system,  or  573  inches  (14.  5 meters)  if  the  neuter  cone 
is  removed. 

The  last  configuration  shown  on  the  drawing  is  a geosynchronous  concept 
that  uses  two  basic  vehicles  in  tandem.  These  vehicles  would  both  be 
recoverable  and  would  probably  be  offloaded  to  perform  the  mission.  A 
probe-and-drogue  docking  system  is  used  to  join  the  two  vehicles,  as  well 
as  a cylindrical  interstage  about  118  inches  (3.  0 meters)  long.  All  parts  of 
both  vehicles  are  recoverable. 

Hemipod  cargo  modules  12  feet  (3.  66  meters)  diameter  are  used  in 
each  lander  configuration.  The  pods  are  located  as  far  aft  as  practicable 
from  an  attachment  standpoint. 
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Parallel  and  Tandem  PM  Landers 


The  configuration  shown  in  Figure  2-9  is  based  on  a lunar  lander 
parallel-vehicle  concept.  Each  vehicle  is  sized  for  30,  000  pounds 
(13,  607  kilograms,  of  usable  propellant.  Two  vehicles  are  arranged  in  a 
parallel  fashion,  with  a crew  module  and  cargo  module  between  them.  All 
modules  are  12  feet  (3.66  meters)  in  diameter.  Each  propulsion  module 
incorporates  one  LH2  and  one  LOX  tank.  Four  high-pressure  (Pc  = 800  psia, 
552  N/cm.2)  engines  are  clustered  about  an  Apollo-type  drogue  at  the  aft 
end.  A conical  skin- stringer-type  thrust  structure  supports  the  engines  and 
the  docking  drogue.  Between  two  adjacent  engines  on  the  aft  end  of  each 
vehicle  is  a refueling  connection  drogue  assembly.  This  assembly  is  also 
supported  from  the  thrust  structure.  A cover  is  provided  over  the  connection, 
which  is  pivoted  out  of  the  way  during  refueling. 

The  two  PM's  are  structurally  tied  together  in  several  points.  At  the 
forward  end  of  each  PM,  a structural  tie  exists  between  the  parallel  vehicles. 
Farther  aft,  at  the  crew  module  location,  the  ties  are  between  propulsion 
module  and  crew  module  at  several  locations.  At  the  forward  end  of  each 
propulsion  module  an  intelligence  module  is  located. 

The  intelligence  module  is  constructed  of  a forward  and  aft  honeycomb 
bulkhead  with  a centrally  located  honeycomb  equipment  shelf.  The  bulkheads 
are  wafer  shaped,  and  the  cylinder  is  closed  out  externally  by  honeycomb 
covers.  Four  covers  are  removable  for  equipment  access,  and  four  others 
provide  mounting  for  the  ACS  clusters.  The  ACS  clusters  pivot  180  degrees 
such  that  the  entir-  cluster  may  be  stowed  within  the  IM  1 2 -foot-diameter 
(3.  66-meters)  outer  moldline.  The  IM  houses  all  subsystem  equipment,  as 
well  as  the  entire  ACS  system.  There  is  no  docking  provision  at  the  forward 
end  of  each  PM  since  a drogue  is  provided  at  the  aft  end  for  docking. 

A 1 2 -foot-diameter  (3.  66-meter)  two-deck  crew  module  is  mounted 
between  the  propulsion  modules  at  the  aft  end  of  the  vehicle.  The  first  deck 
contains  the  control  station  and  crew  quarters,  as  well  as  the  centrally 
located  air  lock.  At  the  aft  end  of  the  air  lock  is  a passive  docking  ring. 

Crew  egress  to  the  lunar  surface  is  through  the  docking  ring.  Crewmen  also 
transfer  to  the  space  station  through  this  ring.  The  passive  docking  ring 
permits  the  tug  to  dock  at  che  space  station  aft  end,  which  contains  an  active 
neuter  cone  docking  system.  The  second  deck  of  the  crew  module  contains 
equipment  and  work  stations.  This  d ^ck  is  separated  from  the  first  by  a 
pressure  hatch  but  has  access  to  the  air  lock  from  the  forward  end  through 
the  second  deck  floor.  There  is  no  docking  provision  on  the  forward  end  of 
the  crew  module  since  it  is  buried  aft  of  the  propulsion  module  forward  end 
and  would  not  be  easily  accessible.  Two  1 2-foot-diameter  (3.  66-meter) 
hemipod  cargo  modules  are  attached  to  the  crew  module  at  an  elevation  just 
forward  of  the  control  station  landing  windows.  These  pods  can  be  lowered 
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and  pivoted  to  a position  against  the  lower  deck  of  the  crew  module.  Once 
the  pods  are  in  this  position  (rotation  90  degrees  from  the  stowed  position), 
the  bottom  bulkhead  of  the  pod,  which  acts  like  a door,  can  be  pivoted  to  the 
lunar  surface.  Then  the  cargo,  which  is  strapped  to  the  cover,  can  be 
removed  easily. 

The  landing  gear  is  attached  to  the  lower  deck  half  of  the  crew  module. 
This  arrangement  then  keeps  the  landing  gear  scar  weight  off  of  the  propul- 
sion modules.  The  gear  may  be  attached  to  the  crew  module  as  a kit  and 
does  not  influence  the  design  of  the  propulsion  module. 

Figure  2-9  also  depicts  small-scale  configurations  of  other  lander 
arrangements.  The  first  of  these  raises  the  two-deck  crew  module  approxi- 
mately 116  inches  (2.  9 meters)  to  accommodate  a cylindrical  cargo  module. 
The  cargo  module  then  accommodates  the  air  lock,  and  additional  volume 
is  gained  in  the  lower  deck  of  the  crew  module  by  removal  of  the  air  lock. 

The  landing  gear  is  attached  to  the  cargo  module  and  eliminates  the  scar 
weight  on  both  the  propulsion  module  and  the  crew  module.  This  concept 
makes  the  cargo  easily  accessible  from  the  ground. 

The  second  lander  alternative  is  a tandem  configuration  in  which  the 
first  stage,  which  consists  of  a propulsion  module  and  an  IM,  is  jettisoned 
during  descent  and  recovered  in  orbit.  The  second  stage  is  then  used  to 
complete  the  .landing  operation.  The  landing  gear,  which  is  on  the  second 
stage,  is  attached  to  the  interstage,  which  joins  the  two  vehicles.  The  IM 
is  on  the  forward  end  of  the  propulsion  module,  and  the  crew  module  (two 
decks)  is  forward  of  it.  A neuter  cone  docking  system  is  affixed  to  the 
forward  end  of  the  crew  module.  The  lander  vehicle  is  650  inches 
(1 6.  5 meters)  long.  Operationally,  this  vehicle's  landing  mode  is  undesirable 
and  it  is  difficult  to  stage. 

A manned  and  unmanned  orbital  operation's  configuration  are  also 
shown.  The  unmanned  concept  is  458  inches  (11.  6 meters)  long  with  a neuter 
cone  docking  system  attached  to  the  forward  end  of  the  IM.  If  the  docking 
system  is  removed,  the  configuration  is  422  inches  (10.7  meters)  long.  The 
manned  orbital  vehicle  accommodates  a two-deck  crew  module  forward  of  the 
intelligence  module.  This  concept  is  638  inches  (16.2  meters)  long  with  a 
neuter  cone  docking  system  attached  to  the  forward  end  of  the  crew  module.  | 

The  last  configuration  is  a tandem  vehicle  geosynchronous  mission 
concept.  The  first  stage  of  this  vehicle  does  not  have  an  IM,  and  the 
propulsion  module  is  expended  to  perform  the  mission.  The  second  stage  has 
an  IM  at  the  forward  end  and  is  recovered.  A 118-inch  (3.  0-meters)  inter- 
stage joins  the  two  stages  and  is  expended  with  the  first  stage. 
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Overall,  the  concepts  shown  on  this  drawing  offer  a number  of  desir- 
able features  for  the  orbital  and  lunar  landing  missions.  The  only  drawback 
to  these  concepts  is  the  expending  of  one  propulsion  module  to  accomplish  the 
geosynchronous  mission.  The  orbital  missions  offer  a small  propellant  load 
tug  vehicle  with  a forward  located  crew  module.  The  landers  (parallel 
propulsion  module)  offer  low  center  of  gravities,  good  crew  access  to  the 
ground,  and  ease  of  cargo  removal  and  eliminate  landing  gear  scar  weight 
from  the  propulsion  modules.  The  lower-center-of-gravity  landers  also 
exhibit  shorter  gear  spread  radius,  which  accounts  for  the  lighter  weight 
landing  gear.  In  the  lander  mode,  two  intelligence  modules  have  been  used 
but  they  may  be  only  partially  loaded  with  equipment.  The  ACS  clusters 
nearest  the  crew  module  on  the  IM's  have  been  eliminated  for  the  lander 
version;  however,  they  could  be  carried  for  additional  redundancy  or  backup. 
The  four  main  engines  on  each  propulsion  module  in  the  parallel  arrangement 
may  not  also  be  used.  The  inboard  engines  may  be  eliminated  or  carried 
as  backup. 

2.2.4  12-,  15-,  AND  22-FOOT-DIAMETER  (3.66-,  4.57-,  AND  6.7- 
METER)  CREW  MODULE  STUDY 

12-  and  15-Foot  (3.  66"-  and  4.57-Meter)  Modules 

The  first  drawing  of  this  study  (Figure  2-10)  investigated  12-foot- 
and  15-foot-diameter  (3.66  meters  and  4.57-meters)  diameter  crew  modules. 
The  spectrum  of  configurations  included  a 15-foot-diameter  (4.  57-meter s) 
vertical  cylinder  for  six  men  seven  days;  12-foot-diameter  (3.  66  meters) 
vertical  cylinder  with  two  decks  for  six  men  seven  days;  and  a 12 -foot- 
diameter  (3.66-meters)  horizontal  cylinder  for  six  men  seven  days.  Each 
of  the  CM's  has  been  arranged  so  that  they  can  be  used  by  12  men  in  a crew 
rescue  mode  with  no  change  to  the  basic  floor  plan  except  for  the  folding  of 
bunks  to  obtain  standing  area. 

All  of  the  configurations  featured  the  same  type  of  construction  — 
aluminum  honeycomb  pressure  vessel  with  a centrally  located  air  lock. 

Each  module  also  incorporated  an  emergency  egress  hatch  in  the  side  wall 
of  36  inches  (0.  91  meters)  in  diameter.  The  control  station  is  a stand-up 
station  similar  to  that  on  the  Apollo  lunar  module.  Work  stations  consist  of 
chair  s with  tables.  Above  the  work  station  benches  are  storage  cabinets  for 
food  preparation  and  environmental  control  equipment  and  scientific  equip- 
ment. Fold-up  bunks  are  provided  on  the  side  wall.  These  bunks,  when 
folded  up,  provide  the  needed  floor  area  for  crew  rescue  operations. 


The  air  lock  in  the  15-foot-diameter  (4.  54-m)  combination  is 
60  inches  (1.  5 meters)  in  diameter  with  a pressurized  volume  of  134  cubic 
feet  (3.79  cubic  meters).  In  each  of  the  12-foot  (3.66-meters)  modules, 
the  air  lock's  inside  diameter  is  50  inches  (1.27  meters).  The  pressurized 
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Figure  2-10.  12-  and  15- Foot-Diameter  Crew 
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volume  in  the  vertical  module  is  93  cubic  feet  (2.63  cubic  meters)  and 
112  cubic  feet  (3.  17  cubic  meters)  in  the  horizontal  module.  The  pressurized 
volume  of  the  15-foot  (4.  57-m)  module  is  1125  cubic  feet  (31.85  cubic 
meters).  For  the  12-foot  (3.  66-m)  vertical  module  it  is  1460  cubic  feet 
(41.  34  cubic  inches),  and  for  the  12-foot  (3.  66-m)  horizontal  module  it  is 
1055  cubic  feet  (29.87  cubic  meters).  The  most  volume  is  in  the  12-foot 
(3.  66-m)  vertical  module;  however,  this  module  contains  two  desks  and 
offers  little  aisle  area  for  movement  from  control  station  to  work  stations. 

The  horizontal  module  requires  that  floors  be  put  in  the  cylinder,  which 
lessens  the  available  storage  area  and  gives  one  the  feeling  of  closeness 
when  viewed  from  the  cylinder  end.  This  module  also  uses  elliptical  bulk- 
heads on  the  end  of  cylinder  to  offer  a maximum  volume,  while  still  remain- 
ing within  the  15-foot-diameter  (4.  57-m)  limitation. 

Of  the  three  modules  configured,  the  15-foot  (4.  57-m)  modules  appears 
to  be  optimum.  The  12-foot  (3.66-meters)  vertical  required  two  decks,  and 
the  horizontal  required  floors,  as  well  as  overhead  and  beneath  ceiling  and 
floor  storage.  It  also  offered  less  floor  area  for  standing  and  working. 

Before  the  15-foot-diameter  (4.  57-m)  module  was  adopted,  though,  further 
investigations  were  performed  of  other  configurations,  22-foot-diameter 
(6.  7-m)  and  arrangements  for  other  longer-duration  missions  of  four  men 
for  28  days  on  the  lunar  surface. 

22-Foot  (6.7-Meter)  Modules 

The  22-foot-diameter  (6.  7-m)  module  is  shown  in  Figure  2-11.  This 
module  is  a vertical  cylinder  pressure  vessel  with  flat  bulkheads.  The 
central  air  lock  is  84  inches  (2.  13  meters)  inside  diameter  with  a pressurized 
volume  of  263  cubic  feet  (7.45  cubic  meters).  The  module  internal  pres- 
surized volume  is  2470  cubic  feet  (69.  94  cubic  meters)  and  is  much  more  than 
is  required  for  even  the  longest  duration  missions.  As  evidenced  by  the 
floor  area  plan,  there  is  an  over  abundance  of  area  for  all  functions  within 
this  module.  If  this  area  could  be  shared  effectively  with  some  payload, 
then  the  concept  would  be  economically  feasible.  However,  as  only  a crew 
shelter  and  work  station,  this  concept  is  overdesigned.  For  this  reason, 
as  well  as  the  22-foot-diameter  ’ s (6.7  meters)  incompatibility  with  the 
15-foot-diameter  (4.  57-m)  EOS  cargo  bay,  this  concept  was  carried  no 
further. 

Lunar  Shelter  Version 

The  last  configuration  prepared  is  shown  in  Figure  2-12.  This  concept 
is  a 15-foot-vertical  (4.  57-m)  vertical  cylinder  configured  for  four  men 
28  days.  The  arrangement  is  similar  to  that  shown  for  this  diameter  and 
demonstrates  that  there  is  little  difference  between  the  configurations  for 
four  men  for  28  days  and  six  men  for  seven  days.  The  most  noticeable 
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Figure  2-12.  1 5- Foot- Diameter  Crew  Module  - 4 Man  28  Days 
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difference  is  the  removal  of  bunks  in  the  four-man  version  and  the  addition 
of  work  stations.  Since  this  version  of  the  crew  module  is  used  as  a lunar 
shelter,  addition  of  work  area  is  desirable.  As  demonstrated  on  the  drawing, 
this  configuration  can  be  used  as  a 12-man  rescue  vehicle.  For  the  rescue 
mode,  the  folding  eating  table  and  chairs  are  removed  or  folded  and  the  crew 
members  are  restrained  while  standing  in  the  aisle. 


A passive  docking  ring  has  been  shown  on  the  aft  end  of  the  crew 
module.  This  arrangement  is  for  an  aft-located  crew  module  configuration. 
For  other  vehicle  configurations,  this  docking  ring  can  be  put  on  the  forward 
end  of  the  module  or  could  be  replaced  with  an  active  neuter  system  at  either 
location.  The  overall  visibility  of  the  1 5 -foot-diameter  (4.  57-meter) 
vertical  cylinder  crew  module  to  be  compatible  with  all  identified  manned 
tug  missions  dictates  that  it  be  adopted  as  a baseline  module  for  manned 
tug  vehicle  design  configurations. 

2.  2.  5 15-FOOT-DIAMETER  (4.  57-METER)  CANDIDATE  TUG  VEHICLE 
CONCEPT  DEFINITION 

Single-Stage  Concepts  1 and  2 

In  the  first  half  of  the  study  program,  several  basic  tug  candidate 
multipurpose  approaches  were  identified.  Different  design  optimization 
assumptions  were  used,  as  listed  on  Table  2-4.  It  was  decided  that  the 
following  concepts  would  be  configurationally  studied  and  defined:  Con- 

cepts 1,  2,  3,  4,  5,  6,  and  11.  These  concepts  appeared  at  the  time  to 
satisfy  the  multipurpose  approach  best  for  completing  each  of  the  identified 
missions  and  were  the  primary  candidates  for  midterm  evaluation.  The 
concepts  may  be  grouped  into  similar  configurations  based  on  their  tank  and 
structural  arrangements.  The  fit  5? t such  grouping  is  Concepts  1 and  2. 

They  are  defined  in  Figures  2-13,  2-14,  and  2-15. 


Figure  2-13  defines  a 60,000-  and  80,000-pound  (27,215-  and 
36,287-kilogram)  single-stage  lunar  lander,  a size  range  that  appeared 
to  be  representative.  In  each  concept  efforts  were  made  to  have  common 
elements.  One  of  commonality  was  in  the  IM.  Each  concept  used  a separable 
IM  with  swing-out  ACS  pods.  Equipment  arrangement  was  identical  in  all 
concepts,  The  CM  used  was  a 15-foot-diameter  (4.57-meter)  vertical 
cylinder  with  the  docking  provision  at  either  the  aft  or  forward  end,  depending 
on  the  location  of  the  CM  in  the  vehicle.  The  exception  is  the  last  configu- 
ration. It  used  a 12-foot-diameter  (3.  66-meter)  horizontal  CM  to  obtain 
a comparison  of  the  two-crew  module  integration  approaches.  In  each 
concept  the  basic  structural  approach  and  refueling  drogue  assembly  are 
also  common  elements.  The  first  concept  shown  in  a manned  single-stage 
lunar  lander  with  a PM  having  an  80,000-pound  (36,  287-kilogram)  usable 
propellant  capacity.  The  propulsion  section  has  four  engines  based  on  an 
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800-psi  (552  N/cm  ) chamber  pressure,  300-to-l  expansion  ratio  nozzle, 
and  a specific  impulse  of  463  (4550  N-S/kilogram)  seconds.  The  engines 
are  canted  inboard  6-1/2  degrees  during  stowage  to  prevent  violating  the 
15-foot  (4.57-meter)  maximum  diameter  requirement  for  the  EOS  cargo 
compartment.  The  launch  configuration  of  the  basic  vehicle  has  a length 
of  691  inches  (17.6  meters),  which  is  compatible  with  the  EOS  bay. 

The  basic  vehicle  comprises  an  active  neuter  docking  cone  at  the  top, 
the  CM,  the  IM,  a 3300-cubic  foot,  (93.  4 cubic  meter)  tank,  four 
275-cubic  foot  (7.8  cubic  meter)  O^  tanks,  engine  thrust  structure,  two 
hemipod  cargo  modules  with  a total  volume  of  1,  000  cubic  feet  (28.  3 cubic 
meters),  four  1 0,  000-pound-thrust  (44,  482 -N)  engines , and  a passive 
docking  cone  on  the  bottom.  The  landing  gear  is  a kit  that  is  installed  in 
space.  The  basic  vehicle  structure  forms  a cruciform  about  the  lower  end 
of  the  engines  and  supports  the  horizontal  landing  gear  members  and  the 
propellant  transfer  system  interface.  The  transfer  system  consists  of  two 
drogues — one  for  liquid  hydrogen  and  one  for  liquid  oxygen — and  a quick 
disconnect  for  helium.  This  equipment  is  enclosed  in  high-performance 
insulation  to  minimize  heat  leaks. 

For  access  to  the  transfer  equipment  by  the  orbiting  propellant  depot, 
a hatch  on  the  tug,  which  covers  the  drogues,  is  opened,  permitting  the 
'probes  to  be  attached.  Once  the  connections  are  completed,  the  transfer 
equipment  is  completely  encased  in  the  high-performance  insulation,  holding 
the  boiloff  losses  to  a minimum.  The  second  concept  shown  is  the  same  as 
the  first  except  the  usable  propellant  capacity  is  60,  000  pounds  (27,  215 
kilograms)  instead  of  80,  000  pounds,  (36,  287  kilograms)  the  liquid 
hydrogen  tank  capacity  is  2,  320  cubic  feet  (67.  7 cubic  meters)  and  the  single 
liquid  oxygen  tank  is  785  cubic  feet  (22.  2 cubic  meters).  The  vehicle  for  the 
launch  configuration  is  499  inches  (12.  7 meters)  long,  which  is  compatible 
with  the  EOS  cargo  bay. 

Lunar -Optimized  Concepts 

Shown  on  Figure  2-14  is  a manned  single-stage  lunar  lander  with  a 
capacity  of  80,  000  pounds  (36,  287  kilograms)  of  usable  propellant.  The 
propulsion  section  has  four  translating  (swing-out)  engines  stowed  within  the 
1 5 -foot-diameter  (4.57-meter)  moldline  of  the  vehicle.  The  engines  are 
supported  on  four-bar  linkage  systems  stabilized  by  over-center  folding 
thrust  braces.  The  moldline  shrouding  is  attached  to  the  engines  and  the 
thrust  braces.  The  engine  is  suspended  in  a mounting  frame  on  the  linkage 
by  a gimbal,  and  the;  thrust  vector  control  actuators  are  attached  to  the 
frame  and  the  engine,  permitting  the  engine  thrust  vector  to  vary  ±5  degrees 
in  two  axes.  As  the  engines  are  deployed  from  their  stowed  position,  they 
move  outboard  a one -nozzle  diameter  beyond  the  outer  moldline  and  down 
approximately  80  inches  (2.0  meters)  to  within  28  inches  (0.71  meters)  of 
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the  bottom  plane  of  the  crew  compartment.  With  this  engine  deployment 
system,  analysis  of  the  crew  module  revealed  no  excessive  plume  impinge- 
ment temperatures.  In  the  launch  configuration,  the  vehicle  is  675  inches 
(17.  1 meters)  long. 

The  basic  vehicle  comprises  of  an  active  neuter  docking  cone  at  the 
top  mounted  in  the  center  of  the  IM,  a 3300-cubic  feet  (93.4  cubic  meters) 
LH2  tank,  four  32-inch-diameter  (0.81-meter)  helium  tanks  with  10  cubic 
feet  (0.  3 cubic  meters)  per  tank,  four  275-cubic  feet  (7. 8-cubic  meters) 

LOX  tanks,  two  hemipod  cargo  module  with  a total  volume  of  1000  cubic 
feet  (28.3  cubic  meters)  four  10,000-pound-thrust  (44,  482-N)  engines  with 
an  800-psi  (552  k/cm^)  chamber  pressure,  300-to-l  expansion  ratio  nozzle, 
and  specific  impulse  of  464  pound- seconds  (4550  N-S/kilograms),  and  a 
passive,  pressurized  docking  cone  on  the  bottom  for  crew  access  to  the 
lunar  surface.  The  landing  gear  is  a kit  that  is  installed  in  space.  The 
propellant  transfer  system  on  the  tug  consists  of  two  drogues  and  is  identical 
to  that  described  on  Figure  2-13. 

The  second  concept  is  a manned  low  earth  orbiting  tug  configuration 
with  the  crew  compartment  mounted  on  the  upper  end  of  the  vehicle  to  pro- 
vide better  visibility.  The  vehicle  has  the  same  tanks  and  propulsion  system 
as  the  first  concept,  and  the  stowage  length  is  703  inches  (17.  9 meters). 

The  last  concept  shown  is  a manned  lunar  landing  tug.  It  is  identical 
to  the  first  concept  except  the  usable  propellant  has  been  reduced  to 
60,  000  pounds  (27,215  kilograms).  The  stowage  length  of  this  concept 
is  584  inches  (14.  8 meters). 

Concept  2 With  Horizontal  CM 

The  concept  in  Figure  2-15  is  a manned  lunar  gander  that  has  accom- 
modated an  aft-located  horizontal  CM.  The  basic  configuration  is  similar  to 
that  in  Figure  2-14.  Swing-out  or  deployable  main  engines  are  used,  and  a 
single  LH2  tank  and  four  LOX  tanks  are  accommodated.  The  only  difference 
between  this  concept  and  that  shown  earlier  is  the  length  of  the  propellant 
tanks  and  the  integration  of  a horizontal  CM. 


The  propellant  capacity  is  60,  000  pounds  (27,215  kilograms).  ; The 
horizontal  cylinder  CM  of  12  feet  (3.  66  meters)  in  diameter  appears 
reasonable  and  used  a passive  docking  ring  at  the  aft  end.  The  greatest 
problem  encountered  with  this  concept  is  the  integration  of  the  horizontal 
CM  into  the  basic  vehicle.  This  CM  is  higher  (longer  in  the  slack)  than  a 
vertical  cylinder  and  offers  less  floor  area.  This  CM  concept  also  has 
integration  problems  when  the  CM  is  mounted  at  the  forward  end  of  the 
vehicle.  In  this  instance  a neuter  docking  system  is  required  on  the  forward 
end.  There  does  not  appear  to  be  a straightforward  approach  to  integrating 
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the  CM  with  the  basic  vehicle.  Consequently,  it  was  not  felt  that  this  concept 
should  receive  further  consideration.  It  does  not  appear  to  offer  sufficient 
advantages  over  a vertical  cylindrical  CM  approach. 

Concept  4 - NASA  Mode  B Lander 

Concept  4 of  Table  2-4  is  the  only  other  design  configuration  based  on 
a lunar  landing  mission.  This  concept  was  sized  for  41,  000  pounds 
(18,597  kilograms)  of  propellant  and  operated  as  a single-stage  lunar  lander. 
It  performed  the  Mode  B lunar  lander  mission,  which  lands  20,  000  pounds 
(9072  kilograms)  of  payload  on  the  lunar  surface  and  returns  10,  000  pounds 
(4536  kilograms)  to  orbit.  A single  LH2  tank  with  an  internal  volume  of 
1515  cubic  feet  (42.  9 cubic  meters)  is  used  along  with  a single  LOX  tank 
with  an  internal  volume  of  53  3 cubic  feet  (15.1  cubic  meters).  The  structural 
concept  and  refueling  approach  are  as  described. 

The  landing  gear  is  an  in- space  attached  kit.  A separable  IM  has  been 
incorporated  as  has  a forward-mounted  CM.  Overall  length  of  the  configu- 
ration is  500  inches  (12.  7 meters).  For  a geosynchronous  mission,  two 
PM's  with  IM's  are  used  in  tandem.  Both  vehicles  are  then  recovered. 

This  concept  converts  to  a shorter  lunar  lander  vehicle  than  the  previous 

vehicles  but  it  can  only  return  the  CM,  approximately  10,  000  pounds 

(4536  kilograms)  to  orbit.  It  has  the  capability  of  landing  a total  payload  ; , 

of  20,  000  pounds  (9072  kilograms)  made  up  of  about  1 0,  000  pounds 

(4536  kilograms)  for  a CM  and  10,  000  pounds  (4536  kilograms)  of  payload. 

To  operate  in  landing  Mode  A,  this  configuration  would  require  a tank  set 
with  about  20,  000  pounds  (9072  kilograms ) of  additional  propellant. 

Multiple -Stage /Tank  Concepts 

Three  concepts  were  configured  (optmized  as  to  propellant  capacity) 
for  a geosynchronous  mission  with  a payload  of  10,  000  pounds  (22046 
kilograms)  and  maybe  grouped.  These  are  Concepts  3,  5 and  6.  They  have 
many  common  elements.  In  each  a single  LH2  and  single  LOX  tank  has  been 
used  in  either  a PM  or  tank  set.  A separable  IM  is  used  with  the  same 
general  arrangement  as  discussed.  Refueling  drogues  are  provided  at  the 
aft  end  of  the  vehicles  and  are  insulated  from  the  space  environment  to 
minimize  propellant  loss.  Each  PM  accommodates  four  1 0,  000-pound- 
thrust  (44,  482 -N)  engines.  The  engines  are  supported  by  a girth  ring  • j 
assembly.  The  aft  located  passive  docking  ring  is  attached  to  this  same 
ring  through  a conical  skin- stringer  structure.  In  this  fashion  the  docking 
and  engine  loads  are  distributed  to  the  outer  shell  (skin-stringer)  of  the 
vehicle. 

In  each  configuration  the  LH^  and  LOX  tanks  are  suspended  from  the 
outer  shell  through  girth  rings  and  tank  support  straps.  Each  tank  is  fully 
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insulated  with  layers  of  high-performance  insulation.  All  of  the  LH2  tanks 
are  made  up  of  cylindrical  center  sections  with  elliptical  bulkheads  of  a 
1.4-to-l  ratio.  The  LO2  tanks  are  similarly  constructued  in  the  lower 
volume  concepts  and  are  made  up  of  only  bulkheads  in  the  smaller  volumes. 

Concept  3 is  shown  in  Figure  2-16.  This  concept  uses  a PM,  tank 
set  and  an  IM  to  perform  the  geosynchronous  mission  as  a single  stage. 

In  this  mode,  the  entire  vehicle  is  recoverable.  The  propulsion  module  and 
tank  set  contain  the  same  amount  of  usable  propellant,  45,  000  pounds 
(20,412  kilograms)..  The  tank  set  is  loosely  described  as  a propulsion 
module  without  the  engines  and  docking  provisions.  The  intelligence  module 
is  located  at  the  forward  end  of  the  tank  set  and  accommodates  an  active 
neuter  docking  system  for  payload  attachment, 
f 

The  LH2  tanks  have  an  internal  volume  of  1710  cubic  feet  (48.2  cubic 
meters)  each,  and  the  LOX  tanks  have  an  internal  volume  of  590  cubic  feet 
(16.7  cubic  meters).  The  geosynchronous  mission  configuration  is 
750  inches  (19  meters)  long.  The  PM  with  IM  operating  as  an  unmanned  low 
earth  orbit  vehicle  is  416  inches  (10.  6 meters)  long.  The  addition  of  a CM 
for  manned  operations  near  earth  adds  109  inches  (2.8  meters)  to  the  con- 
figuration for  a total  length  of  525  inches  (13.  3 meters).  Two  adaptations 
for  lunar  lander  configurations  are  shown  schematically  in  Figure  2-1  6. 

The  first  is  a single-stage  lander  with  a CM  on  top  of  the  tank  set.  In  this 
concept  the  tank  set  is  required  to  deliver  only  22,  000  pounds  (997  9 kilo- 
grams) of  propellant,  which  means  it  is  only  half  full.  This  vehicle  is 
extremely  long,  85  9 inches  (21.  8 meters)  for  a lander  and  would  require  a 
large  and  heavy  landing  gear  kit. 

The  other  approach  to  the  lunar  lander  is  the  parallel  operation  of  two 
PM's  with  a CM  and  payload  module  between  the  two.  This  concept  is  only 
3 96  inches  (10  meters)  long  and  requires  each  PM  to  deliver  33,  500  pounds 
(15,  195  kilograms)  of  propellant.  The  cargo  module  (CAM)  could  be  con- 
figured from  a CM  shell  with  an  egress  tunnel  in  its  center.  The  landing 
gear  would  be  attached  to  the  CAM  and  thus  reduce  scar  weight  on  the  PM 
and  CM. 


A third  lunar  lander  was  configured  to  accommodate  the  landing 
Mode  B (Figure  2-17).  This  concept  features  a PM,  an  IM  and  a forward- 
located  CM.  The  PM  delivers  40,  000  pounds  (18,  144  kilograms)  of  pro- 
pellant.' The  CAM's  are  left  on  the  lunar  surface  since  Mode  B missions 
do  not  return  payload  to  orbit.  Overall  the  configuration  is  525  inches 
(1  3.  3 meters ),  which  is  the  same  as  the  manned  low  earth  orbit  configu- 
ration. In  each  configuration  the  landing  gear  is  attached  as  a kit. 

The  configuration  shown  on  Figure  2-18  is  Concept  5.  The  basic 
vehicle  is  configured  as  an  optimized  two- stage  geosynchronous  mission 
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Figure  2-16.  45K  Pound  Propellant  Propulsion  Module  and  Tank  Set 

Single  Stage  Geosynchronous  Mission  (Sheet  2 of  2) 
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Figure  2-17. 
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Figure  2-18. 


36K  Pound  Propellant  Propulsion  Module  - Tandem  Stages 
Recovered  Geosynchronous  Mission  (Sheet  1 of  2) 


2-117,  2-118 


SD  71-292-4 


Space  Division 

North  American  Rockwell 


? 


vjode-a) 

?E-B)  , 

p/NS  (M, , 

'DING  CMCa-Bt. 


0 


j 

I 


jlANNED__LQW  ORBIT  CONFIGURATION 
SCALE  I/IOO 

2283  - 19 

[SHEET  2 OF  3 

Figure  2-1$.  36K  Pound  Propellant  Propulsion  Module  - Tandem  Stages 

Recovered  Geosynchronous  Mission  (Sheet  2 of  2) 
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tug  where  both  stages  are  recovered.  Each  stage  consists  of  a PM  and  an 
IM.  The  structural  arrangement  of  the  PM  is  identical  to  that  on  drawing 
2283-17.  Each  PM  delivers  36,  000  pounds  (16,  329  kilograms)  of  propellant. 
The  basic  stage  is  371  inches  (9.4  meters)  long  and  when  the  two  are  docked 
together  the  vehicle  is  730  inches  (18.  5 meters)  long. 

Each  stage  is  made  up  of  a PM  with  an  IM  on  the  forward  end.  The 
separable  IM  is  as  described  and  incorporates  an  active  neuter  docking 
system  at  its  forward  end.  The  docking  system  is  partially  buried  within 
the  central  cavity  in  the  IM. 


Other  mission  configurations  are  also  schematically  shown  on  the 
figure.  The  basic  PM  with  IM  can  be  used  as  an  unmanned  low  earth  orbit 
configuration,  which  is  371  inches  (9.4  meters)  long.  With  the  addition  of 
a CM  at  the  forward  end,  the  vehicle  increases  in  length  to  480  inches 
(12.  2 meters)  to  perform  manned  low  earth  orbit  missions. 


The  stage  can  perform  the  lunar  landing  Mode  A mission  as  either  a 
single  stage  or  two  stages  operating  parallel.  As  a single  stage,  the 
engines  and  docking  provisions  are  removed  from  a PM  to  make  a tank  set. 
The  tank  set  is  attached  atop  a PM,  and  the  IM  is  placed  on  top  of  the  tank 
set.  A CM  is  added  at  the  forward  end  of  the  vehicle  and  yields  a single- 
stage  lander,  which  is  855  inches  (21.  7 meters)  long.  The  PM  is  fulily 
loaded  to  perform  the  Mode  A landing  mission,  and  the  tank  set  delivers 
31,000  pounds  (14,  061  meters)  or  propellant,  which  is  slightly  offloading 
the  tank  set.  The  Mode  B mission  requires  the  tank  set  to  deliver 
26,  000  pounds  (11,  793  kilograms)  of  propellant,  while  the  propulsion 
module  is  again  fully  loaded. 


As  in  the  previous  concept  (Concept  3)  another  lander  configuration!  is 
two  stages  operating  in  a parallel  mode.  A CM  and  CAM  are  provided 
between  the  two  stages.  This  arrangement  is  identical  to  that  used  on 
Concept  3,  and  the  approach  will  not  be  repeated  here.  The  PM's  deliver 
33,  500  pounds  (15,  195  kilograms)  of  propellant  each  to  perform  the  lander 
Mode  A mission.  To  perform  the  Mode  B mission  requires  each  stage  to 
deliver  31,  000  pounds  (14,  06l  kilograms).  This  configuration  is  351  inches 
(8.  9 meters)  long. 


Concept  6 was  the  last  configuration  to  '•  .e  defined  within  this  group. 

The  concept  is  based  on  using  two  stages  to  perform  a geosynchronous  j 
mission  where  only  one  stage  is  recovered.  The  propulsion  module  size 
is  such  that  the  lunar  landing  Mode  A mission  can  be  performed  and  both 
stages  recovered.  This  concept  is  shown  in  Figure  2-19.  Since  this  concept 
uses  various  combinations  of  propulsion  modules,  intelligence  modules  and 
tank  sets  to  perform  the  baseline  missions,  only  the  basic  propulsion 
module  with  intelligence  module  has  been  configured. 
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Figure  2-19.  3 IK  Pound  Propellant  Propulsion  Module  - Two  Stage 

Geosynchronous  and  Lunar  Lander  Mission  (Sheet  1 of  2) 
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The  propulsion  module  is  sized  to  deliver  31,  000  pounds  (14,  061 
kilograms)  of  propellant.  The  structural  arrangement  and  design  philosophy 
are  as  described  for  this  group  of  concepts.  The  intelligence  module  is 
also  identical  to  that  used  on  the  previous  concepts.  The  single  LH2  tank 
has  an  internal  volume  of  1190  cubic  feet  (33.  7 cubic  meters),  while  the 
LOX  tank  internal  volume  is  404  cubic  feet  (11.4  cubic  meters).  The  pro- 
pellant refueling  system  is  located  on  the  aft  bulkhead  and  is  as  described. 
The  unmanned  low  earth  orbit  configuration  is  353  inches  (8.  9 meters)  long. 

A spectrum  of  configurations  is  included  schematically  to  encompass 
the  various  missions  identified  for  this  concept.  The  manned  low  earth  orbit 
configuration  accommodates  a crew  module  atop  the  intelligence  module  of 
the  stage.  An  active  docking  system  is  mounted  on  the  forward  end  of  the 
crew  module.  The  overall  length  of  this  vehicle  is  462  inches  (11.7  meters). 
Two  stages  are  arranged  in  tandem  to  perform  the  geosynchronous  mission. 
The  aft  stage  consists  of  only  a propulsion  module  and  is  expended  in  per- 
forming the  mission.  The  forward  stage  is  made  up  of  a propulsion  module 
and  an  IM  and  is  recovered.  The  two-stage  vehicle  combination  is 
658  inches  (16.7  meters)  long. 

Three  lunar  lander  configurations  have  been  shown.  The  first  uses 
two  stages  in  tandem  with  the  CM  and  landing  gear  on  the  forward  stage. 

Both  stages  are  recovered  and  consist  of  a PM  with  an  IM.  The  aft  stage 
is  separated  during  lunar  descent  and  returns  to  orbit.  The  forward  stage 
with  the  crew  module  mounted  on  the  forward  end  and  a landing  gear  kit 
then  descends  to  the  lunar  surface  and  is  recovered.  This  configuration 
performs  the  Mode  A mission. 

The  vehicle  is  803  inches  (20.  4 ‘meter s ) long  overall  and  the  landing 
portion  is  446  inches  (11.3  meters)  long.  Another  tandem  arrangement 
uses  a tank  set  rather  than  an  additional  stage.  The  tank  set  is  made  from 
a propulsion  module  without  the  engines  and  aft  docking  provisions.  The  tank 
set  is  277  inches  (7.  0 meters)  long  and  is  mounted  on  the  forward  end  of  a 
PM.  An  IM  is  located  on  the  forward  end  of  the  tank  set,  and  a LM  is 
placed  on  the  forward  end  of  the  IM.  The  landing  gear  is  an  in-space- 
attached  kit.  The  tank  set  delivers  23,  000  pounds  (10,433  kilograms)  of 
propellant  for  the  klode  A mission  and  13,  000  pounds  (5897  kilograms)  for 
the  Mode  B mission.  The  PM  is  fully  loaded  in  both  mission  modes.  The 
vehicle  is  739  inches  (18.8  meters)  long.  "" v 


The  last  lunar  lander  configuration  uses  two  stages  operating  in  a 
parallel  mode.  A crew  module  and  cargo  module  is  placed  between  the 
stages.  Each  stage  consists  of  a PM  and  an  IM  and  delivers  27,  000  pounds 
(12,  247  kilograms)  of  propellant  for  mis  A.  Each  stage  requires 

22,  000  pounds  (9979  kilograms)  of  propellant  to  perform  the  Mode  B mission 
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The  landing  gear  is  attached  to  the  CAM  to  reduce  the  scar  weight  on  the 
stages  and  CM.  The  vehicle  is  333  inches  (8.  5 meters)  long,  which  makes 
it  a relatively  short  lander. 


The  tandem  two-stage  lander,  where  the  first  stage  is  separated  during 
descent,  makes  an  attractive  lander  stage.  However,  the  operational 
complexity  of  the  separation  and  recovery  of  the  first  stage  and  landing  of 
the  second  stage  may  not  be  warranted  and  would  perhaps  eliminate  this 
concept  from  consideration. 

One -and -One -Half- Stage  Expended  Tank  Set  Concept 

The  last  concept  selected  from  Table  1-2  for  design  definition  was 
Concept  11  which  is  identified  as  the  1-1 /2-stage  concept.  The  configuration 
is  shown  in  Figure  2-20.  ^his  concept  is  based  on  performing  a 
geosynchronous  mission  with  a large  expendable  tank  set  and  a small 
recoverable  PM.  The  tank  set  delivers  48,  000  pounds  (21,  772  kilograms) 
of  propellant,  and  the  IpM  accommodates  8,  800  pounds  (3,  992  kilograms). 

The  structural  arrangement  and  design  philosophy  are  similar  to  that  of 
the  previous  concepts.  The  tank  set  uses  a single  LH^  tank  and  four  LC>2 
tanks.  The  PM  uses  two  L1H2  and;  two  LO2  tanks,  which  have  the  same  inside 
diameter  as  the  tank  set  LO2  tanks.  All  bulkheads  on  the  tanks  are  1.4  to  1 
ratio  ellipsoids.  The  LH2  tank  is  suspended  from  a girth  ring  by  support 
straps.  Radial  beams  are  provided  in  the  area  between  the  smaller  diameter 
tanks.  The  smaller  tanks  are  suspended  from  the  radial  beams  and  girth 
rings  by  straps. 

The  PM  is  202  inches  (5.  1 meters)  long  and  is  configured  as  a shell 
with  four  radial  beams.  The  beams  support  the  four  main  engines  as  well  as 
the  propellant  tanks  and  aft  docking  system.  The  L.H2  tanks  have  an  internal 
volume  of  1 67.  5 cubic  feet  (4.  7 cubic  meters)  each,  and  the  LO2  tanks  have 
an  internal  volume  of  57.  5 cubic  feet  (1.  6 cubic  meters)  each.  An  IM  is 
located  at  the  forward  end  of  the  PM.  The  internal  arrangement  of  the  IM 
is  identical  to  that  used  oh  the  previous  concepts. 

The  tank  set  is  also  a shell  structure  with  radial  beams  between  the 
four  LO2  tanks.  The  L1O2  tanks  are  the  same  diameter  as  the  PM  tanks 
and  have  the  same  bulkheads.  The  tank  set  LH2  tank  internal  volume  is 
1830  cubic  feet  (518  cubic  meters).  The  LO2  tanks  have  an  internal  volume 
of  156.  25  cubic  feet  (44.2  cubic  meters)  each.  The  Overall  length  of  the 
tank  set  is  374  inches  (9.  5 meters).  When  the  tank  set  is  attached  to  the 
PM,  the  overall  vehicle  length  is  564  inches;  (14.  3 meters).  The  tank  set 
is  expended  and  jettisoned  in  geosynchronous  orbit,  while  the  PM  and  IM 
are  returned  to  low  earth  orbit.  Propellant  refueling  of  the  PM  is  as 
described  for  the  other  concepts. 
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Figure  2-20,  Optimum  Expendable  Tank  Set  - Recoverable  Propulsion1 
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The  PM  with  IM  makes  a small  unmanned  low  earth  orbit  stage  that 
is  202  inches  (5.  1 meter)  long  and  uses  8800  pounds  (3992  kilograms)  of 
propellant.  A CM  may  be  added  to  the  forward  end  of  the  IM  to  configure 
a manned  low  earth  orbit  vehicle  with  an  overall  length  of  311  inches 
(7.  9 meter).  This  vehicle  also  has  a capacity  of  8,  800  pounds  (3993  kilo- 
grams). A lunar  lander  configuration  is  shown  that  is  similar  to  the 
geosynchronous  configuration.  For  the  lunar  lander,  the  tank  set  is  not 
staged  or  jettisoned  for  the  lander  mission.  A CM  is  added  at  the  forward 
end  of  the  tank  set  with  an  active  venter  docking  system  at  its  forward  end. 
The  landing  gear  is  attached  as  a kit  in  space.  The  lander  vehicle  is 
637  inches  (16.2  meter)  long.  The  tank  set  is  required  to  deliver 
43,  200  pounds  (19,  595  kilograms)  of  propellant  when  the  PM  is  fully  loaded. 

This  concept  provides  an  attractive  low  ekrth  orbit  stage  and 
geosynchronous  mission  vehicle.  The  lunar  lander  configuration  is  lengthy 
but  not  entirely  unwieldy  since  placement  of  the  CM  lower  on  the  vehicle 
could  make  the  lander  version  also  an  attractive  vehicle. 


2.  2.  6 INTEGRATED  INTELLIGENCE  MODULE  SUBSYSTEMS  STUDIES 


In  the  overall  Tug  vehicle  configurations,  the  most  costly  module  in 
every  instance  is  the  IM.  Contained  within  the  IM  is  all  of  the  equipment 
necessary  to  operate  the  tug  vehicle — the  attitude  control;  communications 
and  data  management;  guidance,  navigation  and  control;  electrical  power ; 
rendezvous  and  docking;  and  thermal  control,  environmental  control,  and 
life  support  equipment.  Early  vehicle  configurations  incorporated  a 
separable  IM  section  that  was  toroidal  shaped  and  about  3 feet  (0.  91  meter) 
deep.  Preliminary  internal  arrangements  were  prepared,  which  can  be 
seen  on  the  early  concept  configurations,  based  on  equipment  as  it  was 
known  at  that  time.  It  was  decided  to  retract  the  ACS  modules  into  the 
basic  IM  1 5-ft-diameter  (4.  57-m)  moldline  in  order  not  to  violate  the 
15 -ft  (4.  57-m)  moldline  of  the  EOS  cargo  bay. 


The  concept  of  a separable  IM  appeared  attractive  and  this  early  size 
of  module  with  an  internal  usable  volume  of  about  425  cubic  feet  (12  cubic 
meter)  appeared  capable  of  accommodating  some  growth  in  the  subsystems 
equipment.  Later  in  the  program  it  was  revealed  that  volume  existed  within 
the  PM’s  of  various  configurations  and  that  it  might  be  used  for  mounting 
the  equipment  in  the  IM.  As  a result,  a drawing  was  prepared  (Figure  2-2  1 ) to 
investigate  the  feasibility  of  integrating  equipment  into  selected  areas  within 
PM’s. 


The  vehicles  selected  had  propellant  capacities  of  60,  000  and 
80,  000  pounds  (27,  215  and  36,  287  kilograms)  with  single  LH2  tanks  and 
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single,  as  well  as  multiple,  LC>2  tanks.  Two  configurations  were  developed 
that  used  two  areas  in  the  PM  to  mount  the  equipment.  These  configurations 
accommodated  the  ACS  engine  swing-out  modules,  as  well  as  all  equipment. 
These  two  concepts  (Figures  2-21  and  2-22)  used  the  interstage  area  between 
the  LH2  and  LO2  tanks  to  mount  the  nonavionic s -oriented  equipment.  The 
ACS  engine  modules  were  incorporated  into  the  basic  vehicle  structure,  and 
the  subsystem  equipment  then  is  accommodated  in  the  circumferential  area 
between  the  engine  modules.  In  each  of  these  concepts  the  subsystem  equip- 
ment accommodated  is  only  that  which  is  not  avionics  oriented,  such  as  the 
electrical  power  and  ACS  control  equipment.  The  ACS  gaseous  propellant 
accumulator  tanks  are  also  mounted  in  this  circumferential  area.  Four 
GH2  and  two  G02  tanks  are  used  for  storage  of  the  ACS  and  EPS  propellants. 

The  second  and  third  configurations  shown  on  the  figures  use  the 
annular  area  near  the  forward  end  of  the  LH2  tank  to  mount  all  of  the 
avionics -oriented  equipment,  as  well  as  other  subsystem  equipment  not 
mounted  in  the  interstage  area.  All  of  the  communications  and  data  manage- 
ment, guidance,  navigation  and  control,  rendezvous  and  docking,  thermal 
control,  environmental  control,  and  life  support  equipment  is  mounted  in  this 
area.  Equipment  is  grouped  by  subsystem  into  modules  that  can  be  easily 
inserted  into  and  removed  from  this  annular  area.  This  concept  would 
requfre  configuring  this  area  with  subframes  and  structural  supports  to 
accept  the  equipment  modules.  None  of  the  ACS  equipment,  engine  modules 
and  tanks,  or  electrical  power  equipment  is  mounted  in  this  area. 

j. ne  integrated  approach  would  save  some  structural  weight  in  that  a 
separate  IM  structure  is  not  required.  However,  the  heat  loads  to  the  areas 
surrounding  the  propellants  require  further  investigation  to  determine  if 
additional  thermal  control  equipment  is  required.  The  problems  associated 
with  manufacturing  a completely  integrated  PM  must  also  be  investigated. 

A potential  manufacturing  or  refurbishment  problem  arises  in  that  once  the 
intelligence  equipment  support  structure  is  installed,  it  may  be  impossible 
to  remove  the  LH2  tank  without  first  removing  the  intelligence  equipment 
support  structure.  Once  the  intelligence:  equipment  is  incorporated  into  the 
PM,  the  concept  of  a separable  IM  to  be  used  in  conjunction  with  a small 
tank  set  and  crew  module  as  a mini  tug  does  not  exist.  The  cohcept  of  having 
a separably  IM  for  the  minitug,  as  well  as  for  use  with  other  components  of 
the  space  program,  is  attractive  and  might  outweigh  the  small  decrease 
in  Tug  vehicle  weight  attributable  to  an  integrated  intelligence  equipment 
approach. 

A result  of  this  integrated  IM  approach  study  is  that  the  concept 
appears  feasible  and  the  actual  weight  savings  to  the  vehicle  is  approximately 
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Figure  2-21 


Figure  2-21.  Integrated  Intelligence  Module  Concepts 
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400  pounds  (181  kilograms)  of  structure.  It  is  not  known  what  the  weight 
increase  to  the  PM  would  be  to  handle  the  additional  equipment  heat  loads 
and  structural  loads.  In  the  performance  of  this  study,  the  decision  was 
made  to  continue  with  the  separable  module  for  baseline  studies.  As  a 
result  of  this  decision,  an  IM  configuration  was  prepared  that  reflected  all 
the  latest  updates  of  the  equipment.  This  configuration  was  then  used  on 
all  subsequent  tug  baseline  vehicle  configurations  and  refinements. 

2.  2.  7 RADIATOR  LOCATION  STUDY 

During  the  initial  configuration  studies  of  the  orbital  tug  and  the 
various  operational  derivatives,  it  was  necessary  to  examine  accommodation 
of  the  radiator  systems  on  the  vehicles  from  considerations  of  commonality 
and  physical  compatibility  with  the  configurational  characteristics  of  each 
vehicle.  Preliminary  analyses  established  tentative  radiator  areas  for  both 
the  unrpanned  and  the  manned  operational  concepts.  For  the  manned 
concepts,  the  radiator  requirements  for  the  orbital,  as  well  as  lunar  lander, 
cases  were  defined.  Thp  radiator  areas  used  in  the  configurational  studies 
were  180  square  feet  (16.  7 square  meters)  for  the  PM  and  an  additional 
150  square  feet  (14  square  meters)  to  be  added  for  the  manned  configurations. 
In  this  study,  the  full  range  of  candidate  vehicle  diameters  was  considered. 
These  included  22  feet  (6.4  meters),  15  feet  (4.  57  meters),  and  12  feet 
(3.65  meters).  Figure  2-6  presents  the  radiator  integration  studies.  1 

Initial  investigations  showed  that  in  most  configurations  the  PM-mounted 
radiators  could  be  located  in  at  least  two  different  areas.  The  radiators 
can  be  positioned  aft  on  the  PM  cylindrical  structure,  as  shown.  For 
maximum  compatibility  between  the  orbital  and  the  lander  configurations, 
the  radiators  are  divided  into  two  panels  and  positioned  in  quadrants  on 
opposite  sides  of  the  vehicle.  This  arrangement  will  permit  the  externally 
mounted  cargo  pods  to  be  located  in  the  other  two  quadrants.  For  the 
earth-orbital  configuration,  the  same  radiator  arrangement  will  suffice. 
Another  radiator  arrangement  is  also  shown.  This  concept  features  the 
radiators  accommodated  in  a four -panel  band  around  the  PM  at  the  forward 
end  below  the  IM.  To  reduce  impingement  of  the  aft  firing  reaction  control 
nozzles  on  the  radiators,  a nominal  separation  distance  of  about  36  inches 
has  been  shown.  This  separation  distance  in  the  same  as  used  on  the  Apollo 
service  module,  which  has  proved  satisfactory.  The  basic  advantage  of  the 
circumferential  radiator  arrangement  in  that  it  provides  a better  viewing 
factor  for  the  major  radiator  area,  regardless  of  vehicle  orientation.  In 
addition,  radiators  are  not  influenced  by  the  number  or  configuration  pods 
that  may  be  carried. 
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For  the  manned  configurations,  an  additional  150  square  feet  (14  square 
meter)  is  required.  Although  additional  area  could  be  accommodated  in  the 
PM,  there  is  sufficient  area  on  the  CM.  This  approach  offers  two  basic 
advantages.  The  PM  radiator  structural  arrangement  is  basically  the  same 
whether  the  vehicle  is  manned  or  unmanned.  In  addition,  the  radiators 
that  are  required  for  the  CM  can  be  integrated  into  the  cylindrical  surface 
and,  being  on  the  CM,  results  in  simpler  system  interconnections  between 
the  radiators  and  the  environmental  control  system  located  in  the  module. 

This  would  eliminate  radiator  system  interfaces  between  the  CM  and  the 
remainder  of  the  PM. 

For  the  1 2-ft-diameter  (3.  65 -m)  vehicles,  there  is  adequate  surface 
space  on  the  CM  for  the  radiator  area  since  the  module  basically  features 
two  decks  with  double  the  module  length  compared  to  the  1 5 -ft-diameter 
(4.  57-m)  module.  The  aft-mounted  CM  vehicle  arrangement  requires  that 
all  of  the  radiators  be  mounted  on  the  PM  surface  as  shown.  This  is  con- 
sidered necessary  because  of  the  proximity  of  the  swing-out  engine  nozzles 
to  the  side  of  the  crew  module  and  the  attendant  thermal  environment. 

In  the  lunar  lander  vehicle  configurations,  analyses  have  shown  that 
the  radiators  mounted  on  the  sides  of  the  vehicle  are  not  effective  because 
of  the  thermal  input  from  the  sunlit  lunar  surface.  Consequently,  separate 
deployable  radiator  panels  would  be  required.  These  panels  would  be 
attached  to  the  forward  end  of  the  module  and  deploy  to  be  parallel  to  the 
lunar  surface.  The  total  required  area  of  approximately  300  square  feet 
(28.  0 square  meter)  can  be  provided  in  either  two  or  four  panels,  which  can 
be  folded  to  lie  within  the  basic  body  diameter,  as  shown. 

For  the  lander  vehicle  configurations  that  use  two  basic  PM's  attached 
in  parallel  to  the  sides  of  a crew/cargo  module,  the  radiator  system  could 
be  attached  to  the  forward  end  of  the  two  PMs,  (Figure  2-23).  The  radiator 
panel  would  be  added  in  earth  orbit  during  the  clustering  and  assembly  of 
the  modules  into  the  lander  configuration. 

From  this  investigation  of  radiator  integration,!  it  was  concluded  that 
there  are  feasible  alternatives  for  accommodating  the  radiator  panels  on 
the  orbital  tug  and  its  lander  configurations.  The  integration  concepts  are 
equally  compatible  with  the  three  different  diameters  of  candidate  vehicles. 

2.  2.  8 AERO  SPIKE  ENGINE  AND  DROGUE  INTEGRATION 

During  the  early  conceptual  studies  of  the  tug,  assessment  of  orbital 
operations  indicated  the  desirability  of  equipping  the  vehicle  with  docking 
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systems  at  both  ends.  Consequently,  this  capability  has  been  incorporated 
in  all  of  the  baseline  configurations.  The  systems  used  include  the  space  - 
station-compatible  passive  ring  with  a 5 -ft  (1.  52-m)  clear  center  opening 
and  a version  of  the  small  Apollo  probe  and  drogue.  The  passive  ring  only 
has  been  used  on  the  crew  module  when  the  tug  is  operating  in  the  manned 
mode.  In  all  other  cases,  the  Apollo  probe  and  drogue  is  used,  with  the 
probe  positioned  at  the  forward  end  of  the  vehicle  and  the  drogue  at  the  aft 
end. 


Single -engined  tug  concepts  present  an  obvious  problem  in  accommoda- 
tion of  a docking  mechanism  on  the  aft  end  of  the  module.  During  the  initial 
phase  of  the  study,  consideration  was  given  to  a docking  mechanism  with  a 
diameter  large  enough  to  surround  the  engine  nozzle  and  positioned  near  the 
nozzle  exit  plane.  However,  this  docking  system  would  be  unique  and  not 
compatible  with  those  currently  considered  in  the  major  space  program 
elements,  including  the  orbital  propellant  depot,  earth-orbital  space  station, 
RNS,  etc.  As  a consequence,  and  concurrently  with  propulsion  system 
studies  that  validated  the  same  decision,  multiple -engined  configurations 
were  adopted  for  the  tug  propulsion  system.  One  single -engine  configura- 
tion that  would  lend  itself  to  a docking  mechanism  is  the  aero  spike  engine. 
Figure  2-24  illustrates  a conceptual  variation  of  an  aerospike  engine  con- 
currently under  study  by  Rocketdyne.  It  would,  potentially,  permit  the 
integration  of  an  Apollo-type  drogue  within  the  conical  portion  of  the  engine. 
On  the  nominal  engine,  the  spike  is  closed  out  by  a concave  section  with 
openings  through  which  the  pump  turbine  exhaust  gases  exit  into  the  engine 
exhaust  wake.'  A design  investigation  suggested  that,  by  rearranging  the 
turbines  and  pumps,  it  would  be  possible  to  integrate  the  drogue  structure 
and  have  it  Suffice  as  the  end  closure  for  the  spike.  It  would  be  fabricated 
from  high-temperature  material,  and  the  peripheral  ring  would  be  designed 
to  serve  as  the  exit  manifold  for  the  turbine  exhaust.  Since  the  docking 
interface  is  incorporated  in  the  engine,  the  docking  loads  and  bending 
moments  would  have  to  be  accommodated  by  structural  additions.  This 
could  be  accomplished  by  the  use  of  retractable  struts  that  would  lock  the 
enginq  in  the  neutral  position  or  by  increasing  the  load  capacity  of  the  engine 
gimbajl  actuators.  As  a result  of  this  preliminary  evaluation,  it  is  considered 
to  be  a feasible  Concept  and  one  that  could  possibly  be  implemented  with  the 
aerospike  engine  configuration.  However,  a design  study  delving  into  the 
additional  requirements  imposed  upon  the  engine  design  and  their  conse- 
quences would  be  required  as  a first  step  in  further  consideration  o*  this 
concept. 
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| 2.2.9  LUNAR  SURFACE  BASE  PAYLOAD  ACCOMMODATION 


Conceptual  design  studies  were  conducted  to  examine  the  configurational 
approaches  that  could  be  used  in  landing  various  types  of  lunar  surface  base 
shelter  modules  by  the  three  selected  tug  lander  concepts.  In  these  studies 
the  spectrum  of  surface  base  modules  included  1 5 -ft-diameter  (4.  57-m) 
modules,  which  would  be  representative  of  single -floor -level  shelters 
similar  to  the  tug  CM  and  larger  surface  base  modules,  which  included  both 
a two-deck  and  full  four-deck  versions  of  the  current  NR  33 -ft-diameter 
(10  m)  space  station  core  module.  (These  studies  were  also  of  interest  to  the 
study  treams  at  NR  concurrently  engaged  in  the  Lunar  Base  study  for 
NASA/MSFC  and  the  Orbiting  Lunar  Station  Study  for  NASA/MSC.  ) 


Three  draw'  -*s  were  generated  that  illustrate  the  surface  base  payload 
accommodation  fo.  the  single-stage  (Concept  1),  two-stage  (Concept  5),  and 
1-1/2-stage  (Concept  11)  tug  configurations.  They  are  shown  in 
Figures  2-25,  2-26,  and  2-27,  respectively. 


The  largest  surface  base  payload  considered  was  the  33-ft  (10-m)  NR 
space  station  core  module.  The  lunar  landing  payload  capability  of  a pair 
of  single-  or  1-1/2 -stage  tug  PM's  is  adequate  to  accommodate  the  complete 
four-deck  core  module.  The  conceptual  approach  presented  considers  that 
a pair  of  tug  PM's  could  be  attached  to  the  sides  of  the  core  module  as  part 
of  an  orbital  assembly  operation.  The  normal  tug  landing  gear  would  not  be 
used  because  it  would  be  physically  incompatible  with  the  core  module  in 
the  strap-cn  clustering  mode.  Also,  the  gear  tread  would  not  satisfy  the 
overturn  requirements  resulting  from  the  higher  landing  c.  g.  of  the  combined 
vehicle.  A feasible  approach  is  to  consider  that  the  landing  gear  assembly 
is  ground -as sembled  and  launched  with  the  core  module.  Since  the  core 
module  would  be  launched  by  a derivative  of  the  Saturn  V launch  vehicle, 
the  landing  gear  could  be  retracted  tp  stow  within  the  aft  interstage  adapter, 
and  the  longitudinal  struts  of  the  gear  folded  along  the  side  of  the  core 
module  could  be  covered  with  jettisonable  boost  fairing  covers.  In  addition, 
it  is  considered  feasible  to  incorporate  the  structural  support  system  for  the 
tug  propulsion  modules  into  the  aft  skirt  area  of  the  core  module  with  the 
landing  gear.  These  two  support  arms  would  be  hinged  to  stow  within  the 
basic  diameter  of  the  core  module  and  would  be  deployed  in  orbit  along  with 
the  landing  gear.  Each  support  arm  assembly  would  incorporate  an  active 
docking  mechanism  compatible  with  the  selected  passive  system  in  the  aft 
end  of  the  tug  propulsion  module.  To  facilitate  the  assembly  operation,  the 
docking  interface  on  the  support  arm  would  be  hinged  to  permit  the  tug 
propulsion  module  to  be  brought  in  at  an  angle  to  the  core  module.  After  it 
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was  docked  it  would  be  rotated  into  the  parallel  position,  and  the  forward 
stabilizing  attachments  would  be  made.  For  the  two-stage  concept  shownlin 
Figure  2-26,  the  lander  concept  is  the  same  except  that  only  a two-deck 
section  of  the  core  module  is  used  since  the  payload  capability  of  the  two 
smaller  stages  is  less  than  either  the  single-  or  1-1 /2-stage  vehicles 
clustered  in  parallel.  The  four-deck  core  module  could  be  landed  if  a pro- 
pellant tank  set  were  added  to  each  single  stage,  as  shown. 


| 

i 


Lunar  surface  base  modules  of  the  1 5 -ft-diameter  (4.  57-m)  type  can 
be  accommodated  in  various  clustering  concepts  shown  on  the  drawings. 

The  modules  could  be  carried  in  clusters  stacked  end  to  end  and  attached  to 
the  sides  of  the  tug  lander  in  quantities  compatible  with  the  lander  payload 
capability  and  symmetrically  arranged  from  c.  g.  considerations.  Various 
structural  attach  systems  were  considered,  but  the  hinged -boom  concept 
offered  several  advantages.  It  eliminated  attach  interfaces  between  each 
module  and  the  lander  and  provided  a convenient  deployment  system  for 
lowering  the  modules  to  the  ground,  as  shown  on  the  three  drawings. 

As  a result  of  this  conceptual  study,  it  was  concluded  that  there  are 
feasible  approaches  equally  compatible  with  each  of  the  candidate  tug  pm 
concepts  that  permit  various  lunar  surface  base  shelter  modules  to  be 
landed.  The  strap-on  accommodation  approach  is  compatible  with  small, 
as  well  as  large,  shelter  module  concepts. 

2.  2.  10  MODULE  AND  KIT  FEASIBILITY 


For  a basic  unmanned  vehicle  capability,  yet  to  retain  provisions  for 
manned  operation,  functions  must  be  carefully  distributed  between  modules. 
The  IM  contains  all  astrionics  for  unmanned  flight.  The  duration  of  flight  is 
limited  only  by  the  stored  propellants.  Additional  propellants  are  contained 
in  the  PM  main  propulsion  tanks  and  are  drawn  upon  for  auxiliary  propul-f  i 
sion,  fuel  cell  reactant,  and  crew  oxygen  during  a mission.  The  CM  con- 
tains a complete  life  support  system,  as  well  as  inputs  from  the  IM  for 
electrical  power,  water,  oxygen,  and  astrionics  interfaces.  Cargo  is 
stored  in  hemipods  attachable  in  space,  primarily  for  lunar  surface  delivery. 
A manipulator  attachment  to  either  the  IM  or  CM  enables  the  tug  to  service 
or  retrieve  satellites  or  to  maneuver  small  cargo  components. 


It  has  been  shown  that  the  geosynchronous  orbit  mission  requires  very 
high  performance,  which  tends  to  preclude  PM  compromises  for  the  multi- 
purpose use.  However,  these  compromises  do  not  appear  to  be  substantial 
until  consideration  is  given  to  the  lunar  lander  version  wherein  landing  loads, 
cargo  pods,  landing  gear  attachments,  and  special  visibility/acce s s require- 
ments are  imposed  on  the  configuration.  The  PM  is  generally  optimized  for 
the  geosynchronous  (high  energy)  mission  and  is  offloaded  for  other 
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applications.  Changes  such  as  structure  beef-up,  retractable  engines,  and 
various  kits  are  usually  required  for  the  lunar  lander  version. 

A single  basic  CM  design  appears  feasible  for  transport  of  up  to  six 
men  to  and  from  a space  station,  four  men  for  a 28-day  lunar  surface  stay, 
and  a six-  to  12-man  rescue.  Docking  adapters  on  top  or  bottom  provide 
crew  ingress  and  egress  for  the  various  mission  applications. 


I A CAM  can  be  nearly  any  reasonable  shape  for  use  in  earth  orbital 
missions.  In  general,  it  shoulfl  provide  for  standard  docking  interfaces  at 
each  end  and  should  be  pre  s surizable  for  compatibility  with  a space  station. 
Tie  special  constraints  of  the  lunar  landing  configuration  of  tug  (i.  e.  , low 
c.  g.  , easy  loading  and  surface  access,  maintaining  vehicle  balance)  result 
ir^  choice  of  hemipods  or  cynlindrical  halves  that  can  be  EOS-launched  and 
readily  attached  laterally  to  tug  landers  low  on  opposite  sides.  These  hemi- 
pods can  serve  double  duty  as  a single  cylinder  module  if  the  two  halves  are 
bolted  together  and  docking  adapters  are  added. 

The  IM  can  incorporate  the  basic  subsystems  required  for  unmanned 
tulg  flight.  Add-on  kits  can  provide  the  necessary  additional  power,  life 
support,  communications,  etc.  for  longer  duration  and  manned  flight. 

While  options  exist  as  to  the  specific  location  of  some  of  these  subsystem 
elements  (within  PM  or  within  IM),  the  differences  do  not  now  appear  large. 


The  variety  of  missions  to  which  the  IM  may  be  subjected  does  indi- 
cate that  a separate  module  is  desirable.  If  the  IM  is  combined  with  the  PM, 
module  structure,  weight  is  saved  but  some  weight  must  be  added  to  the  PM 
since  components  must  still  be  mounted  and  interconnected.  The  structural 
weight,  as  well  as  vehicle  length,  would  decrease  slightly,  however,  the 
PM  forward  end  must  be  closed  out  to  support  a docking  port.  If  the  IM  is 
combined  with  the  PM  the  missions  that  do  not  require  a PM  '(shuttle / space 
station  short-range  cargo  and  crew  transfer,  space  station  remote  experi- 
ment module  control)  would  be  penalized.  Integration  of  the  IM  with  the  CM 
would  severely  penalize  all  unmanned  missions. 


Many  potential  equipment  divisions  within  the  IM  are  possible.  If  the 
IM  is  to  be  capable  of  flying  alone,  it  must  have,  as  a minimum,  all 
unmanned  functions.  Beyond  this  requirement  it  may  also  include  certain 
manned  functions.  Inclusion  of  manned  electrical  power  sources  in  the  IM 
seems  attractive  since  fewer  IM/CM  interfaces  are  required,  space  mainte- 
nance of  EPS  is  centralized,  and  crew  safety  may  be  slightly  improved. 

The  presence  of  auxiliary  control  thrusters  on  the  IM  precludes  using  that 
area  for  active  thermal  control  space  radiators.  The  IM  radiatiors  would 
therefore  he  mounted  on  the  PM  or  on  a separate  skirt  when  the  IM  flies 
alone . 
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Internally,  the  IM;  arrangement  consists  of  four  ACS  support  elements 
(tanks,  valves,  electrical,  and  fluid  lines),  between  which  is  mounted  all 
other  equipment.  The  ACS  support  elements,  as  well  as  the  other  equip- 
ment, are  mounted  to  the  exterior  IM  walls  for  ease  of  removal  and  to  pro- 
mote passive  thermal  control. 

Kits,  including  radiator,  landing  gear,  manipulators,  and  long-range 
extensible  antenna  kits  may  be  either  eliminated  or  integrated  into  modules. 
Basic  radiators  for  space  operation  are  mounted  on  the  vehicle  periphery. 
The  lunar  surface  radiator  is  added  to  the  top  of  the  tug  to  reduce  reradia- 
tion heating.  The  top  radiator  is  initially  folded  against  the  vehicle  sides 
when  docked  and  during  landing.  If  a 22 -foot-diameter  (6.  7-m)  tug  is  landed, 
no  deployable  radiator  area  is  required.  A landing  gear  kit  could  either  be 
an  integral  component  or  a separate  assembly  for  each  leg.  Either  method 
would  involve  EVA  to  attach.  A manipulator  kit  may  be  attached  sit  the  dock- 
ing  port,  inside  the  CM,  if  manned.  Additional  assembly  would  contain  all 
necessary  controls  and  displays.  An  antenna  kit  would  be  required  if  high 
data  rates  are  to  be  transmitted  from  lunar  orbit  to  earth.  This  antenna 
should  be  approximately  six  feet  (1. 8 meters)  in  diameter  and  could  be 
attached  to  the  tug  or  could  be  ground -deployed  after  landing,  depending  on 
mission  requirements. 

Although  the  organization  of  modules  and  kits  in  the  vehicle  stack 
depends  somewhat  on  the  mission  requirements,  these  differences  will  be 
minimized  as  the  tug  concept  becomes  more  formalized.  A preliminary 
description  of  the  module  and  kit  orientation  for  a space  mission  is  shown  in 
Figure  2-28. 


Another  aspect  of  the  case  for  modular  feasibility  involves  assembly. 

A large  number  and  types  of  interfaces  must  be  reliably  joined.  And,  to 
accomplish  the  task  in  space,  may  be  beyond  anticipated  technical  capability. 
The  cryogenic  propellant  connections,  in  particular,  require  meticulous 
cleanliness,  zero  leakage  in  inclosed  areas,  and  shielding  from  heat  shorts. 

It  is  recommended,  therefore,  that  the  PM-to-IM  and  IM-to-CM  interfaces 
be  considered  ground -assembled  only,  until  such  time  as  a capable  space 
base  facility  becomes  available  to  support  these  operations  or  until  sufficient 
technology  advances  are  made  in  this  area. 

2.  2.  11  CONCEPTUAL  WEIGHT  ANALYSIS 

Preliminary  Weight  Sizing 

Use  of  the  design  synthesis  models  as  described  in  Appendix  E permitted 
the  sixing  of  the  ten  basic  concepts  (cases).  Case  11  was  added  after  the 
original  ten  cases  were  defined.  Table  2-5  again  summarizes  the  concepts 
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CAPABILITIES 


• MANIPULATOR  SUB-MODULE 


• 4 MEN -28  DAY  LUNAR  STAY 
6 MEN -7  DAYS  SPACE 
12  MEN-I  DAY  RESCUE 


• UNMANNED  FLIGHT 
CM  SUPPORT 
AUTO  & REMOTE  OPS 


• MAIN-RROPULSION 


CAM  • CARGO  HEM  I -PODS 
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FUNCTIONS 


• SAT.  RETRIEVAL  SERVICE 

• CARGO  HANDLING 


i EC/LSS 

• I/O  FOR  G&N.  COMM 

• PWR  DISTRIB  & THERM  CONT 

• PRESSURI7ED  ACCESS 


• G&N.  COMM  & DATA  MGT 

• ELECT.  PWR  & THERM  CONT 

• AUX  FLT  CONTROL  SYS 

• EXT  ACCESS  (EVA) 


• PROPULSION  SYSTEM 

• PROPELLANT  FEED 

• PWR  DISTRIB  & THERMAL  CONT 


• EXPENDABLES 

• INSTRUMENTS  & TOOLS 

• EXPERIMENTS 

• MOBILITY  AIDS 


Figure  2-2  8.  Current  Philosophy  of  Module  Organization 
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Staging  Modes* 


PM  Max  Capability 
Case  I 1000  lb/ (kg) 


1 

2 

4 

5 

6 

7 

8 

if 


80/(36 
52/(24) 
45/(20) 
41/(19) 
36/(16) 
31/(14) 
27/(12) 
23/(10.5) 
21/(9.  5) 
15/(7) 


Geosynchronous 

Mission 


A - 1** 
D-l,  B-3 
D- 1** 
B-3 

B'O 

C-4** 

A- 2** 

B-5 

B-5 


Lunar  Mission 


Mode  A 


A-  1 
A - 1** 
C-l,  D-l 


C-l,  D-l 
B-3**,  C-l,  D-l 
C-l,  D-l 


Cl  *»> 

— i'i'w 


Mode  B 


A- 1 

A- 1 
A - 1** 

C-l,  D-l 
C-l,  D-l 
C-l,  D-l 
B-3** 

C-l**,  D-l** 
C-l*** 


Mode  C and  D 


A- 1 


A- 1 


Al  »l* 

- 1 *■*•'«* 

C-l,  D-l 
C-l,  D-l 

B-3**,  C-l**,  D-l** 

Cl 
- 1 


'(A-l)  - Single-stage , recovered 
(A-2)  - Single-stage,  expended 
(B-3)  - Two-stage,  both  recovered 
(B“5)  _ Two-stage,  second  expended 

(C-l)  - Two-propulsion  modules , one  IM,  parallel  operation 

“ Two-stage,  second  stage  recovered,  IM  on  second  stage  only 
(D-l)  - One  propalsion  module,  one  tank  set,  one  IM  operating  as  single  stage 
Mission(s)  from  which  concept  originated 
Also  has  tank  sets  on  each  propulsion  module 
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and  modes  considered.  Tables  2-6  through  2-8  summarize  the  weight  data 
resulting  from  these  analyses. 


Final  Weight  Analyses 

The  final  computation  of  the  performance  characteristics  of  the  three 
selected  concepts  is  based  on  the  parametric  weight- scaling  equations 
derived  from  detailed  analyses  of  the  required  modules.  These  modules 
include  the  IM,  PM,  tank  set,  (a  special  case  of  a PM  without  engines),  CM, 
and  CAM  and  several  kits  such  as  lunar  landing  gear  and  manipulator. 


Propellant  Module  (PM) 

The  PM  contains  the  impulsive  propellant,  attitude  control  propellant, 
and  interfaces  with  the  IM  and  CM. , The  PM  consists  of  a single  LH2  tank, 
four  LC>2  tanks,  and  four  engines  with  a 1 5 -ft-diameter  cylindrical  non- 
integral external  shell.  The  forward  end  assembles  with  an  IM,  while  the 
aft  end  contains  an  Apollo-type  passive  docking  capability.  The  structural 
weight  of  the  PM  is  based  on  the  data  presented  in  Appendix  A 
A detail  analysis  of  the  weight  of  this  configuration  and  several  primary  con- 
figurational alternatives  is  presented  in  Appendix  C.  Parametric  weight 
evaluation  of  the  PM  structure  resulted  in  this  equation: 


W 


STR 


= PM  structure 


= 1660.  0 + 0.  0336*W  , lb 

P 


= (753.  0 + 0.  0336*W  , kg) 

P 

Structure  here  includes  tank  cryogenic  insulation  and  meteoroid  pro- 
tection for  a seven-day  mission. 

The  parametric  engine  weight  is  based  on  the  engine  weight  data  pre- 
sented in  Appendix  E. 

W_™  (engine  weight)  = 110.0  NE  + ft/87.  5,  lb 

ENG  | : I j 

; = (50.0  NE  + ft/ 8 7.  5,  kg) 

(thrust  vector  control)  = 25.  0 NE  + ft/ 100.  0,  lb 

= (11.  3 NE  + ft/100.  0,  kg} 


W 

MTG 


(engine  mounts) 


= 20.  0 NE  + ft/50.  0,  lb 


= 9.  1 NE  + ft/50.  0 kg) 
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Engine  system  (feed,  fill/drain,  and  pressurization)  parametric 
weight  data  are  based  on  current  in-house  studies  and  the  latest  configura- 
tional drawings: 

WSYS  (en§ine  systems)  - 25.  0 XNft  + 40*  0 XNqt  + °*  0010  XWp’  lb 

= (11.  3 XNft  + 18.  1 XNqt  + 0.  0010  XWp,  kg 

W (residual  propellants)  = 735.  0 + 0.  0032  * W , lb 
RE  S P 

= (333.  0 + 0.  0032  * Wp,  kg) 

Wlos  (two  starts, 

two  shutdowns,  and  v 

seven  days  of  boiloff)  = 370  lb 

= (168  kg) 

where: 

f = total  thrust  in  pounds  (kg) 

t 

NE  = number  of  engines 

1ST  ' = number  of  oxidizer  tanks 
OT 


1NT  _ = number  of  fuel  tanks 
FT 

Wp  = total  usable  propellant  (impulsive  plus  auxiliary) 

For  a tug  PM  having  four  engines,  four  LO^  tanks,  one  LH^  tank,  and 
an  engine  burn  of  1000  seconds  (ft  = 0.463  Wp),  the  total  of  the  above  ele- 
ments is 

= 1890.  0 + 0.  0109  * W-,  lb 
= (857.  3 + 0.  0109  * Wp,  Kg) 
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Table  2-6.  Concept  Weight  Summary  (1000  Pounds) 


Concept  No. 


NR  Staging  Mode 


IM  - 1 
- 2 

CM 

PM  - 1 
- 2 

Landing  gear 
Payload 


Total  inert 


AV  propellant 
Aux.  consumables 


Gross  S/C  weight 
(10  3 kg) 


102.2  116.2  113.1  101.2  99.0 

(46.4)  (52.7)  (51.3)  (45.9)  (44.9) 


63.  3 
0.  6 


85.  0 
(38.  6) 


27.  1 
0.  6 


44.  5 

(20.  2) 


8 

9 

B5 

B5 

3.  3 

3.  3 

3.  3 

3.  3 

3.  1 

3.  0 

3.  1 

3.  0 

10.  0 

10.  0 

22.  8 

22.  6 

28.  3 

29.  3 

1.2 

1.2 

52.  3 

53.  1 

(23.  7) 

(24.  1) 

t* 

U- 
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Concept  No. 

NR  staging  mode 

IM  - 1 i 
- 2 


Table  2-7.  Concept  Weight  Summary  Manned  Lunar  Landing 
NASA  Mode  A (1,000  Pounds) 


1 

2 

3 

4 

5 

6 

7 

A1 

H 

<3 

Cl 

Cl 

Cl 

Cl 

Cl 

00 

CO 

3.  8 

3.  8 

3.  8 

3.  8 

3.  8 

3.  8 

CM 

9.2 

9.2 

9.2 

9.2 

9.2 

9.2 

9.2 

DM  - 1 

7.9 

5.  6 

5.  0 

4;  4 

4.  1 

3.  9 

3.  5 

- 2 

- 

- 

5.  0 

4.  4 

4.  1 

3.  9 

3.  5 

Landing  gear 

6.  0 

3.  4 

3.  2 

3.  1 

3.  0 

3.  0 

2.  9 

Payload 

10.  0 

10.  0 

10.0 

10.0 

10.  0 

10.  0 

10.  0 

Total  inert 

36.  9 

32.  0 

36.2 

34.  9 

34.2 

33.  8 

32.  9 

Propellant 

56.  5 

48.  7 

56.  1 

54.  2 

53.  1 

52.  5 

51.2 

Aux.  Consumable 

3.0 

3.  0 

3.  0 

3.  0 

3.  0 

3.  0 

3.  0 

Gross  S/C  weight 

96.  4 

83.  7 

95.  3 

92.  1 

90.  3 

89.  3 

87.  1 

(10 3 kg) 

(43.  7) 

(38.  0 

(43.  2) 

(41.8) 

(41.0) 

(40.  5) 

39.  5) 

10 
C 1 
3.  8 

9.2 

2.  4+1. 9 
2.  4+1. 9 

2.  7 

10.  0 

32.  3 

50.  4 

3.  0 

85.  7 
(38.  9) 


^Concept  origin 
?*(PM  + tank  set) 


4S  6"  ^ 


/i r\ 


Z CO 
o -a 
a.  t» 
f o 
> CD 

g 5 
8 » 
if 

o 

0 
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Table  2-8.  Concept  Weight  .Summary  Manned  Lunar  Landing — 

NASA  Mode  B (1, 000  Pounds) 


Concept 

1 

2 

3 

4 

5 

6 

7 

8 

9 

10 

NR  staging  mode 

A1 

A1 

Al 

Al* 

Cl 

Cl 

Cl 

B3* 

Cl 

Cl** 

IM  - 1 

3.  8 

3.  8 

3.  8 

3.  8 

3.  8 

3.  8 

3.  8 

3.  3 

3.  8 

3.  8 

- 

- 

- 

- 

- 

- 

- 

3.  8 

- 

- 

/ CM 

9.2 

9.2 

9.2 

9.  2 

9.  2 

9.  2 

9.2 

9.  2 

9.  2 

9-2 

PM  - lL 

7.  9 

5.  6 

5.  0 

4.  4 

4.  1 

3.  9 

3.  5 

3.  1 

3.  0 

2.  4+1.  9 

2 F 

- 

- 

- 

- 

4.  1 

3.  9 

3.  5 

3.  1 

3.  0 

2.  4+1. 9 

Landing  gear 

6.  0 

3.  4 

3.  2 

2.  6 

3.  0 

3.  0 

2.  9 

2.  4 

2.  8 

2.  7 

Payload 

10.  0 

10.  0 

10.  0 

10.  0 

10.  0 

10.  0 

10.  0 

10.  0 

10.  0 

10.  0 

Total  inert 

36.  9 

32.  0 

31.  2 

30.  0 

34.  2 

33.  8 

32.  9 

34.  9 

31. 8 

32.  3 

AV  propellant 

mm 

40.  4 

39.  4 

37.  9 

44.  8 

44.2 

42.  9 

43.  4 

40.  5 

42.  1 

Aux.  consumables 

mu 

3.  0 

3.  0 

3.  0 

3.  0 

3.  0 

3.  0 

3.  7 

3.  0 

3.  0 

Gross  S/C  weight 

87.  9 

75.  4 

73.  6 

70.  9 

82.  0 

81. 0 

78.  8 

82.  0 

75.  3 

77.  4 

(10  3 kg) 

L (39.  9) 

(34.  2) 

(33.  4) 

(32.2) 

(37.2) 

(36.  7) 

(35.7) 

(37.2) 

(34.2) 

(35. 1) 

/ 


at c. 

k 

\ 


RFC. 


ltd 


k 

T 

I RFC 


/ \ 


^Concept  origin 
**2  PM  1 tank  set 
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This  parametric  number,  when  added  to  the  equation  of  the  structural 
portion  of  the  PM,  yields  a resultant  inert  weight  equation  of  the  PM: 

WIPM(l)  = (inert  PM  weight) 

= 3550.  0 + 0.  0445  * W , lb 
= (1610.  3 + 0.  0445  * W , kg) 

where  PM  has  (1)  four  engines  at  total  thrust  of  0.463  Wp,  (2)  four  L02 
tanks  and  one  LH2  tank,  and  (3)  aft  docking  provisions.  This  weight  is  applic- 
able to  the  single-stage  concept  (No.  1)  configuration. 

The  parametric  weight  equation  for  the  two- stage  concept  (No.  5)  con- 
figuration is  identical  to  Concept  1 except  that  the  thrust  of  each  stage  doubles 
with  respect  to  its  propellant  load;  i.  e.  , F = 0.  926  * W The  inert  PM 
weight  equation  then  becomes  P 

wipm(5)  = 3550*  0 + °-  0532  * W lb 

= (1610.  3 + 0. 0532  * W , kg) 

Concept  11  configuration  is  composed  of  a tank  set  (a  PM  less  thrust 
structure  and  engines)  and  a small  specialized  PM  containing  two  LOz  tanks 
and  two  LH2  tanks.  The  stage  thrust  is  truly  a function  of  the  propellant 
load  of  the  tank  set  and  PM.  However,  for  separate  equations  to  be  formed 
for  the  two  stages,  a relationship  of  the  thrust  to  the  PM  propellant  load 
only  is  used. 

These  parametric  PM  weight  data  were  used  in  the  final  performance 
computations  presented  later  in  this  report.  A plot  of  the  PM  inert  weights 
as  a function  of  usable  propellant  loading  is  presented  in  Figure  2-29.  Use 
of  these  equations  in  the  performance  evaluation  of  the  geosynchronous 
missions  resulted  in  a deterimation  of  the  mission  propellant  for  the  three 
basic  configurations.  A weight  summary  of  these  PM  modules  is  presented 
in  Tables  2-9  and  2-10. 

Intelligence  Module  (IM) 

The  IM  contains  all  the  equipment  essential  to  the  operation  of  a tug 
mission  except  the  primary  impulsive  propellant  and  storage  for  the  main 
portion  of  the  auxiliary  propellant.  When  coupled  with  a PM,  the  IM/PM 
forms  the  basic  mission  spacecraft.  The  IM  equipment  is  housed  in  an 
annular  structure  of  15.  0 feet  (4.57  meters)  outside  diameter,  6.  7 feet 
(2.  04  meters)  inside  diameter,  and  3.  0 feet  (0.  91  meter)  long.  Insulation 
is  provided  on  the  total  surface.  Meteoroid  protection  is  provided  on  the 
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The  ratio  of  the  propellant  of  the  TS  to  the  PM  loading  is  approximately 
4.  75,  therefore  the  thrust  of  the  first  stage  is  approximately  (4.75  + 1.  0)  x 
(0.  463)  = 2.  66  times  the  PM  propellant  load.  The  residuals  noted  previously 
are  distributed  by  the  number  of  tanks  and  propellant  load.  The  strat- shutdown 
boiloff  losses  are  split  between  the  TS  and  the  PM.  The  resulting  parametric 
weights  for  Concept  11  are  given  below: 

WITS  = inert  tank  set  weight 

= 2,  880.  0 + 0.  0294  + Wpo,  lb 

= (1306.  4 + 0.  0294  + Wpo,  kg) 

WIPM  (11)  = inert  PM  for  Concept  11. 

= 2,  245.  0 + 0.  0865  + Wpr,  lb 

= (1018.  7 + 0.  0865  + Wpr,  kg) 

Wpo  = outbound  propellant 

Wpr  = return  propellant 
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Table  2-9.  Propulsion  Module  Summary  Weight  Statement  - English  Units 

SPACE  DIVISION 

NORTH  AMERICAN  ROCKWELL  CORPORATION 


SPACECRAFT  SUMMARY  WEIGHT  STATEMENT 


CONFIGURATION 

PROPELLANT  MODULES 


aerodynamic  sureaces 


BODY  STRUCTURE 


INDUCED  ENVIR  PROT 


LNCII  RECOV&  DKC 


MAIN  PROPULSION 


ORIENT  CONTROL  SEP  & ULL 


PRIME.  POWER  SOURCE 


POWER  CONV  & DIS'I'R 


GUIDANCE  & NAVIGATION 


INSTRUMENTATION 


COMMUNICATION 


ENVIRONMENTAL  CONTROL 


GROWTH  ALLOWANCE 


PERSONNEL  PROVISIONS 


CREW  STA  CONTRL  & PAN 


RANGE  SAFETY & ABORT 


SUBTOTALS  (DRY  WEIGHT) 


17.0  PERSONNEL 


18.0  CARGO 


19.0  ORDNANCE 


20.0  BALLAST 


21.0  RES1D  PROP  & SERV  ITEMS 


SUBTOTALS  (INERT  WEIGHT) 


RES  PROP  & SERV  IT  EMS 


INFLIGHT  LOSSES 


THRUST  DECAY  PROPELLANT 


I- ULL  THRUST  PROPELLANT 


THRUST  PROP  BUILDUP 


PRE-IGNITION  LOSSES 


AUX  PROPELLANT* 


TOTALS  (GROSS  WEIGHT)  (LB) 


DESIGN  ENVELOPE  VOLUME  <ET£) 


PRESSURIZED  VOLUME  (ET£) 


DESIGN  ENVEL  SURE  AREA  <Et2) 


PRESSURIZED  SURE’ AREA  (FT2) 


DESIGN  q,  MAX  (LB/ET2)  


DESIGN  g,  MAX 


DESIGN  POWER.  MAX  <KW) 


DESIGN  NO.  MEN/DAYS  THRUST  (LB) 


DESIGNATIONS: 


CODE,  SYSTEM;  REE.  MII.-M-38310A  OR  SP-6004 


ITEM  OR  MODULE  


Unmanned 


TS  for  Concept  11 


f Inct  by  40  lb  for  Lunar  Mission 


SPACECRAFT 


M MANNED  LAUNCH 


U UNMANNED  LAUNCH 


• Ref  Tank  Propellant  Capacit 


FORM  3942-Z  NEW  2-70 
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Table  2-10.  Propulsion  Module  Summary  Weight  Statement  - Metric  Units 


SPACE  DIVISION 

NORTH  AMERICAN  ROCKWELL  CORPORATION 


SPACECRAFT  SUMMARY  WEIGHT  STATEMENT 


CONFIGURATION 

PROPELLANT  MODULES 


AERODYNAMIC'  SURFACES 


BODY  STRUCTURI 


INDUCED  ENVIR  PROT 


LNCII  RECOV&DKC 


MAIN  PROPULSION 


ORIENT  CONTROL  SEP  & ULL 


PRIME  POWER  SOURCE 


POWER  CONV  & DISTR 


GUIDANCE  & NAVIGATION 


INSTRUMENTATION 


COMMUNICATION 


ENVIRONMENTAL  CONTROL 


GROWTH  ALLOWANCE 


PERSONNEL  PROVISIONS 


CREW, ST A CONTRL&  PAN 


RANGE  SAEETY  & ABORT 


SUBTOTALS  (DRY  WEIGHT) 


17.0  PERSONNEL 


CARGO 


ORDNANCE 


BALLAST 


RESID  PROP  & SERV  ITEMS 


SUBTOTALS  (INERT  WEIGHT) 


22.0  RES  PROP  & SERV  ITEMS 


23.0  INFLIGHT  LOSSES 


24.0  THRUST  DECAY  PROPELLANT 


25.0  FULL  THRUST  PROPELLANT 


26.0  THRUST  PROP  BUILDUP 


27.0  PRE-IGNITION  LOSSES 


- AUX  PROPELLANT* 


TOTALS  (GROSS  WEIGHT)  (KG) 


DESIGN  ENVELOPE  VOLUME  (ETJ) 


PRESSURIZED  VOLUME  <HT3) 


DESIGN  ENVEL  SURF  AREA  (Ft2) 


PRESSURIZED  SURF' AREA  (IT?) 


DESIGN  q,  MAX  (LB/ET2) 


DESIGN  g,  MAX 


DESIGN  POWER,  MAX  <KW) 


DESIGN  NO.  MEN/DAYS  THRUST  - KG 


DESIGNATIONS; 


CODE,  SYSTEM;  REF.  MIL-M-383I0A  OR  SP-6004 


ITEM  OR  MODULE 


Unmanned 


B 

PM  for  Concept  5 

C 

DM  for  Concept  11 

D 

TS  for  Concept  11 

1 Incr  by  18  Kb  for  Lunar  Mission 


SPACECRAFT 


M MANNED  LAUNCH 


U UNMANNED  LAUNCH 


Ref  Tank  Propellant  Capacity 


Propellant  Modules  m 


I 


# 


external  surface  and  the  exposed  upper  surface.  Structure  to  accommodate 
the  swivel  RCS  pods  is  provided,  and  an  Apollo-type  docking  probe  attached 
to  the  inner  structure  is  required  when  the  IM/PM  operates  as  a single 
spacecraft  element.  When  the  IM/PM  is  used  in  conjunction  with  a CM  the 
docking  probe  is  not  required.  A summary  weight  statement  of  three  con- 
figurations of  the  IM  are  presented  in  Tables  11  and  12.  All  the  equipment 
weight  data  are  derived  from  the  FO/FS  listings  in  Section  4.  2 


Crew  Module  (CM) 

The  CM  is  a flat  ended  cylinder  15.  0 feet  (4.  57  meters)  in  diameter 
and  7.  75  feet  (2.  36  meters)  high.  One  end  is  provided  with  a NASA  pres- 
surized passive  neuter  docking  ring.  The  other  has  provisions  on  the 
15.  O-ft  (4.  57-m)  diameter  for  attachment  to  an  IM  (if  top  mounted)  or  to  a 
PM  (if  bottom  mounted).  Insulation  is  provided  on  all  external  surfaces. 
Meteoroid  protection  is  provided  on  the  external  cylinder  and  the  exposed 
end  bulkhead.  A summary  weight  statement  for  the  basic  six-man/ seven-day 
space  operation  CM  is  presented  in  Tables  2-13  and  2-14.  Also  illus- 
trated is  the  CM  modified  to  fulfill  the  four -man/45 -day  lunar  surface 
operation. 

Cargo  Module  (CAM) 

The  configuration  of  the  CAM  used  in  the  lunar  landing  missions  con- 
sists of  two  semicircular  pods  (with  a radius  of  7.  5 feet  (2.  28  m)  and 
8.  33  feet  (2.  54  meters)  long.  These  pods  will  be  mounted  flat  side  toward 
the  core  module  180  degrees  apart  at  fitting  points  provided  in  the  primary 
structure.  The  weight  of  a minimum  access,  unpressurized  CAM  of  this 
size  is  approximately  1400  pounds  (635  kilograms ) a pair.  Installation  and 
tie-down  equipment  for  the  installed  cargo  are  not  included  in  this  weight. 

The  installed  cargo  must  include  its  own  installation  hardware  and  insulation 
weight. 

Lunar  Landing  Gear  (LLG) 

The  lunar  landing  gear  is  a four -pad,  reusable,  tubular  network 
attached  to  the  landed  core  module  tug.  The  four  compression  links  are 
mounted  to  hard  points  of  the  core  module  at  their  upper  ends  and  to  the 
landing  pads  at  the  lower  end  the  eight  tension  links  are  attached  in  pairs  to 
the  pads  at  the  lower  end  around  the  perimeter  of  a ring  (which  mates  with 
the  aft  docking  provisions  of  the  core  module)  at  the  upper  end.  The  weight 
of  the  gear  was  estimated  from  available  in-house  information,  including  the 
LM  landing  gear.  A parametric  weight  equation  was  formed  that  related  the 
weight  of  the  gear  to  the  gross  weight  at  lunar  landing  and  the  distance  of  the 
c.  g.  about  the  ground.  A 5.  0-ft  (1.  5.3-m)  ground  clearance  and  a core 
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Table  2-11.  Intelligence  Module  Summary  Weight  Statement  - English  Units 


M’AC  K DIVISION 

NOK'IH  AMKKK'AN  KOCKWKI.I.  CORPORATION 


SPACECRAFT  SUMMARY  WEIGHT  STATEMENT 


CONFIGURATION 

INTTLUOKNcT  MODULES 


ITEM  OR 

A 

B 

c 1 

1.0 

AEROIU  \ Will  SI  HI  At  1 S 

2.0 

HOI )>  NIKI  ('ll  Kl 

yjo 

3.0 

INDl'CI  1)  1 NVIR  I'ROI 

J 4 1 J 

ITo 

4.0 

1 M U R1  C<)\  \ DM,  (‘J) 

*Ji)|l 

- 

5.0 

MAIN  PROl'l  L.XH )N 

- 

- 

6.0 

OKU  M CONI  R()|  SI  P&  l LI. 

:3.1b 

OOvV 

7.0 

PRIMI  I’OWI  K SOI  R(T 

Tut, 

R,  1 

8.0 

POWI  l<  < ()N\  X 1 ilS  1 K 

LtlO 

100 

9.0 

GITDANCI  A N A Yl( , \ 1 ION 

•2Te 

10.0 

INSIKl  Ml  M AIIUN  (1) 

j n i 

- 

, 1 1 .0 

COM  Ml  M<  A 1 ION 

•TUo 

'.(.'TV 

1 1 2.0 

L N VI R ( ) NM 1 N | A 1 CO  NIRol. 

1ST 

331 

13.0 

GROWTH  ALLOWANCE 

1C.0 

ITT 

14.0 

PI  RSONNI  I 'PROVISIONS 

15.0 

CKI  H SI  A CON  1 HI  A PAN 

16.0 

RANCH  SAM  1 Y & AHORl 

SUBTOTALS  (DRY  WEIGHT) 

3?u 

3,  i :‘.)o 

17.0 

PI  RSONNI  1 

18.0 

CARGO 

19.0 

ORDNANCT 

20.0 

BALLAST 

21.0 

RLS1D  PROP  & ST  KV  HI  MS 

lo 

1 Y 

SUBTOTALS  (INERT  WEIGHT) 

3,  3 Do 

3,7)0 

22.0 

RES  PROP  & SI  RV  III  MS 

23.0 

INI  LIGHT  1 OSSI  S 

24.0 

TIIRUSI  l)l(  A'.  IMOPI  LEANT 

25.0 

HTL  IIIRUST  .PROl’l  LLANT 

26.0 

I IIRUS I PROP  BUILDUP 

27.0 

PRI  -1GNI 1 ION  l.OSSI  S 

AUX  PROPELLANT 

4») 

To 

TOTALS  (GROSS  WEIGHT)  (LB) 

3.T40 

3.  Too 

DESIGN  L-.NVI  LOI’I  VOLUME  (IT2) 

PRESSURIZED  VOLUME  (IT2, 

DESIGN  ENVEL  SURE  ARI  A (I  T2) 

PRESSURIZED  SURI  ARI  A (IT2) 

DESIGN  q.  MAX  (1  H/IT2) 

DESIGN  g.  MAX 

DESIGN  POVVT  R , M A X ( KW ) 

DESIGN  NO.  M IN/D  AYS 

DESIGNATIONS:  ' 

CODE,  SYSTEM;  R I I , MH.-M-383IOA  OK  SP-6004 

ITEM  OR  MODULE 

A Unmanned  IM 

B 

C Manned  Space  LM 


I-  Manned  Lunar  Landing  IM  ! 

1-  , (InclG&N  ■ Thermal  Control  Kits) 

SPACECRAFT '•  , ~v 

M MANNED  LAUNCH 

U UNMANNED  LAUNCH 

FORM  3942-Z  NFW  2-70 


NOTES  '*.  SKETCHES: 

(l)  ; Tor  l'nmanned  nocking  Onh 
(-)  Not  Required  for  Manned  Opera'  ion 


— — 1A  ft  .'ll— J 
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Table  2-12.  Intelligence  Module  Su 


' n c e ModuLe  Nummary  Weight  Statement 

SPACE  DIVISION 

\OR  111  AMERICAN  ROCKWELL  CORPORATION 


- Metric  Units 


[CON  FI  G UR  AT  ION 


SPACECRAFT  SUMMARY  WEIGHT  STATEMENT 


lNTKLIiGKN'<  T MODULES 


SYSTEM 


A I ROIU  N AMIt  SI  HI  At  IS 


namMiuniwm 


INI)  l Cl  I)  I NVIR  I'Ro | 


I.NCII  Rl  C()\  A DM, 


MAIN  I’UtJI’l  1 SION 


OKIINI  (ON I KOI  SI  P&ULL 


PRIMI  I’OW I |<  S(H  KCI 


ROW  I l<  ( ON\  \ Uls  I R 


Gl'iUAM  | \ V\\  It, A I ION 


imiimimiiim 


CO  MM  l NIC  A I ION 


LN  VIRONMI  N I At  COM  R01 


GROWTH  ALLOWANCE 


PERSONNI  I PROVISIONS 


C K I \\  SI  \ (UNI  RL  A.  PAN 


RANCil  SAI  iiu  ahor  r 


SUBTOTALS  (DRY  WEIGHT) 


17.0  I PERSON  Ni  l. 


ORDNANCI 


ID  U AS  I 


Rl..  M)  PROP  & SI  R VIII. MS 


SUBTOTALS  CNERT  WEIGHT) 


22.0  I RES  If  OP  & SI  R\  III  Ms 


rilRCS'  Ml  ( AY  PROPELLANT 


l_j.ll.  DIR  I SI  PROPELLANT 


I HR!  S I PROP  III  ILDUP 


PRI  -It INI  I ION  IOSSI  S 


A MX  PROPELLANT 


TOTALS  (GROSS  WEIGHT)  (KG) 


DESIGN  E.NVEEOPI  VOLUME  (|  |L 


PRESSURIZED  VULUMI  ,|.|3, 


DESIGN  ENVEL  SURE  ARI  A (|  ! 2, 


PRESSURIZED  SURI  ARI  A <|t2 


DESIGN  t|,  MAX  ll.ll/ 1 I2) 


DESIGN  g,  MAX 


DESIGN  POWI  It.  MAX  (KWl 


DESIGN  NO.  Ml  N/DAYS 


DESIGNATIONS: 

CODE;,  SYSTEM.  Rl  I MIE-M-383IOA  OR  SP-6004 
ITEM  OR  MODI  El  ‘ 

A Unmanned  IM  

H 

Manned  Space  ly 

D ' ~ 

E Manned  Lunar  Landing  L\l 

E (Iiu  ! (UN  i Thermal  Control  Kits  3 

SPACEC'RAI  I 

IM  MANNED  LAUNCH  r 

u UNMANNI  d i.aiincii 

FORM  3942  2 NfW  2 /0 


Intelligence  Modules,  m 
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Table  2-13.  Crew  Module  Summary  Weight  Statement  - English  Units 

SPACE  DIVISION 

NORTH  AMERICAN  ROCKWELL  CORPORATION' 


SPACECRAFT  SUMMARY  WEIGHT  STATEMENT 

CONff’M 

DURATION 

. CRKW  MOnrLES 

BY 

me 

DATE 

January,  LOT  1 

CODE 

SYSTEM 

ITEM  OR  MODULE 

SPACECRAFT  * 

A 

B j 

C 

D 

E 1 

F 

M 

r U 

1.0! 

Al  RODYN AMR  SI  Rl  ACT  S 

1 

1 

2.0j 

BOON  S 1 K l < T l Kl 

2,535 

2,535 

| 

3.0! 

1NDI  Cl  1)  1 N\  IK  PRO  1 

340 

340 

i ! j 

4.0! 

LNCII  RECOV  X DKG  . 

480 

480. 

I 

5.0 

MAIN  PROPl'l  SION 

- 

: 

i- 

'• ! j 

j | 

| 

6.0 

orieni  Icon  i kol  se.p  & ull 

- - — 1 

7.0; 

PRIM)  POWER  SOURCE 

i 

1 

1 i 

8.0! 

POWER  C()N\  X DISIR 

50 

, , | 

50 

1 

! 

9.0! 

GUIDANCE  X NAN  IGA  1 ION 

lfnf 

•210 

| 

j 

10.0! 

INS  1 RUMI  MAIION 

| 

1 

1 1.0 

COMMUNICATION 

300 

300 

i 

12.0 

I NVIRONMEN 1 AL  CONTROL 

LOO 

•190 

; 

13.0, 

GROWTH  ALLOWANCE 

585 

005 

14.0 

PERSONNEL  PROVISIONS 

1.040 

1.835 

j 

15.0 

CREW  SEA  COM  RE  X PAN 

155 

155 

16.0 

RANGE  SAI-EI  Y X ABORT 

: j ■ j 

TALS  (DRY  WEIGHT) 

0,700 

j : 1 

17.0 

PERSONNE  L ./  200  LB  EACH 

1,200 

•j  | 

800 

18.0 

CARGO  FOOD.  ETC. 

485 

! 1,020 

19.0 

ORDNANC1  N2  AND  TK 

20 

! 20 

i 

20.0 

BALLAST  EVA 

- 

300 

21.0 

RES1D  PROP  X SI.R  V H EMS 

| . 

SUBTO 

TALS  (INERT  WEIGHT) 

8, 170 

S'),,  5 00 

j ! .1 

22.0 

RES  PROPX  SI  RV  ITEMS 

23.0 

INI  LIGHT  1 OSSES 

24.0 

THRUST  DECAY  PROPELLANT 

25.0 

IT.'l  L 1 HRJIS  r PROPELLANT 



26.0 

IIIRUSI  PROP  BUILDUP 

27.0 

PRE-IGNI 1TQN  LOSSES 

META  AND  EPS  C>2 

515 

2,  005 

EPS  112 

45 

270 

TOTALS  (GROSS  WEIGHT)  (LB) 

^ 8,730 

12,375 

DESIGN  ENVELOPE  VOLUME  (I  T3) 

PRESS  UR1ZEDVOLUME  (IT3) 

DESIGN  ENVEL  SURE  AREA  (IT2) 

r~-: 

PRESSURIZED  SURE  AREA  (I  T2) 

DESIGN  q,  MAX  (LB/I  T2) 

DESIGN  g,  MAX 

DESIGN  POWER.  MAX  (K.W  1 

" '* 

( 

DESIGN  NO.  MEN/DATS 

1 

DESIGNATIONS; - 

CODE,  SYSTEM;  HIT.  MIL-M-383IOA  OK  SP-6004 


NOTES  & SKETCHES; 


ITEM  OR  MODULE 

A CM  - 0 Men/7  hays,  Space 


CM  - 4 Men/45  Days,  Lunar  Surface 


I 


SPACECRAI 


M 


MANNED  I AL  NCTI 


UNMANNED  LAUNCH 


SYS  INOR  DUE  TO  LDN  SURF  INCL  IN  IM  WT 


FORM  3942  Z NEW  2-70 
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Table  2-14.  Crew  Module  Summary  Weight  Statement  - 


Metric  Units 


M’ACtv  I >l\  ISM  >N 

NORTH  AMKRICAN  HOC  :K\\  E',l .1 , ( :OR  l>(  )RA  I l(  ).\ 


SPACECRAFT  SUMMARY  WEIGHT  STATEMENT 


CONFIGURfll  ION 


crkw  \ioni  i,i:s 


\l  KOID  S \MU  St  Kl  At  I S 


HOD'i  SI  Kl  ( 'I  I Kl 


INDICI  DINS  IK  l’K(  1 1 


I NCI  I Kl  C()\  4 llklcl^' 


MAIN  I'KOI'l  I SION 


OKI!  N I (ON  I KOI  SI  I’  4 DM. 


PR  I Ml  It  mi  K SODKUI 


POttl  K ( O N \ At  |||S  IK 


Cl  IRANI  I 4 NAVIGAIION 


INS  I lU  Ml  N I A I ION, 


COMMUNIC  A I ION 


LN  VIKONMI  N I A 1 CON  I KOL 


GROWTH  ALLOWANCE 


ITKSONM  I PROVISION'S 


( Kl  tt  SI  A ( OM  Kl  4 PAN 


KANG  I SAI  I IN  4 AIIOK  I 


SUBTOTALS  (DRY  WEIGHT) 


17.0  I PEKSONM  I </  1)1  KG  I- A Gil 


ORDNANGI  No  AND  TK 


HA LI  AS  I KVA 


RESID  PROP  4 SI  K V I 1 1 MS 


SUBTOTALS  (INERT  WEIGHT) 


22.0  | RES  PROP  4 SI  KV  I I I MS 


INI  l l(. Ill  IOSSI  S 


NIKI'S  I 1)1 CAY  I’ROPE  l.l.AN  I 


11  II.  I IIK.I 'S  I PROPI  1 | AN  I 


1 1 IK  US  I PROP  BUILDUP 


PRI  -IGNMION  I.OSSI  S 


MKT  A AND  KPS  02 


KPS  112 


| TOTALS  (GROSS  WEIGHT)  (KG) 

DESIGN  ENVELOPE  VO I UMI 

(1  U) 

PRESSURIZED  VOLUME 

(E  1 3j 

RESIGN  ENVE.I.  SURE  ARI  A 

(I  I 2) 

PRESSURIZED  SlIKI  AKI  A 

dr2) 

DESIGN 


Resign  g,  max 


QESIGN  POWER.  MAX  (KW) 
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module  15.  0 feet  (4.  57  meters)  in  diameter  are  assumed.  The  gear 
semispan  is  \f2. T times  the  c.  g.  distance.  The  gear  weight  equation  is 

WLLG  - 118.  2 (S)  - 21. 7 (W_  / 1 03)  + 151. 3/SXWT  / 1 05)  - 1.  060 

where  S is  the  semispan  in  feet  and  Wl  is  the  landing  weight  in  pounds.  A 
plot  of  this  equation  is  presented  in  Figure  2-30,  At  a landing  weight  of 
50,  000  pounds  (22,  730  kilogram),  the  landing  gear  weight  is 

WLLG  = 274.  0 X CG  - 2,  145  lb  (CG  in  ft) 

= (407.  0 X CG  - 963  kg)  (CG  in  m) 

At  a c.  g.  distance  from  the  ground  of  20.  0 feet  (6.  1 meter),  the  landing  gear 
weight  is 

WLLG  = 3,  335  lb  (1510  Kg),  CG  = 20.  0 ft  (6.  1 m) 

From  the  data  ploted  in  the  figure  the  sensitivity  of  the  weight  is 

(WLLG/Wland)  = (10  to  40)  lb/ 1000  lb 

= ((10  to  40)  kg/1000  kg) 

(WLLG/ CG)  = (260  to  330)  lb/ft 

= ((386  to  490)  kg/m) 

It  would  appear,  therefore,  that  attention  to  the  eg  will  result  in  a lighter 
gear  weight  than  the  same  degree  of  attention  to  the  spacecraft  landing 
weight. 

Manipulator  Submodule  (MM)  CD'. 


The  manipulator  submodule  or  kit  consists  of  a pressurized  module 
9.  0 feet  (2.  74  meter)  in  diameter  and  3.  0 feet  (0.  91  meter)  long,  with 
docking  systems  configured  to  be  compatible  with  the  systems  selected  for  I 
the  other  major  elements  of  the  space  program,  and  the  tug  derivatives. 
Attached  to  this  module  is  a set  of  articulating  mechanical  arms  operated 
by  controls  within  the  MM.  Pressurized  hatches  are  installed  on  both  ends, 
to  permit  crew  access  to  the  manipulator  drive  systems  from  either  side  of 
the  MM.  The  gross  weight  of  this  module  kit  is  2200  pounds  (998  kg).  A 
weight  breakdown  is  shown  in  Table  2-15. 
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Figure  2-30.  Landing  Gear  Weight  Versus  Spacecraft  Weight  and  Center 

of  Gravity 
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Table  2-15.  Estimated  Manipulator  Module  Description  and 

Delta  Weights 


Category 

Weight  (lb) 

Power  (w) 

Exterior  manipulator  kit 

(48  6) 

(205) 

Manipulator  arm  assemblies  (2) 

280 

40  (400  peak) 

Torque  and  force  restraining  arms  (2) 

20 

5 

Tool  attachments  and  fixtures 
Manipulator /docking  port  attachment 

46 

25 

bracket 

20 

... 

Control  electronics 

50 

100 

Video  cameras  (2) 

50 

35 

Electrical  power  distribution 

20 

— 

Crew  interface  kit 

(60) 

(115) 

Manual  controls 

20 

30 

Binocular  video  viewer 

20 

70 

Electrical  power  distribution 

10 

__ 

Communications  and  data  management 

10 

15 

Electrical  power  system  at  1 lb/watt 

(320) 

Module  structure 

(254) 

Module  insulation  and  meteoroid 
protection 

(100) 

- • : • " 

•'  : , ; . • ■ . . 

Docking  provisions , pressurized 

(980) 

1 Active  docking  system 

520 

1 Passive  docking  system 

280 

1 Pressure  hatch 

180 

Total  estimated  module  weight 

2, 200  pounds 
(998  kilograms) 

Docking  Provisions 

Two  systems  were  considered.  The  NASA  neuter  docking  system  and 
the  Apollo  probe-drogue  system.  The  weight  of  these  systems  is  presented 
in  Table  2-16.  A comparison  of  these  concepts  is  illustrated  in  Figures  2-31 
and  2-32. 
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Figure  2-31. 
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• SPACE  ASSY  OF  • NOMINAL  • NOMINAL  • INTEGRATE  • INTEGRATE  IM 

IM  TO  PM  CONFIGURATION  CONFIGURATION  IM  COMP  COMPONENTS 

• ACTIVE  DOCKING  • GROUND  ASSY  t GROUND  ASSY  INTO  PM  INTO  PM 

• ACTIVE  DOCKING  • PASSIVE  • PASSIVE  • ACTIVE 

DOCKING  DOCKING  DOCKING 

BASE  POINT* 

IM  + 620  LB  IM  + 330  IM  2,575  IM  - 280  IM  - 280  2% 

PM  + 680  LB  PM  + 0 PM  5, 350  PM  + 280  PM  + 610 

TOT  + 1,300  LB  TOT  + 330  LB  TOT  7,925  LB  TOT  0 TOT  + 330  LB 

(+  590  KG)  (+150  KG)  (3, 590  KG)  (+ 150  KG) 

• REF  HEO  15/80  DRY  WEIGHT  LESS  GROWTH  ALLOWANCE 


Figure  2-32.  IM /PM /Docking  Interface  Weight  Trends 
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• SPACE  ASSY  OF  • NOMINAL  • NOM I NAL  • INTEGRATE ~ t INTEGRATE  IM 

IM  TO  PM  CONFIGURATION  CONFIGURATION  IM  COMP  COMPONENTS 

• ACTIVE  DOCKING  • GROUND  ASSY  • GROUND  ASSY  INTO  PM  INTO  PM 

• ACTIVE  DOCKING  • PASSIVE  • PASSIVE  t ACTIVE 

DOCKING  DOCKING  DOCK  I NG 

BASE  POINT* 

IM  + 620  LB  IM  + 330  IM  2,575  IM  - 280  IM  - 280 

PM  + 680  LB  PM  + 0 PM  5, 350  PM  + 280  PM  +610 

TOT  + 1,300  LB  TOT  + 330  LB  TOT  7,925  LB  TOT  0 TOT  + 330  LB 

(+  590  KG)  (+150  KG)  (3,590  KG)  (+150  KG) 

•REF-HEO  15/80  DRY  WEIGHT  LESS  GROWTH  ALLOWANCE 

Figure  2-32.  IM/PM /Docking  Interface  Weight  Trends 
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.able  2-16.  Docking  Provisions  Weight  Summary- 


Active 

Passive 

Item 

lb 

kg 

lb 

kg 

LASA  neuter  docking 

111 

■■■ 

P res  surized 

(318) 

(209) 

Docking  port 
Pressure  hatch 

m 

236 

1 

127 

(5  ft,  1 . 5 meters) 

82 

180 

82 

Unpres  surized 

(218) 

(150) 

(68) 

Docking  port 

mSm 

218 

150 

68 

Apollo  docking 

P robe 

75  lb  (34  kilograms) 

Drogue  with  hatch 

(2.  5 ft,  0.  76  meters) 

200  lb  (91  kilograms) 

Diameter  and  Length  Comparisons 


The  weight  and  length  effects  on  the  tug  spacecraft  because  of  a change 
in  outer  diameter  is  primarily-  concentrated  in  the  PM  sizing.  Appendix  C 
develops  the  parametric  sizing  of  the  PM  with  respect  to  outer  diameter  and 
number  of  LO2  tanks  (one  and  four),  as  well  as  comparing  the  initial  par- 
ametric weight.  Two  figures  from  this  appendix  are  duplicated  here  to  sum- 
marize these  effects.  Figure  2-33  illustrates  the  PM  structural  weight  as  a 
function  of  outer  diameter  and  propellant  capacity-  while  Figure  2-34  illus- 
trates the  length  of  the  PM  as  a function  of  its  contained  propellant  load. 

At  low  propellant  capacities,  the  smaller-diameter  PM's  are  lighter. 
However,  increasing  propellant  loads  cause  the  structural  loads  to  increase 
rapidly,  creating  a condition  in  which  the  stage  weight  of  the  smaller- 
diameter  PM  is  larger  than  a more  moderate  diameter  PM.  At  PM  diame- 
ters greater  than  20  feet  (6  meters),  the  packaging  efficiency  of  the 
propellant  is  low,  and  the  stage  weight  is  therefore  larger  than  the  more 
moderate  diameters.  The  figure  shows  that  selection  of  stage  diameters  of 
14  feet  (4  meters)  to  17  feet  (5  meters)  for  propellant  loads  of  50,  000  to 
80,  000  pounds  (14,  000  to  36,  000  kilogram)  result  in  the  lightest  module 
weights. 
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IM  Weight  Comparisons 


Figure  2-35  presents  results  of  comparing  three  IM  diameters,  their 
resulting  module  characteristics,  and  their  structure  weight  trend.  The 

12-ft-(3.  66-m)  diameter  is  good  for  low  weight  and  for  use  of  the  internal 
volume. 

The  1 5 -ft -diameter  (4.  57-m)  module  also  uses  space  well,  and  the 
interior  hole  provides  a good  base  for  partial  enclosure  of  docking  adapter 
structure. 

The  22 -ft  diameter  (6.  71-m)  is  too  large  to  permit  good  volume  use, 
and  the  docking  support  structure  does  not  integrate  well  because  of  a too- 
large  diameter  hole.  However,  the  module  could  be  pressurized  for  access 
from  the  CM  via  the  interior  diameter. 

PM  Aft  End  Design  Weight  Comparison 

Table  2-17  summarizes  the  weights  associated  with  three  configura- 
tions of  the  four-engine/neuter  docking  ring;  and  a one -engine /no  docking 
configuration.  Compared  to  the  fixed  four-engine  configuration,  the  swing- 
out  or  swing-out-and-down  engine  configurations  add  $00  to  700  pounds 
(270  to  320  kilogram)  of  additional  mechanism  and  structural  beefup. 

When  the  thermal  protection  on  the  CM  is  included,  the  weight  penalty- 
increases  to  approximately  800  to  950  pounds  (360  to  430  kilogram). 

Landing  Gear  Weight  Comparisons 


Based  on  the  parametric  lunar  landing  gear  weight,  and  on  the  eon-  , 
ceptual  designs  developed  during  the  study,  a weight  comparison  was  made 
of  the  landing  gear  based  on  outer  diameters  of  12,  15  and  22  feet  (3.  66, 

4*  57,  and  6.  71  meters)  and  crew  module  location  (top  or  bottom).  A dia- 
gram of  these  six  configurations  and  the  resulting  center  of  gravity  and 
landing  gear  weight  is  presented  in  Figures  2-36  and  2-37. 

Crew  Module  Structural  Weight  Trend 

The  primary  structural  weight  of  the  CM  as  a function  of  gross  volume 
is  shown  in  Figure  2-38.  The  gross  module  height  of  a single  floor  is  about 
eight  feet  (2.  5 meters)  and  two  floors  about  seventeen  feet  (5  meters).  For 
a four-man  crew  with  a free  volume  of  250  cubic  feet,  (7  meters3)  each  and 
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(4.5  M) 
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Figure  2-35.  Intelligence  Module  Diameter  Influences 
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Table  2-17.  PM  Aft  End  Design  Weight  Comparison 
(15- ft  Outside  Diameter) 


Component 


LO2  Support  frame 
LO2  Support  beams 
Cylindrical  skirt 
Conical  thermal  structure 
Support  frajme(s) 

Aft  bulkhead 
Thrust  fittings 
Docking  ring 
Links  and  joints 
Engine  yokes 
Actuators 
Screwjacks 

Feedlines,  valves,  etc. 
Additional  swivel  jets 


S PM,  (kg)  lb 


CM  insulation*  (kg)  lb 


2 PM  + CM,  (kg)  lb 


1 Engine, 
No  Dock 


4 Engines -Passive  Neuter  Docking 
Fixed  Swing  Out  Out  & Down 


(236)  520  (440)  970  (717)  1580  (771)  1700 


80%  CM  20%  CM 

(154)  340  (41)  90 


(236)  520  (440)  970  (871)  1920  (812)  1790 


Awt  to  fixed  four -eng,  , 

(kg)  (-204)  -450  (0)  0 (+431)  +950  (+372) +820 


*1 /2-inch  cork,  1.3  psf,  330  sq  et. 


an  allowance  of  250  cubic  feet  (7  cubic  meters^)  for  structure  and  equipment, 
a gross  volume  of  about  1250  cubic  feet  (35  cubic  meter s^)  is  required.  This 
coincides  with  a single-floor  module  15  feet  (4.  6 meters)  in  diameter.  Two 
floors  12  feet  (3.  7 meters)  in  diameter  result  in  a volume  increase  of 
28  percent  and  a weight  increase  of  34  percent.  A single-floor  diameter 
larger  than  15  feet  (4.  6 meters)  or  two  floors  over  12.  0 feet  (3.  7 meters)  is 
not  required. 
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TOP  MOUNTED  CREW  MODULE 
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(3.66  M) 


• • 

ho  . 


15' 
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15' • 
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BOTTOM  MOUNTED  CREW  MODULE 


Figure  2-36.  Lunar  Landing  Configuration— Mode 
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Figure  2-37.  Lunar  Landing  Gear  Weight  Comparison 
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Figure  2-38.  Crew  Module  Structural  Weight  Trend  With  Volume 
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The  weight  of  a one-floor,  1 5-ft-diameter  (4.  6 m)  crew  module 
e signed  to  accommodate  four  men  for  durations  up  to  45  days  is  presented 
11 ’ ‘?Ur®  2'39‘  The  lnert  weight,  including  solid  expendables  (food, 

o 6tC-  ’ 18  Uttle  a£feCted  by  duration-  The  reactants 

EI/S  fueA1  cells  (also  crew  water  supply),  however,  strongly  affect 

atmoTnher'  °f  metabolic  and  the  required  module 

atmosphere  yte Ids  the  module  gross  weight.  For  durations  of  14  to  45  days, 

CM  welght  increases  from  10,  000  pounds  ( 4540  kilogram)  to 
13,  000  pounds  (5800  kilogram),  or  about  30  percent. 
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CREW  MODULE  WEIGHT  TREND  WITH  DURATION 
. I FLOOR  15  FT  (4.6M)  DIAMETER 
. 4 MAN  CREW 

. INCL  14  DAY  CONTINGENCY  OPERATION 


WEIGHT 


MISSION  DURATION  - DAYS 

Figure  2-39.  Crew  Module  Weight  Trend  With  Duration 


Space  Division 

North  American  Rockwell 


3.0  CONCEPT  REFINEMENT  STUDIES 

3.  1 OBJECTIVE  AND  SCOPE  OF  ACTIVITY 


Activity  in  the  later  part  of  the  study  consisted  primarily  of  refining 
each  of  the  three  design  concepts  selected  at  the  midterm  point,  and  investi- 
gating several  alternate  concepts  as  well  as  completing  a number  of  studies. 

3.  1.  1 SELECTED  CONCEPTS  REFINEMENT  STUDIES 

The  three  concepts  presented  in  Figure  3-1  were  subjected  to  detailed 
conceptual  design  and  systems/subsystems  analysis.  The  objective  was  to 
refine  the  designs  to  insure  that  the  configurations  and  systems  involved  were 
feasible,  and  the  important  interfaces  were  identified,  and  presented  in  this 
report  to  provide  a solid  basis  for  weights  analysis  and  subsequent  costing 
and  development  planning  studies.  The  resulting  weights  are  somewhat 
different  from  those  used  at  the  mid-term  point  as  a result  of  refined  systems 
analyses.  Concept  1 is  lighter  and  Concepts  El  and  11  are  heavier  due  to  more 
realistic  propulsion  and  structural  weights.  All  performance  sizing  for 
these  designs  are  based  on  a geosynchronous  mission  which  starts  and  ends 
at  100  nautical  miles  altitude. 

3.1.2  SPECIAL  STUDIES 

A number  of  studies  were  undertaken  in  conjunction  with  the  design 
refinement  effort  because  of  th|eir  unusual  interest  or  importance  in  respect 
to  the  baseline  selected  concepts.  These  include  the  effect  of  ground-based 
operations  on  design  and  reduced  system  autonomy  and  flexibility  on  Tug 
design  characteristics,  expendable  tug  design  concepts,  minitug  concepts, 
assessment  of  design  sensitivity,  and  the  possibilities  for  alternate  use  of 
tug  modules.  A study  of  special  lunar  lander  configurations  was  conducted 
earlier,  but  information  concerning  it  is  included  in  this  section  for 
convenience.  _ 
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CONCEPT  1 

10  KLB 
(4540  KG)  PL 

r~  i 


CONCEPT  5 


10  KLB 
(4540  KG)  PL 


47  FT  (14. 3M) 


CONCEPT  11 
10  KLB 
(4540  KG)  PL 

r — 

V 10  K PL  t 


62  FT  (1&9M) 


49  FT  (14.9M) 


PROPELLANT  WT=78  KLB  (35,400  KG) 
GROSS  WT  = 99  KLB  (45, 000  KG) 
SINGLE  STAGE  RECOVERED 
STAGE  MASS  FRACTION  = 0.873 


41  KLB+41  KLB  (18,600  KG) 
111  KLB  (50,400  KG) 

TWO  STAGE  RECOVERED 
0.810 


11  KLB  '(5000  KG)  (PM)+52  KLB  (23,600  KG)  (TS) 
85  KLB  (38, 600  KG) 

1 1/2  STAGE  EXPENDED  TANK  SET 
0.604/0.917 


Figure  3-1.  Reusable  Geosynchronous  Mission  Space  Tug  Concepts 
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3.  2 SELECTED  CONFIGURATIONS  REFINEMENT 
(FIGURES  3-2,  3-3,  AND  3-4) 

3.  2.  1 BACKGROUND 

Three  basic  concepts  were  selected  at  study  mid-term  from  the 
eleven  baselines  of  Section  2.  1 for  further  refinement  during  the  remaining 
study  period.  The  three  were  Concepts  1,  5,  and  11.  These  concepts  are 
j most  adaptable  to  the  multipurpose  design  approach.  The  other  concepts 

i were  eliminated  from  further  consideration  because  of  excessive  costs  and/or 

inadequate  multipurpose  capability.  Concept  1 is  a single-stage  vehicle  of 
optimum  sizing  intended  to  perform  a geosynchronous  mission  of 
10k  (4536  kg)  payload  placement  and  then  return.  Concept  5,  of  optimum 
size,  must  perform  aj  geosynchronous  mission;  it  consists  of  two  recoverable 
stages.  Concept  1 1 is  also  sized  to  be  optimum  for  the  geosynchronous 
mission.  It  consists  of  a small  recoverable  propulsion  stage  and  a large  tank 
set  which  is  expended  in  geosynchronous  orbit  along  with  the  payload. 

Cl 


The  refinement  of  Concept  1 is  shown  on  Figure  3-2.  This  single- 
stage  vehicle  is  comprised  of  a PM  with  an  IM  attached  to  the  forward  end. 
The  PM  ijS  of  sufficient  capacity  to  deliver  80,  000  pounds  (36,  287  kg)  of  ! 
propellant  to  the  main  engines.  This  capacity  is  based  on  delivery  of 

10,  000  pounds  (4536  kg)  to  geosynchronous  orbit  and  return  to  a low  earth 
orbit. 


During  design  refinement,  the  selected  baseline  concepts  were  con- 
figured to  incorporate  all  latest  changes  and  updates  from  earlier, 
preliminary  work  performed  in  the  various  subsystems  areas.  The  vehicles 
also  were  resized  to  be  consistent  with  updated  performance  and  weight 
snythesis  analysis.  Each  vehicle  design  was  based  on  a philosophy  of 
maximum  multipurpose  modularity.  The  scope  of  missions  included  a 
lunar  landing,  although  scar  weights  for  this  application  were  not  included. ; 
However,  the  structural  configurations  utilized  at  the  base  of  the  vehicle 
(i.  e.  , four  engines,  four  0 1 tanks,  central  docking,  cross  beams)  would 
allow  addition  of  landing  gear  at  a later  time. 

3.2.2  CONCEPT  1,  SINGLE-STAGE  RECOVERABLE 
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The  overall  vehicle  dimensions  are  180  inches  (4.  57  m)  in  diameter 
by  563  inches  (14.  3 m)  long.  The  docking  probe  on  the  forward  end  extends 
an  additional  14  inches  (0.  35  m)  forward.  The  PM  consists  of  a single 
LH2  tank,  four  LOX  tanks,  and  four  main  propulsion  engines.  The  single 
LH2  tank  has  an  internal  volume  of  3300  cubic  feet  (93.  45  m3)  with  an  inside 
diameter  of  164  inches  (4.  16  m),;  The  four  LOX  tanks  have  an  internal 
volume  of  27  5 cubic  feet  (7.8  m3)  each  and  are  62  inches  (1.  57  m)  inside 
diameter.  Both  the  LH2  and  LOX  tanks  are  constructed  of  aluminum  and  are 
supported  from  titanium  skin/ stringer  skirts.  Boron  epoxy  construction 
would  be  used  for  the  skirts  if  warranted  by  structural  and  thermal 
considerations . 

Each  of  the  tanks  incorporate  the  use  of  a low-conductance  radial  sway 
brace  at  the  end  of  the  tank  opposite  the  skirt.  The  sway  braces  can  be 
constructed  from  boron  epoxy  to  satisfy  conductance  requirements.  Each 
of  the  five  tanks  is  made  up  of  a straight  cylindrical  center  section  with 
elliptical  bulkheads.  The  elliptical  bulkhead  ratio  is  1.4  to  1. 

Each  tank  and  skirt  is  fully  insulated  from  the  space  environment  by 
1.  5 inches  (0.  04  m)  of  high-performance  insulation  attached  directly  to  the 
tanks.  An  atmospheric  control  barrier  is  placed  between  the  insulation  and 
the  inside  shell  of  the  PM  structure. 


At  the  forward  end  of  the  vehicle,  located  on  the  vehicle  centerline,  is 
an  Apollo-type  active  docking  probe  which  is  supported  by  a conical  skin/ 
stringer  structure.  The  conical  structure  is  an  integral  part  of  the  IM; 
this  aids  in  distributing  the  docking  loads  to  the  outside  structure.  The 
LH2  tank  support  skirt  is  attached  to  a ring  which  forms  a major  load- 
carrying  frame.  The  exterior  or  outer  shell  of  the  PM  is  a skin/ stringer 
aluminum  structure  which  constitutes  the  main  load-carrying  member 
between  major  frames. 


The  other  major  frame  in  the  PM  is  the  main  load  distribution  frame 
which  is  stabilized  by  four  radial  beams.  This  frame  is  located  between 
the  LH2  and  LOX  tanks  and  is  used  as  the  main  support  for  the  LOX  tank 
skirts.  The  frame  is  of  aluminum  honeycomb  shelf-type  construction  with 
stiffener  webs.  The  shelf  is  stabilized  and  stiffened  by  the  four  radial 
beams.  The  beams  are  rib-stiffened  type  chem-milled  aluminum  structures. 
These  beams  support  the  passive  docking  cone  at  the  aft  end  of  the  PM,  and 
the  main  engine  mounting  structure.  The  LH2  tank  aft  sway  braces  are 
attached  to  the  outer  rim  of  the  LOX  tank  support  frame.  The  sway  braces 
for  the  LOX  tanks  are  attached  to  the  radial  beams.  The  outer  skin/ stringer 
structure  aft  of  the  LOX  tank  support  frame  is  again  the  main  load  distrib- 
uting structure  and  stabilizing  member  for  the  radial  beams. 
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The  IM  is  attached  to  the  forward  end  of  the  PM.  The  general 
configuration  of  the  IM  is  15  feet  (4.  57  m)  in  diameter  and  three  feet  (0.  91  m) 
long.  The  module  has  four  ACS  pods  with  five  engines  on  each  pod.  Two  of 
the  engines  face  aft,  one  forward,  and  one  to  each  side.  The  pods  are 
retractable  within  the  IM  to  meet  the  EOS  cargo  bay  15-foot  (4.  57  m)  diameter 
requirement.  The  communications  and  data  management,  guidance,  and 
navigation,  attitude  control,  environmental  control  and  electrical  power 
equipment  is  located  within  the  IM.  A total  of  62  pounds  (28  kg)  of  gaseous 

usable  propellant  for  ACS  and  EPS  is  contained  in  four  accumulator  tanks 
in  the  IM. 


The  PM  accommodates  four  main  engines.  Each  engine  has  a 9,  000- 
pound  (40,034  newtons)  thrust  level  at  a chamber  pressure  of  1100  psia 
(758  newtons /square  centimeter).  The  engine  operates  at  a mixture  ratio 
of  6 to  1 with  a specific  impulse  of  463  seconds  (4540  newton- second  s/kg). 
The  nozzle  area  expansion  ratio  is  400  to  1.  Each  engine  is  mounted  to  a* 
radial  beam  within  a cavity  at  the  aft  end  of  the  PM.  The  engines  gimbal 
inboard  to  accommodate  the  15-foot  (4.  57  m)  diameter  EOS  cargo  bay 
clearance  requirement.  Each  engine  nominally  gimbals  five  degrees  in 
two  orthogonal  directions  for  thrust  vector  alignment.  View  H of  Figure  3-2 
depicts  the  installation  of  the  engine  to  the  radial  beam.  Propellant  refueling 
drogues  and  control  valves  are  located  on  the  aft  bulkhead  of  the  PM,  as 
shown  in  Section  C-C.  The  refueling  drogues  and  valves  are  completely 
insulated  from  the  space  environment  to  minimize  contamination  and 
boiloff.  The  controls  for  each  refueling  system  are  separate  which  enables 
refueling  to  be  performed  sequentially  and  selectively,  thus  eliminating 
problems  which  might  arise  when  transferring  both  LH2  and  LOX  propellants. 
The  transfer  of  propellants  would  only  be  performed  when  the  tug  vehicle  is 
hard  docked  to  the  propellant  supply  vehicle. 

The  attachment  of  the  payload  to  the  PM  is  accomplished  through  use  of 
the  probe /drogue  docking  system  in  conjunction  with  compression  pads.  The 
adjustable  compression  pads  are  located  on  the  forward  end  of  the  IM.  When 
docked,  the  probe/drogue  assembly  is  utilized  as  a tension  tie.  The 
compression  pads  are  extended  until  they  contact  the  base  of  the  payload  and 
then  are  adjusted  to  load  the  docking  probe  to  a predetermined  tension. 

Two  types  of  S-band  antennas  have  been  utilized  for  communications. 
Two  24-inch  (0.  61  m)  diameter  parabolic  dish  antennas  are  mounted  on  booms 
on  opposite  sides  of  the  vehicle  on  the  forward  end  of  the  propulsion  module 
in  the  annular  volume  at  the  top  of  the  LH2  tank.  View  J of  Figure  3-2 
demonstrates  the  stowage  of  these  dishes  to  meet  the  15-foot  (4.  57  m) 
diameter  cargo  bay  restriction.  The  dish  antennas  have  the  capability  of 
rotating  360  degrees  about  their  deployment  boom  and  also  hinge  100  degrees 
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on  an  axis  perpendicular  to  the  boom  to  give  more  than  a hemisphere  of 
coverage  for  each  antenna.  Ten  omni-type  S-band  antennas  are  used  on  the 
tug  vehicle.  Two  are  mounted  on  each  dish  antenna  boom,  one  facing  forward 
and  one  facing  aft.  One  each  is  located  on  each  of  the  RCS  pods.  The  last 
two  are  located  on  the  forward  and  aft  ends  of  the  tug.  Sun  acquisition  sensors 
are  also  located  on  each  of  the  RCS  pods.  Docking  equipment  is  located  on 
the  forward  and  aft  bulkheads  of  the  PM  in  the  form  of  TV  cameras  and  laser 
rendezvous  and  docking  radar. 


The  environmental  control  system  is  made  up  of  equipment  within 
the  IM  and  radiators  on  the  external  surface  of  the  PM  eighty  square  feet 
(7j  43  m^)  of  radiator  area  is  required  for  the  unmanned  geosynchronous 
mission;  however,  sufficient  area  has  been  provided  for  a total  of  148  square 
feet  (13.  75  m^)  which  is  the  area  required  to  perform  manned  earth-orbit 
missions.  The  radiators  are  located  on  the  PM  skin/ stringer  structural 
shell  between  the  LH^  and  LOX  tanks. 


The  tank  insulation  concept  adopted  for  the  space -based  tug  is  shown 
in  Views  F and  G (Figure  3-2).  If  a ground  based  approach  were  adopted, 
the  major  change  would  be  the  possible  addition  of  a foam  insulation  between 
the  tank  wall  and  the  HPI  (Narsam)  insulation  on  the  LH^  tank,  ground  purge 
gas  bags  and  rents,  and  air  repressurization  equipment  for  re-entry. 

The  basic  PM  and  IM  which  have  been  previously  discussed,  may  be 
used  in  combinations  with  other  modules  and  kits  to  perform  a wide  variety 
of  missions.  Six  such  missions  are  depicted  in  small  scale  drawings  in 
Figure  3-2.  The  first  of  these  missions  utilizes  the  basic  PM  and  IM  to 
perform  low  earth-orbit  unmanned  transfer  of  various  size  payloads.  The 
second  approach  incorporates  the  addition  of  a crew  module  forward  of  the 
IM  to  execute  manned  low  earth-orbit  missions.  Each  of  these  concepts 
makes  available  80,000  pounds  (36,287  kg)  of  usable  propellant.  The 
unmanned  configuration  is  563  inches  (14.  3 m)  long  and  the  manned  is 
668  inches  (16.  9 m)  long. 

The  remaining  four  configurations  are  lunar  landers.  Each  one  utilizes 
a landing  gear  kit  and  a space  radiator  kit  which  radiates  toward  space  when 
the  tug  is  on  the  lunar  surface.  The  first  configuration  shown  is  an  unmanned 
lander.  Several  cargo  modules  which  have  been  configured  as  CM  shells 
are  shown  attached  to  the  side  of  the  tug.  The  basic  vehicle  is  563  inches 
(14.3  m)  long.  The  next  lander  is  manned  and  is  identical  to  the  first  with 
the  addition  of  a crew  module  (CM)  on  the  forward  end.  The  cargo 
modules  (CAM's)  shown  are  hemipods  which,  when  put  together,  fit  within 
the  EOS  cargo  bay  15-foot  (4.  57  m)  diameter  envelope.  This  concept  is 
758  inches  (19.3  m)  long. 
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The  next  configuration  is  a manned  lander  with  a different  PM  than 
the  basic  module.  The  concept  utilizes  a bottom  mounted  CM  and  a PM  with 
swing-out  engines.  This  configuration  is  made  up  (aft  to  forward)  of  a CM, 
a PM  with  swing-out  engines,  and  an  IM.  The  radiators  have  been  mounted 
on  the  forward  end  of  the  IM.  Hemipod  CAM's  have  been  incorporated  near 
the  aft  end  of  the  vehicle.  The  difference  in  length  from  the  baseline  PM 
is  an  addition  of  30  inches  (0.  75  m).  The  vehicle  is  668  inches  (16.  9 meters) 
long  overall. 


The  last  lunar  landing  configuration  features  two  propulsion  stages 
operating  in  a parallel  mode  to  land  a centrally  located  four -deck  space 
station  core  module.  The  stages  are  made  up  of  a PM  and  a forward  attach- 
able IM.  The  landing  gear  is  attached  to  the  space  station  core  module.  The 
vehicle  configuration  is  563  inches  (14.  3 m)  long. 

All  of  the  lunar  lander  configurations  make  80,  000  pounds  (36,  287  kg) 
of  propellant  available  to  the  main  engines  even  though  a lesser  amount  is 
required  to  complete  the  landing  mode  A mission. 


3.2.3  CONCEPT  5 (FIGURE  3-3) 

Concept  5 is  an  unmanned  two-stage  geosynchronous  mission-optimized 
vehicle.  Each  stage  has  the  capacity  of  41.  2 K pounds  of  usable  propellant 
for  the  main  engines,  500  pounds  for  the  attitude  control  engines,  and 
150  pounds  for  the  electrical  power  systems.  The  propellant  tank  volumes 
and  sizes  are  presented  here. 


The  single  LHz  tank  has  an  internal  volume  of  1.  620  cubic  feet  (45.  7m^) 
anunside  diameter  of  164  inches  (4.  16  m),  and  an  overall  inside  of  length  of 
117  inches  (3.48  m).  The  liquid  oxygen  tanks  (four  per  stage)  have  an 
internal  volume  of  137  cubic  feet  (3.  87  m^),  an  inside  diameter  of  60  inches 
(1.  53  m),  and  an  internal  length  of  90  inches  (2.28  m).  All  of  these  tanks 
are  made  of  aluminum  and  are  suspended  from  titanium  skirts  with  non- 
thermal  conducting  sway  bracking  at  the  opposite  ends.  The  general  tank 
shape  is  a straight  cylindrical  center  section  with  elliptical  end  heads.  The 
end  head  ratio  is  1.  4 to  1.  All  propellant  tanks  and  suspension  skirts  are 
fully  insulated  from  the  space  environment  with  high-performance  insulation, 
a Vent  space,  and  combination  meteoroid  barrier,  vent  shroud,  or  purging 
bag  is  ground-based.  This  insulation  system  is  known  as  NARSAM.  An 
optical  material  for  the  tank  support  skirt  is  glass  or  boron  epoxy  which  will 
probably  be  used  for  the  sway  braces. 

As  with  Concept  1,  the  general  configuration  of  the  IM  is  15  feet  (4.  57m) 
in  diameter  by  3 feet  (.  915  m)  long,  with  the  four  attitude  control  pods  having  five 
nozzles  on  each  pod  - two  face  aft,  one  faces  up,  and  one  faces  to  each  side. 
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The  ACS  pods  are  retractable  into  the  IM  to  meet  the  15-foot  (4.  57  m)  diameter 
clearance  requirements.  The  avionics  systems  located  in  the  IM  section 
are  the  communications,  guidance  and  navigation,  and  data  management 
equipment.  The  attitude  control  system,  including  tanks,  is  located  in  the 
IM,  along  with  the  electrical  power  system  and  the  environmental  control 
system  (except  for  the  radiators  which  are  located  on  the  outside  of  the 
vehicle). 

At  the  forward  end  of  each  stage  located  on  the  center  line  is  an 
Apollo-type  active  docking  probe,  supported  by  a conical  skin- stringer 
structure.  This  structure  is  an  integral  part  of  the  IM  which  aids  in 
distributing  the  docking  loads  to  the  outside  structure.  This  docking  cone 
attaches  to  the  same  structural  ring  as  the  liquid  hydrogen  tank  skirt, 
forming  one  of  the  major  load  carrying  frames.  The  exterior  of  the  PM  is 
skin-stringer  aluminum  type  of  structure,  which  is  the  main  axial  load 
carrying  member  between  the  two  major  frames. 

The  second  major  frame  is  the  main  load  distribution  frame  stabilized 
by  four  radial  beams,  and  is  used  as  the  main  vehicle  support  structure. 

This  frame  is  located  between  the  liquid  hydrogen  and  the  liquid  oxygen 
tanks  and  is  the  main  support  of  the  liquid  oxygen  tanks  by  means  of  conical 
skirts.  The  liquid  hydrogen  tank  lower  radial  sway  braces  are  attached  to 
the  outer  rim  of  LOX  tank  support  frame.  The  axial  radial  beams  are  rib- 
stiffened  type  aluminum  structure.  They  are  the  main  support  for  the  passive 
docking  cone,  and  the  four  main  thrust  engines.  The  LOX  tank  lower  sway 
bracing  is  attached  to  these  radial  beams  for  stabilization.  The  outer  skin 
stringer  structure  aft  of  the  second  major  frame  becomes  a secondary 
structure  and  closeout  member  for  the  aft  end  of  the  vehicle. 

Each  propulsion  stage  has  four  9800-pound  (43500  N)  thrust  engines 
with  1 100-psi  (757  n/cm2)  chamber  pressure,  400  expansion  ratio,  specific 
impulse  of  463  seconds  (4530  n sec /kg)  and  a 6 to  1 mixture  ratio.  These 
engines  are  mounted  in  cavities  in  the  aft  end  of  the  propulsion  stage  and 

gimbal  inboard  for  stowage  within  the  15-foot  (5.57  m)  diameter  requirement. 

. ' . ' " ' ' ' . ' ■ : . ■"  ■ ■ 

The  aft  passive  docking  cone  is  located  on  the  center  line  of  the  PM, 
and  is  similar  to  that  on  the  Apollo  vehicle. 

Located  on  the  aft  closeout  bulkhead  are  the  refueling  drogues  and 
their  control  valves.  The  refueling  equipment  is  fully  insulated  and  enclosed 
to  prevent  contamination  and  reduce  boiloff  losses.  The  controls  for  each 
drogue  are  separate  to  enable  each  drogue  to  be  operated  sequentially  and 
prevent  any  potential  problems  between  the  LH2  and  the  LOX  propellants. 

Fuel  will  be  transferred  only  during  a hard  dock  condition,  when  the  Tug  is 
docked  to  the  propellant  depot. 
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On  the  aft  conical  structure  of  the  PM,  four  adjustable  interstage 
stabilizing  trusses  are  attached,  and  are  individually  activated  by  the 
docking  probe.  The  stabilizing  trusses  are  extended  until  they  contact  the 
aft  propulsion  stage  and  load  the  docking  probe  on  the  second  stage  to  a 
predetermined  tension  load. 

The  communication  system  has  two  types  of  antennas.  Two  24-inch  (.  6l  m) 
diameter  S-band  dish  antennass  retractable  for  storage  during  launch  in  the 
EOS,  and  ten  S-band  omni-type  antennas  located  on  the  ACS  pads,  the  dish 
antenna  booms,  and  one  on  each  end  of  the  propulsion  stage. 


The  environmental  control  system  consists  of  externally  located 
radiators  in  addition  to  the  internal  equipment.  Eighty  square  feet  of  radiator 
is  required  for  geosynchronous  missions,  and  148  square  feet  (13.  75m2) 
required  for  manned  missions.  Three  radiators  are  located  between  the 
main  frames  on  the  cylindrical  section,  externally  on  the  skin  stringer 
structure. 

The  basic  PM's  can  be  used  for  various  missions  as  shown  on 
Sheet  4 of  Figure  3-3,  These  missions  include  manned,  and  unmanned  earth 
orbiting  vehicles,  geosynchronous  vehicles,  and  manned  and  unmanned  lunar 
landing  vehicles  handling  a wide  variety  of  payload  modules, 

3.2.4  CONCEPT  11  (DRAWING  2283-34) 

The  concept  shown  on  Figure  3-4  is  that  of  the  stage  and  a half.  This 
concept  consists  of  a small  recoverable  propulsion  module  and  an  expended 
.tank  set.  The  primary  mission  for  which  the  concept  is  sized  is  an  unmanned 
geosynchronous  mission  to  deliver  10,  000  pounds  (4536  kg).  The  tank  set 
is  sized  to  deliver  53,  000  pounds  (24,  040  kg)  of  usable  propellant  to  the  main 
engines.  It  also  contains  500  pounds  (227  kg)  of  usable  propellant  for  the 
attitude  control  (ACS)  and  electrical  power  (EPS)  subsystems.  The  PM 
delivers  11,  000  pounds  (4898  kg)  of  usable  propellant  to  the  main  engines  and 
contains  100  pounds  (45  kg)  for  the  ACS  and  EPS  subsystems. 


As  shown,  the  geosynchronous  configuration  is  597  inches  (49.75  feet) 

I (15.  16  meters)  long  from  the  forward  end  of  the  tank  set  to  the  aft  end  of 
the  PM.  The  tank  set  is  377  inches  (9.  57  meters)  long  plus  14  inches  (0.35 
meters)  for  the  docking  probe  at  the  forward  end.  A single  LH2  tank  and 
! four  LOX  tanks  are  within  the  tank  set.  The  single  liquid  hydrogen  tank  has 
, an  internal  volume  of  2020  cubic  feet  (57.  2 cubic  meters)  is  164  inches 

(4.  16  meters)  inside  diameter  and  203  inches  (5.  16  meters)  long  inside.  The 
four  LOX  tanks  have  an  internal  volume  of  105  cubic  feet  (2.  66  cubic  meters) 

| 

i 

| 


3-18 

SD  71-292-4 


ACS  PODS  (RETRACTABLE) - 
*S*  BAND  OMNI  ANTENNAS  0°) 


U-It  TAM  K titan  I u M SUPPORT  — 
SKIRT  (BORON  EPOXY-  OPTIONAL) 


s 'BAWD  ANTENNA.  (STOWED) 


LOl  TANK.  TITANIUM  SUPPORT 

SKIR.T(B0R<5N  E.POXY  OPTIONAL.) 


f H 


LOt  TANK  SWAY  SPACE  S (8) 


TS’==r 


QIKJE.  SUPPORT  FRAME. 


PUAvL.  STAGE  GEQSVMCMP.O NOU  S SPA.CE.  TU&  - — 

<■4}  ,2.1©  LSS  USABLE.  PROPELLENT  / STAGE.  ) 

0a,6«o  • KILO  SRAMS)  ' 


SECTION! 


HOLDOUT 


ACTIVE.  DOC  KIMS  PROBE  ( APOLLO  TVPt) 


fj  /' 


-INTELLIGENCE  module. 


DOCKING  SYSTEM  thrust  STRUCTURE. 


•HIGH  PERFORMANCE  INSULATlOt-4 

•mtTAHK  - ^lUMIUUM 

VOLUME  = 1620  CUBIC  FEET  (.45. ©4-  METERS®) 

USABLE  PR©  PELL-AMT  - 56BO  LBS.  (2465.6  KILOGRAMS) 
TANK,  I.D.  * 164"  1.4:  I BULKHEADS  ! 

(4. 16>6>  METERS) 

LWX  TAMK.  SWAY  BRACES  (4) 


■LOj  TANKS  (4)  ALUM  I MUM 

VOLUME  = \S7  CUBIC  FEET/taNK.  (5.  677  METER 3 ) 

TOTAL  USABLE.  Ox.lOl1.ER  - 35,  S20  LBS.  (IGO^C.  S KILOGRAMS) 
TAMK  I'D.  =60"  - 1.4  SI  BULKHEADS 

(.  I.S2*  METERS)  * 

..  . A 

HUSH  PERFODM^klCF  mSUlATlOU 


9.6K,  THRUST  ENGINES  (4)  (STOWED) 
( 4-2,2  54  KleyA'OMS  -THRUST) 
iDOCKING  DROGUE  ( APOLLO  TYPE) 


STAGE  EEPABATioM  PlAME 


U4X  TAUK  SUPPORT  MEMBER 


! V; 


■ + \ - t 


i >**/' 

; — rV 


— T"\"" 


S*  BAMD  AntEMNAS  (deployed) 


LOi  TAMK.  SUPPORT  PRAMS. 

9.5  K.  THRUST  ENGINES  (4)  (/DEPLOYED) 
(42,25 C.  NEO/TOMS.  - THRUST) 

• engine  cavity  close  out  shroud  (4) 


DOCKING  come-  passive  (apoulo  type) 


1 CONCEPT 

. I — ■ R.  G Cool 

740  * ****  IE- 30 -TO 
MOTTO  none. 

GEOSYNCHRONOUS 
PROPELLANT  /STAGE 
UNMANNED  TUfi - 


Figure  3-p. 
viE  9-v 


Geosynchronous  Mission,  41. 2 K Pound  F 
Recoverable  Unmanned  Tug 

3-19,  3-20 


/ \ 


X Ixi 


cu  no 
SECT l OKI  Uo  ” Uo 


X'// 


VIEW 


AVIONICS  equipment  bay  - 

COMMUNICATION* 

©JltAMCE  4 NAVNAnoN 
PO.TA.  MM4A4E.MENrr 


ACTIVE  thermal 

CONTROL  SYSTEM 


LHt  tank.  sway  braces  (a) 


LOt.  TAN  K«b 


\.o%  TANK  SUPPORT  SKIRT 


LWj  tank  sump  4 

LOWER  ATTACH  "POINT 


‘s' BAND  DISH  ANTENNA  (2.} 
^DEPLOYED) 


• engines 


-REPUEUNG  DROGUES 


■PAS91VE  DOCKING  CONE  (APOLLO  TYPE) 


f \g  I 


dY<>#- 


INTELLIGENCE  MODULE  (PEFEA.  DRWG  2.E 


Xlull-x 


SECTION 


ih; 


7 V 


'OY 


•ENGINE  SHROUDS 


-INTER-  STAGE  STABILISING  TRUSSES  (4^ 
(ADJUSTABLE) 


f/ ill 


SECTION 


0 = D3 


poi  nouT  F 


*Kv 


m 


si 


ACS  “Pons  (4)(  retractable) 


GOi  TANKS  Cb)  ( i%  K1 , ■DIAMETER)  (.555  METERS) 
VOLUME  « a cubic  feet /tank  (,obs  meters*) 


20*  (.20©  meters) 


an,  TANKS  (Z)  (27  IN.  DIAMETER)  (.466  METERs) 
VOLUME  •=  6 CUBIC  FEET/TANN.  ( , |7o  METERS*) 


Added  equipment  for  manned  missions 


s Band  omni  antennas 


OSX#- 


• electrical  rower  systems  BAY 


a e>e 

2*®  STAGS 
(«.SS  mcteUs) 


1 


module  (refer.  drws  eebb-bs) 


I 


LOt  TANK  SUMP 


Mm 


engine  swrood 


ENGINE  WOllLE 


1*1 


Si 


PASSIVE  DOCKING  CONE  (ARoLLO  TYPE) 


LO,  tank  SWAY  braces 


36" 

(.SI44-  METERS.) 


REFUELING  DROGUES  (z) 


M 


-H16H  PERFORMANCE  INSULATION 


■ UOl  TANKS  (4) 

VOLUME  - >3T  CUBIC  FEET /TANK  (3.  ©77  METERS*) 


/X: 


-LO*TANK.  ^ ENGINE  SUPPORT  FRAMES 


- ENGINE.  SHROUDS  (4) 


366 

l*T  STAGE 
£6.35  meters) 


/ HI  1 1 1 ! ! ! ! 

ill  i i i i i i i 


3-3.  Geosynchr 
I Recoverab 


ipmouT  n 


V 


Space  Division 

North  American  Rockwell 


Space  Division 

North  American  Rockwell 


Figure  3-3. 


Geosynchronous  Mission,  41. 2 K Pound  Propellant  Stage,  Two-Stage 
Recoverable  Unmanned  Tug 


FOLDQimfS*® 


3-23,  3-24 


cm 


_ I v>t«.  v*? 

SD  71-292-4 


3 OF  4 


Figure  3-3.  Geosynchronous  Mission,  41.2  K Pound  Propellant  Stage,  Two-Stage 
i Recoverable  Unmanned  'Tug 

% 7^  % 7 k ^ OF  4 

FQLDQ.UD'.  PAlli  ds5 ’ 3"26  SD  71-292-4 


FOLDOUT 


DOCX/A/G  ASSCA03CY  (AYOCCO  TYAC) 

oo  attacaaoca  t) 


taaa  /asuca  t/oa  (sx/) 


SOAAOST  S/C/ST  {<■*£  7A//<) 

Tt  SK/ZV/S  TA//9GCS  CPA'S  7 A C/C  7/0 A 

(SO AC A CAOTY  OA7/OAAC  ) 


_L 

13 


- CAe  7AA<  - AL  vrs>//vt;/r} 
total  vocdmc  ~ 2020  ca.  at.  (37  3 ca.  mc/cysJ 

C/SCASCC  AAOACCCAAY  *=  7370  CSS.  (*3933  AG J 

/C9  " (9./G  AO)  70.  /.9/  SACAACAOS 


caycssc 


S7AS/L/ZCS 


S 7SD7S 


- LOT.  7 AAA  ~ 9 Ac  ACCS  ~ AL 
TOTAL  VOCDAOC  = 030  LOSS  ('9 .S'  CO.  MC7CASJ 

DSCASLC  AAOACLCAA7  * 9(  930  L3S.  (CO,  COO  AG) 
02  ’ (/S7  A))  7.0.  /.  9:/  /SOCXACSDS 


A AD/ AC  SC A AO  ~ 

CACAO  - AO/C  C CO  A L 


9 Ac  AC£S 
COASTS  C/C  7/0 A 


S-  3 A AO  AASASOC/C  O/SA  AATCAAA 

2 AT  (O.  O/  A))  D/A  C Ac  ACCS 


TOO  (/0. 3 AO) 
cos  CAAGO  SAY 


-3-&AAO  O AO///  AA7CAAA  I A/ODA7CO 

0/9  SAC  A ACS  AOO  3 AOOD/97  CO 

OA  £ AC  A D/S  A A/9  7 £ A/9  A SCO  AY) 

/ 1 MOD  AT £ CD  OA  A AO  AST  SOCAACAO 

OS  AS0SC9CS9O/Y  AOODC/CC 


3 C ('a.  9/ AO  A Q 


SCTSACTASLC  ACS  Ac  OS  ~ 9 AC  ACCS 

3~  /90ZZCCS  AC  A AGO 


200  (323 AO ) ACCCVCSeO 


7SOYOCS/G/9  mo  DOC  € 


SC/YAOS  T SAC/ ST  (<-Ac  £ COX  TAAAS ) 

Tc  (sosoa/ cactY  oat/daac)  , SA/A/STS/AGCS 

SAD/ AC.  SC  A AO  ~ 9 AC  ACCS 

CACAO  - AO/ CC  CO  AC  COASTSOC  T/O/V 


- CAe  7AAA  ~ 3 AC  ACCS  ~ AC 
TOTAL  VOCOAOC  - 930  COAT.  ( //.  9 CD.  MC7CASJ 

DSCASLC  AAOACLLSA7  * /3TG  CSS.  (7/3  AG) 

03  * (/.  37  AO)  3D  7 9 ■ / Se/LAACADS 


az  (2.03  A) ) 

A AO/ A TO*  SCCT/OA 


A 


.hi: 


lii, 

H i i 


!,  i. 

!il:i  ;;l 


I u 


3)7  (9.37  M) 
exscAOASce  taaa  sct 


■ , • I • i 

1:1?  j 

: !,; : i 


- MA/A  C AG/AC  - 9 AC  ACCS 

TASDS7  » 7*  CSS,.  (3^/3  7 AC  A 70 AS  J 

)>  * 900  **«•  (230  ACATOAS/SC.  CAOj  £ --  900 
JT  - 903  j*<.  (9390  AC  A 70  A - SCCGADS/SG 


T» 


GEOSYNCHRONOUS  MISSION  CONFIG 


^icaui  frame  ^ 


Figure  3-4.  Concej 
Recov< 


* 0 


Space  Division 

North  American  Rockwell 


-fc-T 


trcoseov?-  s r/*vc  rc/*e 


- ^ ^/?c  <ss 


CO/y)/y>C////C/}  T/O/V s / ^/)7/9  MA/M6£M£s/r  Se/££YS7£7i/) 

£X7£X/7ACCY  ^£AOOV/9£C£  TAAY 


-sr^^  £*£/?  S — G/V/C  -Sc/£?S  YS  T£AO 


COMMC/WCA  T/O/ys  £ £>7)7/)  AOA//A££/y)£//Y  £C/£S  YSY£AV 

€X7£AA//)C.CY  *£A4CV/9SC£  7A/)Y 


•S&//V  S£ A/SO/Z  — <7  />£./)££ 

y^CS  £//£///£  //>££> O' C <f  — ^ /*CAC£S 


£*Cr/V£  r#€A/y>AC  CO/*r*QC  SotSSYS  T£/Y)  ££)C///*/>0£//7m 


•etl 


SECTION 

V 

(REF.  DRAWING  2283-35 
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each,  are  62  inches  (1.  57  meters)  inside  diameter  and  are  113  inches 
(2.  87  meters)  long  inside.  Both  the  LH2  and  LOX  tanks  are  constructed 
of  aluminum  and  are  supported  from  titanium  skin- stringer  skirts.  Glass  - 
or  boron-epoxy  construction  may  be  used  for  the  skirts  if  warranted  from 
structural  and  thermal  considerations.  Each  tank  incorporates  the  use  of 
a non-thermal  conducting  sway  brace  at  the  end  of  the  tank  opposite  the 
skirt.  The  sway  braces  will  be  constructed  from  boron-epoxy  to  meet  the 
non-thermal  conducting  requirement.  Each  of  the  five  tanks  consists  of 
a straight  cylindrical  center  section  with  elliptical  bulkheads.  The  elliptical 
bulkhead  ratio  is  1.4  to  1. 

Each  tank  and  skirt  is  fully  insulated  from  the  space  environment  by 
1.  5 inches  (0.  04  meters)  of  high-performance  insulation  attached  directly 
to  the  tanks.  An  atmospheric  control  barrier  is  placed  between  the  insulation 
and  the  inside  shell  of  the  tank  set  structure. 


At  the  forward  end  of  the  tank  set,  located  on  the  vehicle  centerline, 
is  an  Apollo-type  active  docking  probe  supported  by  a conical  skin- stringer 
structure.  The  conical  structure  is  an  integral  part  of  the  tank  set  which 
aids  in  distributing  the  docking  loads  to  the  outside  structure.  This  cone 
attaches  to  the  same  structural  ring  as  the  liquid  hydrogen  tank  support 
skirt  and  forms  a major  load-carrying  frame.  The  exterior  or  outer 
shell  of  the  tank  set  is  a skin- stringer  aluminum  structure  which  constitutes 
the  main  load-carrying  member  between  major  frames. 

The  other  major  frame  in  the  tank  set  is  the  main  load  distribution 
frame.  It  is  stabilized  by  the  four  radial  beams.  This  frame  is  located 
between  the  liquid  hydrogen  and  liquid  oxygen  tanks  and  is  used  as  the  main 
support  for  the  liquid  oxygen  tank  skirts.  The  frame  is  of  aluminum  honey- 
comb shelf-type  construction  with  stiffener  webs.  The  shelf  is  stabilized 
and  stiffened  by  the  four  radial  b.-ams.  The  beams  are  rib  - stiffened  chem- 
milled  aluminum  structures.  Thebe.  beams  support  the  passive  docking 
cone  at  the  aft  end  of  tank  set  and  also  support  the  compression  members  for 
attachment  of  the  tank  set  to  the  propulsion  module.  The  liquid  hydrogen 
tank  aft  sway  braces  are  attached  to  the  outer  rim  of  the  liquid  oxygen  tank 
support  frame.  The  sway  braces  for  the  liquid  oxygen  tanks  are  attached  to 
the  radial  beams.  The  outer  skin- stringer  structure  aft  of  the  liquid  oxygen 
tank  support  frame  is  again  the  main  load  distributing  structure  and 
stabilizing  member  for  the  radial  beams. 

The  recoverable  PM  is  comprised  of  the  main  engines  and  two  each 
liquid  hydrogen  and  liquid  oxygen  tanks,  plus  the  IM.  The  PM/lM  combina- 
tion is  206  inches  (5.23  meters)  long  plus  14  inches  (0.  3 5 meters)  for  the 
docking  probe  at  the  forward  end.  The  hydrogen  tanks  have  an  internal 
volume  of  210  cubic  feet  (5.  9 cubic  meters)  each,  are  62  inches  (1.  57  meters) 
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inside  diameter  and  are  135  inches  (3.43  meters)  long  inside.  The  LOX 
tanks  have  an  internal  volume  of  70  cubic  feet  (1.  9 cubic  meters)  each, 
are  also  62  inches  (1,  57  meters)  inside  diameter  and  are  55  inches 
(1.  4 meters)  long  inside.  Both  the  LH^  and  LOX  tanks  are  constructed 
from  aluminum  and  supported  from  titanium  skirts.  The  concept  for 
supporting  these  tanks  is  identical  to  that  employed  by  the  LOX  tanks  in  the 
tanks  set.  This  is  evidenced  by  the  commonality  of  sections  "G"  and  MH" 
on  the  drawing.  The  tanks  are  stabilized  by  sway  braces  constructed  of 
boron  epoxy,  Each  tank  consists  of  a straight  cylindrical  center  section 
with  elliptical  bulkheads  of  1.4  to  1 ratio.  Commonality  of  the  bulkheads 
for  3-H  the  62-inch  (1.  57  meter)  diameter  tanks  will  reduce  the  tooling  and 
cost  of  each  tank. 

Each  tank  is  insulated  from  the  space  environment  by  high  performance 
insulation  attached  directly  to  the  tank  and  an  atmospheric  control  barrier 
between  the  insulation  and  the  PM  outer  shell. 


The  PM  is  structurally  similar  to  the  LOX  tank  portion  of  the  tank 
set.  The  PM  tanks  are  suspended  from  a major  load  distributing  frame  at 
the  forward  end.  This  frame  is  stabilized  by  four  radial  beams.  The  frame 
is  of  aluminum  honeycomb  shelf-type  construction  with  stiffener  webs.  The 
rib-stiffened  chem-milled  aluminum  beams  stiffen  and  stabilize  the  frame. 

The  beams  also  provide  mounts  for  the  four  main  engines  and  support  the 
aft  passive  docking  cone.  The  sway  braces  for  the  LH2  and  LOX  tanks  also 
are  attached  to  the  radial  beams.  The  outer  skin- stringer  shell  structure 
becomes  the  main  load  distributing  member  and  also  stabilizes  the  radial 
beams.  The  IM  is  attached  to  the  forward  end  of  the  PM, 

The  general  configuration  of  the  IM  is  15  feet  (4.  57  meters)  in  diameter 
and  3 feet  (0.  91  meter)  long.  The  module  has  four  ACS  pods  with  five  engines 
on  each  pod.  Two  of  the  engines  face  aft,  one  forward  and  one  to  each  side. 
(See  Volume  5 of  this  report  for  subsystem  sizing  and  redundancy  philosophy.  ) 
The  pods  are  retractable  within  the  IM  to  meet  the  EOS  cargo  bay  15-foot 
(4.  57  meter)  diameter  requirement.  The  communications  and  data  manage- 
ment, guidance  and  navigation,  attitude  control,  environmental  control,  and 
electrical  power  equipment  all  is  located  within  the  intelligence  module. 

A total  of  62  pounds  (28  kg)  of  gaseous  usable  propellant  for  ACS  and  EPS 
is  contained  within  the  IM  in  four  accumulator  tanks. 


At  the  forward  end  of  the  IM  located  on  the  vehicle  center  line  is  an 
Apollo-type  active  docking  probe  supported  by  a conical  skin- stringer 
structure.  This  structural  cone  is  an  integral  part  of  the  IM  and  aids  in 
distributing  the  docking  loads  to  the  outer  structural  shell. 
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The  PM  accommodates  four  main  engines.  Each  engine  has  a 
7000-pound  (31,  137  newtons)  thrust  level  at  a chamber  pressure  of 
900  psia  (620  newtons  per  square  centimeter).  The  engine  operates  at  a 
mixture  ratio  of  6 to  1 with  a specific  impulse  of  463  seconds  (4540  newton- 
seconds  per  kg).  The  nozzle  area  expansion  ratio  is  400:1.  Each  engine  is 
mounted  to  a radial  beam  within  a cavity  at  the  aft  end  of  the  propulsion 
module.  The  engines  gimbal  inboard  to  accommodate  the  15  foot  (4.  57  m) 
diameter  EOS  cargo  bay  clearance  requirement.  Each  engine  nominally 
gimbals  5 degrees  in  two  orthogonal  directions  for  thrust  vector  alignment. 
Detail  M of  Figure  3-4  depicts  the  installation  of  the  engine  to  the  radial 
beam.  Propellant  refueling  drogues  and  control  valves  are  located  on  the 
aft  bulkhead  of  the  PM  as  shown  in  View  B-B,  section  E-E  and  detail  M 
of  the  figure.  The  refueling  drogues  and  valves  are  completely  insulated 
from  the  space  environment  to  minimize  contamination  and  boiloff.  The 
controls  for  each  refueling  system  are  separate.  This  enables  refueling  to 
be  performed  sequentially  and  selectively  thus  eliminating  potential  problems 
which  might  arise  when  simultaneously  transferring  both  LH£  and  LOX 
propellants.  The  transfer  of  propellants  would  be  performed  only  when  the 
tug  vehicle  is  hard  docked  to  the  propellant  supply  vehicle. 

The  tank  set  is  attached  to  the  PM  through  use  of  the  probe /drogue 
docking  system  in  conjunction  with  compression  pads.  The  adjustable 
compression  pads  are  located  on  the  forward  end  of  the  PM  as  shown  in 
section  J - J of  the  figure.  When  docked,  the  probe/drogue  assembly  is  used 
as  a tension  tie.  The  compression  pads  are  extended  until  they  contact  the 
base  of  the  tank  set  and  then  are  adjusted  to  load  the  docking  probe  to  a 
predetermined  tension  load.  This  same  arrangement  is  provided  at  the  for- 
ward end  of  the  tank  set  for  payload  attachment. 

Two  types  of  S-band  antennas  have  been  used  for  communications.  Two 
24-inch  (0.  61  meter)  diameter  parabolic  dish  antennas  are  mounted  on  booms 
on  opposite  sides  of  the  vehicle  on  the  forward  end  of  the  IM.  Section  J-J 
demonstrates  the  stowage  of  these  dishes  to  meet  the  15-foot  (4.  57  meter) 
diameter  cargo  bay  restriction.  The  dish  antennas  can  rotate  360  degrees 
about  their  deployment  boom  and  also  hinge  100  degrees  on  an  axis 
perpendicular  to  the  boom  to  give  more  than  a hemisphere  of  coverage  for 
each  antenna.  Ten  omni-type  S-band  antennas  are  used  throughout  the  tug 
vehicle.  Two  of  them  are  mounted  on  each  dish  antenna  boom,  one  facing 
forward  and  one  facing  aft.  One  omni  antenna  is  located  on  each  of  the  ACS 
pads.  The  last  two  omni  antennas  are  located  on  the  forward  and  aft  ends  of 
the  tug  vehicle.  Sun  acquisition  sensors  also  are  located  on  each  of  the  ACS 
pads.  Docking  equipment  is  located  on  the  forward  and  aft  bulkheads  of  the 
PM  in  the  form  of  TV  cameras  and  laser  rendezvous  and  docking  radar. 
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The  environmental  control  system  consists  of  equipment  within  the 
IM  and  radiators  on  the  external  surface  of  the  PM.  A total  of  80  square 
feet  (7,  43  square  meters)  of  radiator  area  is  required  for  the  unmanned 
geosynchronous  mission.  However  sufficient  area  has  been  provided  for  a 
total  of  148  square  feet  (13.75  square  meters),  the  requirement  for  manned 
earth  orbit  missions.  The  radiators  are  located  on  the  PM  aft  skirt  section 
of  the  skin- stringer  shell.  This  section  of  the  shell  has  been  configured  as  a 
separate  skirt  to  facilitate  quick  change  of  the  radiator  panels  from  unmanned 
to  manned  configurations. 

The  tank  insulation  concept  adopted  for  the  space -based  Tug  is  shown 
in  section  K-K  and  detail  L.  If  a ground-based  approach  were  adopted,  the 
major  change  would  be  the  addition  of  a foam  insulation  between  the  tank  wall 
and  the  HPI  (Narsam)  insulation.  A discussion  of  cryogenic  thermal  control 
is  contained  in  Appendix  F. 

The  basic  PM,  IM  and  tank  set  which  have  been  previously  discussed, 
maybe  used  in  various  combinations  with  other  modules  and  kits  to  perform 
a wide  variety  of  missions.  Six  such  missions  are  depicted  in  small  scale 
drawings  at  the  end  of  Figure  3-4.  The  first  of  these  missions  utilizes  the 
basic  PM  and  IM  to  perform  low  earth-orbit  unmanned  transfer  of  various 
size  payloads.  The  second  approach  incorporates  the  addition  of  a CM  forward 
of  the  IM  to  execute  manned  low  earth  orbit  missions.  Each  of  these  concepts 
makes  available  11,000  pounds  (4989  kg)  of  usable  propellant.  The  unmanned 
configuration  is  200  inches  (5.  59  meters)  long  and  the  manned  is  311  inches 
(7.  9 meters)  long. 

The  remaining  four  configurations  are  lunar  landers.  Each  lunar 
lander  utilizes  a landing  gear  kit  and  a space  radfator  kit  which  radiates 
toward  space  when  the  tug  is  on  the  lunar  surface.  The  first  configuration 
shown  is  an  unmanned  lander  which  utilizes  a PM,  IM,  and  tank  set.  In 
this  concept  the  tank  set  is  recovered.  Several  cargo  modules  which  have 
been  configured  as  CM  shells  are  shown  attached  to  the  side  of  the  tug. 

The  basic  vehicle  is  583  inches  (14.  8 meters)  long.  The  next  lander  is 
manned  and  is  identical  to  the  xirst  with  the  addition  of  a Chi  on  the  forward 
end.  The  cargo  modules  shown  are  hemipods  which  when  put  together  fit 
within  the  EOS  cargo  bay  15-foot  (4.  57  meters)  diameter  envelope.  This 
concept  is  688  inches  (17.  5 meters)  long. 

The  last  two  configurations  are  manned  landers  with  different  PM’s  i 

than  the  basic  module.  The  first  concept  utilizes  a bottom-mounted  CM  

and  a PM  with  swing-out  engine s . This  configuration  is  made  up  from  aft  to 
forward  of  a CM,  a PM  with  swing-out  engines,  an  IM  and  a tank  set.  All 
pieces  of  the  configuration  are  recoverable.  The  radiators  have  been  mounted 
on  the  forward  end  of  the  tank  set.  Hemipod  cargo  modules  have  been 
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incorporated  near  the  aft  end  of  the  vehicle.  The  basic  difference  in  length 
between  the  baseline  PM  is  an  addition  of  30  inches  (0.  76  meter).  The 
vehicle  overall  is  732  inches  (18.  59  meters)  long. 

The  last  lunar  lander  configuration  features  a centrally  located  CM 
and  a PM  with  a crew  egress  tunnel  with  it.  The  basic  configuration  of 
the  PM  has  been  retained  with  smaller  diameter  LH^  and  LOX  tanks  to  allow 
room  for  the  42-inch  (1.  07-meter)  diameter  crew  egress  tunnel  in  the 
center  of  the  PM.  The  CM  is  located  forward  of  the  IM.  Hemipod  cargo 
modules  have  been  used  on  this  concept.  The  PM  is  26  inches  (0.66  meter) 
longer  than  the  basic  module  which  is  the  increase  in  length  of  the  tanks. 

The  vehicle  is  716  inches  (18.  18  meters)  long.  As  in  the  previous 
configuration,  the  space  radiators  are  located  on  the  forward  end  of  the  tank 
set. 

All  of  the  lunar  lander  configurations  are  off  loaded  to  make 
53,  000  pounds  (24,  040  kg)  of  propellant  available  in  the  tank  set  and 
11,  000  pounds  (4989  kg)  of  propellant  available  in  the  PM  for  the  Mode  A 
landing  mission. 

3.  2.  5 IM  CONCEPT  DEVELOPMENT 

The  separable  IM  which  is  used  on  all  tug  vehicles  is  defined  on 
Figure  2-22.  The  IM  is  configured  as  a rectangular  cross  sectional  area 
toroid  with  inner  diameter  of  80  inches  (2.  03  meters)  and  outer  diameter  of 
180  inches  (4.  57  meters).  The  ACS  modules  extend  beyond  the  180-inch 
(4.  57  meters)  diameter  but  are  retractable  in  order  to  be  stowed  within  the 
180-inch  (4.  57  meters)  diameter  envelope  of  the  EOS  cargo  bay.  The  IM  is 
36  inches  (0.  91  meters)  high.  All  of  the  subsystems  equipment  required  to 
operate  the  tug  vehicle  is  accommodated  within  the  IM. 

The  plan  view  of  the  IM  shown  in  section  A-A,  indicates  how  the  area 
has  been  divided  into  four  basic  pie -shaped  sectors.  This  helps  to  keep 
subsystems  separated  and  thus  easily  accessible  for  service  and  replacement 
of  equipment.  Quadrant  I contains  the  communications  and  data  management, 
guidance  and  navigation  and  rendezvous  and  docking  equipment.  All  of  the 
attitude  control,  thermal  control  and  environmental  control  and  life  support 
equipment  is  located  in  quadrants  II  and  IV.  The  remaining  quadrant,  III, 
contains  electrical  power  equipment  plus  a small  amount  of  guidance  and 
navigation  and  rendezvous  and  docking  equipment. 

The  swing-out  ACS  modules  are  located  at  the  intersections  of 
quadrants  and  retract  into  cavities  at  these  intersections.  The  communica- 
tions and  data  management  and  electrical  power  equipment  are  located  on 
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externally  removable  trays  which  make  space  maintenance  of  this  equipment 
feasible  with  a minimum  of  perturbation  to  the  remainder  of  the  IM.  The 
trays  maybe  moved  on  rails  to  extend  36  inches  (0.91  meter)  outside  the 
outer  mold  line  for  access  to  the  equipment.  Also  the  trays  maybe 
completely  removed  from  the  IM  for  replacement.  The  trays  are  made  of 
an  aluminum  honeycomb  outer  panel  and  an  aluminum  honeycomb  central 
shelf  to  which  the  equipment  is  mounted  as  well  as  the  removal  rail  guides. 
Quadrants  I and  III  each  contain  two  trays. 

Quadrants  II  and  IV  have  aluminum  honeycomb  outer  panels  and  an 
aluminum  honeycomb  central  shelf.  The  ACS  tanks  and  other  equipment 
within  these  quadrants  is  mounted  on  the  shelf.  Sections  of  the  outer  panels 
are  removable  for  access  to  the  equipment,  but  there  are  no  removable  or 
sliding  trays  in  these  quadrants.  The  central  cylinder  of  the  IM  is  closed 
out  by  an  aluminum  skin.  The  forward  and  aft  bulkheads  also  are  closed  out 
with  aluminum  skins  attached  to  circumferential  frames.  Radial  beams  of 
rib  stiffened  chem-milled  aluminum  construction  form  the  ACS  engine 
module  cavities  and  stabilize  the  main  circumferential  load  distributing 
frames.  The  ACS  engine  modules  are  mounted  to  aluminum  honeycomb 
swing-out  panels. 

A guidance  and  navigation  base  is  provided  in  Quadrant  I.  The  two-axis 
gimbaled  star  trackers  are  mounted  to  this  base.  Large  cavities  are  provided 
in  the  structure,  as  shown  in  View  C-C  of  Figure  2-22  to  accommodate  the 
gimbal  excursion  envelope  of  these  trackers.  Additional  guidance  and 
navigation  equipment  is  also  mounted  to  this  base  as  shown  in  Section  B-B 
of  the  figure.  This  equipment  is  mounted  to  the  inboard  side  of  the  base 
just  aft  of  the  quadrants  control  shelf.  Opposite  the  G & N base,  in 
quadrant  III,  another  cavity  is  provided  for  mounting  of  the  horizon  sensor 
(earth  edge  tracker). 


Quadrants  II  and  IV  are  nearly  identical  in  equipment  arrangement  with 
a small  exception.  Quadrant  II  contains  the  ACS  engine  diver  electronics 
and  quadrant  IV  contains  the  main  propulsion  engine  gimbal  electronics,  as 
well  as  the  active  thermal  control  equipment.  Each  quadrant  accommodates 
one  each  GH2  and  G02  accumulator  tanh.  The  GH2  tanks  are  27  inches 
(0.69  meters)  inside  diameter  and  contain  6 pounds  (2.  72  kg)  of  useable 
propellant.  The  G02  tank  inside  diameter  is  22  inches  (0.  56  meters)  and  it 
contains  25  pounds  (11.34  kg)  of  useable  propellant.  The  tanks  are  mounted 
directly  to  the  central  shelf  through  insulating  blocks.  Each  tank  is  fully 
insulated  from  the  surrounding  environment  with  HPI  insulation  blanket 
attached  to  each  tank.  Tank  controls  and  regulators  are  located  adjacent  to 
each  tank. 
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Each  ACS  module  is  made  up  of  an  engine  mount  which  is  attached  to  a 
swing-out  outer  panel.  The  internal  arrangement  of  the  engine  mount  can 
be  seen  in  Sections  D-D  and  E-E.  Each  mount  accommodates  five  engines. 
Two  engines  face  aft,  one  faces  toward  and  two  face  sideways,  one  to  each 
side. 


Propellant  is  supplied  to  the  engines  through  a manifold  within  the 
mount.  The  outer  panel  pivots  180  degrees  for  launch  in  the  EOS  cargo  bay 
in  order  to  honor  the  180-inch  (4.  57  meters)  diameter  envelope.  An 
aluminum  skin  closeout  is  provided  on  the  book  side  of  the  outer  panel  to 
protect  the  propellant  lines  and  engine  mount  when  the  modules  are  retracted. 
The  engines  have  a thrust  level  of  ZOO  pounds  (889  newtons)  at  a chamber 
pressure  of  250  psia  (172.  3 newtons / square  centimeter).  The  mixture  ratio 
is  4.2  to  1 and  the  area  expansion  ratio  is  40:1.  The  engine  delivers  a 
specific  impulse  of  420  second s (41 18 . 8 newton- second s /kg).  An  S-band 
omni  antenna  and  a sun  acquisition  sensor  are  mounted  on  the  outboard  flat 
area  on  each  ACS  engine  mount. 

The  IM  shown  has  been  configured  for  an  unmanned  geosynchronous 
mission.  Area  within  the  IM  has  been  provided  for  additional  equipment 
required  for  a manned  mission.  This  allocated  area  is  shaded  in  the  drawing. 
In  quadrant  II  an  additional  active  thermal  control  unit  is  required  for  manned 
missions  to  provide  extra  cooling  as  well  as  life  support  operations.  In 
addition,  another  electrical  power  module  is  required  as  shown  in  Section  B-B 
of  the  Figure  2-22.  Consequently  the  configuration  shown  is  capable  of 
handling  the  entire  spectrum  of  unmanned  and  manned  tug  missions. 

3.  2.  6 EOS  CARGO  BAY  INTEGRATION  STUDY  (FIGURES  3-5  AND  3-6) 

An  important  operational  aspect  of  the  overall  tug  program  is  the  method 
employed  to  transport  the  basic  vehicle  to  earth  orbit.  For  purposes  of 
this  study  it  was  assumed  most  likely  that  the  tug  vehicle  would  be 
transported  in  the  EOS  orbiter  cargo  bay.  Fluctuations  and  changes  within 
the  EOS  program  concerning  the  exact  method  of  supporting  and  deploying 
a payload  as  well  as  in  the  dimensions  of  the  payload  envelope  precluded  any 
definition  of  the  method  of  support  and  deployment  of  a tug  vehicle  early  in 
the  tug  study.  At  a later  date  methods  of  support  and  deployment  as  well  as 
payload  envelope  definition  were  available  and  two  integration  study  drawings 
were  prepared. 


The  first  drawing  (Figure  3-5)  was  prepared  at  an  early  phase  of  the 
study  and  one  of  the  tug  vehicle  concepts  was  selected  to  demonstrate  the 
method  of  attachment  and  deployment.  The  vehicle  was  a 60,  000  pound 
(27,  215  kg)  single  stage  tug  with  a crew  module.  This  configuration  is 
based  on  Concept  2 and  the  configuration  shown  is  that  for  a manned  low 
ear th  orbit  mission.  The  cargo  bay  was  assumed  to  employ  a pivoting 
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Figurei.  3-6.  Reusable  Space  Tug,  Earth  Orbiting  Shuttle  Support  Interfaces 
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manipulator  assembly  which  attached  directly  to  the  payload  (tug)  and 
supported  it  vertically  in  the  cargo  bay.  All  of  the  longitudinal  launch 
loads  are  reacted  by  this  manipulator  assembly.  Lateral  and  torsional 
loads  are  reacted  by  pin  mechanisms  located  on  the  sides  of  the  cargo  bay 
at  an  aft  support  frame.  The  pins  fit  into  receptacles  in  the  tug.  The  pins 
are  slotted  longitudinally  to  allow  for  axial  movement  of  the  payload,  and 
are  retracted  once  in  orbit  for  payload  deployment. 

In  this  configuration  the  tug  is  supported  in  a normally  upright  position 
when  on  the  launch  pad.  The  crew  module  is  at  the  forward  end  of  the  vehicle 
and  attaches  through  a neuter  docking  system  to  the  manipulator  assembly. 
This  arrangement  allows  the  tug  crew  to  enter  the  tug  crew  module  from  the 
orbiter  crew  compartment  through  the  manipulator  assembly  and  neuter 
docking  system.  The  vehicle  arrangement  in  conjunction  with  the  support  and 
deployment  system  make  an  attractive  concept  with  many  desirable  features 
(upright  position,  crew  access,  etc.  ).  The  most  unattractive  feature  is  the 
requirement  for  the  crew  module  and  intelligence  module  to  support  the 
propulsion  module  during  launch  or  for  the  payloads  to  support  the  vehicle 
with  no  CM. 

The  tug  vehicle  configuration  and  EOS  cargo  bay  configuration  utilized 
on  this  drawing  were  preliminary  and  were  refined  during  the  later 
phase  of  the  study.  The  second  drawing  (2283-37)  was  prepared  as  part  of 
the  design  refinement  and  made  use  of  more  recent  data  concerning  the 
manipulator  assembly,  lateral  support  concept,  and  payload  envelope 
dimensions.  The  drawing  depicts  the  single  stage  Concept  1 refined  j 

configuration  for  an  unmanned  geosynchronous  mission  and  gives  dimensions 
also  for  the  Concept  5 and  11  refine  configuration  vehicles.  The  major 
difference  between  this  concept  and  that  shown  on  the  previous  drawing  is 
the  orientation  of  the  tug  vehicle  within  the  cargo  bay  and  the  method  of 
providing  lateral  restraint. 

The  earth-orbiting  shuttle  (EOS)  supports  the  reusable  tug  during 
launch,  spaceflight,  and  reentry.  The  EOS  is  equipped  with  a deployment 
system  consisting  of  a radius  arm  and  hinge,  actuating  mechanism,  locking 
links  and  braces,  and  an  umbilical  between  the  EOS  and  the  tug  for  servicing 
and  checkout  of  the  tug  while  it  is  being  transported  in  the  EOS. 

The  tug  is  secured  to  the  EOS  at  the  deployment  system  interface  by 
means  of  an  active  docking  probe  and  a matching  passive  drogue.  The  probe  j 
is  part  of  the  EOS  deployment  radius  arm  apd  the  drogue  is  part  of  the  tug. 
This  mechanism  is  capable  of  supporting  the  tug  axially  during  ±3  g loading 
caused  by  maximum  acceleration,  during  deployment,  and  releasing  of  the 
tug  in  space,  and  the  docking,  retrieving,  and  stowage  of  the  tug  in  the 
EOS  cargo  bay  for  space  operations. 
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Other  supports  are  required  at  the  other  end  of  the  propulsion  module 
to  locate  and  support  the  tug  in  the  cargo  bay.  A centering  roller  support 
system  is  used  to  capture  the  payload  end  of  the  propulsion  module  and  lock 
it  to  the  EOS  cargo  bay.  This  unit  is  capable  of  ±6  inches  (.  1 57  m)  lateral  motion, 
but  is  spring  loaded  to  return  to  center.  On  the  same  EOS  station  plane  as 
the  centering  and  lock  system  are  two  adjustable  cargo  lateral  support  pads 
which  are  ratchet  operated  to  remove  excessive  play.  The  cargo  bay  can 
house  and  deploy  a cargo  module  15  feet  (4.  57  m)  in  diameter  and  60  feet 
(18.3  m)  in  length  without  interference  to  the  EOS  structure. 

Each  of  the  three  baseline  vehicle  concepts  developed  during  the  design 
refinement  phase  are  shown  within  the  cargo  bay  payload  envelope  and  the 
remaining  length  available  for  tug  payload  is  also  indicated.  For  the 
Concept  1 vehicle  157  inches  (4  meters)  remains  for  payload.  The  Concept  11 
vfih-icle  has  137  inches  (3.  5 meters)  available  and  the  Concept  5 vehicle  can 
accommodate  352  inches  (8.  9 meters)  of  payload.  In  the  case  of  the 
Concept  5 vehicle  (two  stages  where  both  are  recovered  from  an  unmanned 
geosynchronous  mission)  only  one  stage  can  be  accommodated  within  the 
EOS  cargo  bay  payload  envelope.  Consequently,  two  EOS  launches  and 
in- space  assembly  of  the  two  stages  is  required  for  the  geosynchronous 
mission. 

The  EOS  cargo  deployment  system  described  above  provides  for 
positive  support  of  the  tug  within  the  bay  and  for  deployment  outside  the  bay 
for  launch  release  into  space.  It  also  provides  a hard  docking  port  for  tug 
upon  return  to  EOS  from  a space  mission,  and  for  subsequent  securing  into 
the  cargo  bay  for  earth  return.  It  should  be  noted  that  this  EOS  scheme  is 
but  one  of  several  studied  so  far  (but  is  the  one  which  has  received  the  most 
study  at  NR).  Another  concept  (described  earlier  in  the  Design  Approach 
section  of  this  report)  does  not  employ  a hard  docking  port  at  all  but  instead 
utilizes  manipulator  arms  or  cherry-pickers.  With  this  later  concept,  the 
tug  would  be  supported  for  all  loads  during  launch  to  orbit  by  means  of 
retaining  provisions  along  the  length  of  the  vehicle.  Deployment  would  be 
by  release  of  the  retainers,  extraction  of  tug  by  means  of  the  cherry 
pickers,  and  release  to  space.  Upon  return  to  EOS  from  a mission,  the  tug 
would  maneuver  into  close  proximity  with  the  EOS  cargo  bay  ("soft  docking") 
and  the  cherry  pickers  would  be  used  to  grasp  the  tug  and  insert  it  into  the 
cargo  bay  for  retention.  Thus,  a "soft  docking"  concept  is  used  with  the 
cherry  picker  scheme. 

With  the  earlier  hard  docking  deployment  arm  scheme,  a docking  port 
is  necessary  on  the  base  of  the  tug.  irhis  requires  a clear  centerline  on  the 
base  of  the  tug,  which  tends  to  preclude  a single -engine  configuration  unless 
a special  concentric  docking  adapter  outside  of  the  engine  diameter  were  to 
be  used.  Since  the  latter  appears  undesirable  from  a total  space  program 
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compatibility  standpoint,  the  baseline  tug  designs  provided  the  centerline 
docking  with  four  outboard  engines  (two  also  would  be  permissible).  With 
the  later  cherry  picker  cargo  deployment  scheme,  the  centerline  docking 
provision  is  not  needed  so  that  another  constraint  on  tug  engine  arrangement 
is  removed.  It  should  be  noted  that  the  EOS  hard  docking  scheme  requires 
the  tug  to  be  mounted  inverted  within  the  bay  on  the  launch  pad,  complicating 
somewhat  the  fill  and  venting  provisions  if  the  tug  were  to  be  ground  fueled 


/ (ground-based). 
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3.3  BASIC  CONCEPTS  WEIGHTS 


From  the  structural  and  equipment  weight  analyses  presented  in 
Section  2.  2.  7,  the  final  iteration  of  propellant  loading  was  computed  for  the 
three  base  configurations  (Concepts  1,  5,  and  11).  All  propellant  capacities 
were  derived  for  the  equatorial  geosynchronous  missions.  The  base  weight 
analyses  were  performed  on  a spacecraft  designed  to  start  from  a 100  n mi 
(161  kilometer)  orbit,  deliver  a 10,  000-pound  (4,  536-kilogram)  payload  and 
return  the  spacecraft  to  a 100  n mi  (161  kilometer)  earth  orbit.  Summary 
weight  statements  of  the  three  concepts  tor  the  geosynchronous  missions  are 
presented  in  labies  3-1  through  3-3.  The  IM  used  is  the  unmanned  design, 
the  PM  design  used  is  the  unmanned  or  space  manned  design. 


Four  summary  weight  statements  for  the  lunar  landing  missions  using 
components  of  the  geosynchronous  missions  are  presented  in  Tables  3-4 
through  3-7.  Several  configurations  of  lunar  landing  can  be  obtained  for  each 
concept.  Two  concepts  for  Concept  1 are  illustrated.  The  first  consists  of 
the  addition  of  a CM  on  top  of  the  IM/PM  and  cargo  modules  at  the  base. 

This  results  in  a high  center  of  gravity  and  therefore  a rather  large  and 
heavy  landing  gear.  The  second  configuration  moves  the  crew  module  to  the 
aft  end  of  the  IM/PM  but  necessitates  the  addition  of  swing -out -and -down  PM 
engines.  A net  weight  reduction  of  approximately  27  percent  is  noted  for 
lowering  the  crew  module.  Concept  5 uses  the  geosynchronous  mission  PM's 
by  adding  the  swing -out- and -down  engines  to  one  and  removing  the  engines 
from  the  other  (thus  forming  a tank  set,  TS).  A gross  weight  approximately 
5 percent  larger  than  the  equivalent  design  using  Concept  1 components  is 
noted.  Concept  11  uses  both  the  PM  and  TS  sized  for  the  geosynchronous 
mission.  The  configuration  in  which  the  CM  is  placed  between  the  PM  and 
TS  was  selected  for  weight  illustration.  The  resultant  spacecraft  weight  is 
approximately  1.6  percent  lighter  than  Concept  1.  The  metric  unit  equivalents 
of  these  weight  summaries  are  presented  in  Tables  3-8  through  3-14. 
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Labl<>  3-1.  Concept  1 - Geosynchronous  Summary  Weight  Statement 

English  Units 


Aerodynamic  surfaces 


Body  structure 


Induced  envir  prot 


Launch  recov  and  dockin 


Main  propulsion 


Orient  control  sep  and  till 


Prime  power  source 


Power  conv  and  distr 


Guidance  and  navigation 


Instrumentation 


Communication 


Environmental  control 


Growth  allowance 


Personnel  provisions 


Crew  sta  control  and  pan 


Range  safety  and  abort 


SUBTOTALS  (DRY  WEIGHT 


17.0 

Personnel 

IX  0 

Cargo 

I'l.o 

Ordnance 

:u.o 

Ballast 

:i  .o 

Resid  prop,  and  serv  items 

SUBTOTALS  (INERT  WEIGHT 


I Rt's  prop,  and  serv  items 


! Inflight  losses 


J Thrust  decay  propellant 


| Full  thrust  propellant 


Thrust  prop,  buildup 


Pre-i 


Aux  propellant 


Design  envelope  volume 


Pressurized  volume 


Design  envel  surf  area  (ft3) 


Pressurized  surf  area 


Design  q,  max  (lb/ft2) 


, max 


Design  power,  max  (kw) 


Design  no.  men/days 


DESIGNATIONS: 


( I II  > I .M  SI  I VI;  Id  I . MII.M  tX.ntlA  OR  Sl’f.004 


HIM  OR  MODI1 1 I 


IM 


H PM 


C PL 


SPACECRAFT 


IM  MANNED  LAUNCH 
U UNMANNED  LAUNCH 

FORM  3V42-Z  NEW  2 70 


QFV  71  _7.Q7_A 
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Table  3-2.  Concept  5 - 


Aerodynamic  surfaces 


Body  structure 


Induced  envir  prot 


Launch  recov  and  dockin 


Mam  propulsion 


Orient  control  sep  and  u 


Prime  power  source 


Power  conv  and  distr 


Guidance  and  navigation 


Instrumentation 


Communication 


Environmental  control 


Growth  allowance 


Personnel  provisions  ?' 


I Crew  sta  control  and  pan 


I Range  safety  and  abort 


SUBTOTALS! DRY  WEIGHT 


I Peisonnel 


Geosynchronous  Summary  Weight  Statement 
English  Units 


ITEM  OR  MODULE 


10,000 
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Table  3-3.  Concept  11  - Geosynchronous  Summary  Weight  Statement 

English  Units 


Aerodynamic  surfaces 


Body  structure 


Induced  envir  prot 


Launch  recov  and  dockin 


Main  propulsion  . 


Orient  control  sep  and  ull 


Prime  power  source 


Power  conv  and  distr 


Guidance  and  navigation 


Instrumentation 


Communication 


Environmental  control 


Growth  allowance 


Personnel  provisions 


Crew  sta  control  and  pan 


Range  safety  and  abort 


SUBTOTALS  (DRY  WEIGHT 


Personnel 


Cargo 


Ordnance 


Ballast 


I Res  id  prop,  and  serv  items 


SUBTOTALS  (INERT  WEIGHT 


Res  prop,  and  serv  items 


Inflight  losses 


ThrusL  decay  propellant 


Full  thrust  propellant 


Thrust  prop,  buildup 


Aux  propellant 


TOTALS  (GROSS  WEIGHT)  (LB)  1 3,440 
Design  envelope  volume  (ft3 

Pressurized  volume (ft3 

Design  envel  surf  area  (ft3) 


Pressurized  surf  area 


Design  q,  max  (lb/ftZj 


, max 


Design  power,  max  (kw.) 


Design  no.  men/days 


DESIGNATIONS: 


( 01)1  . Si  SI  I ,\l;  HI  I . MII.-M-38310A  OR  SP-6004 


111  MOK  MODULE 


ITEM  OR  MODULE 


C 


SPACECRAFT 


TOT 


SPACECRAFT 

M MANNED  LAUNCH 
U _ UNMANNED  LAUNCH 

FORM  »4t-Z  NEW  *-70 


NOTES  A SKETCHES: 

• Geosync  equatorial  mission 

• Start  from  and  return  to  100  n mi 

• Four  engines  on  PM,  total  thrust  = 29,300  lb 

• Two  LOX  and  2 LHg  tanks  on  PM 

• Four  LO)(  and  1 LH2  tank  on  T/S 

• Apollo  docking  system 


I 


Concept  No.  11-  Ge 
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1 able  3-4.  Concept  1 - Lunar  Landing  A,  Summary  Weight  Statement 

English  Units 


Aerodynamic  surfaces 


Body  structure 


Induced  envir  prot 


Launch  recov  and  dockin 


Mam  propulsion 


Orient  control  sep  and  ull 


Prime  power  source 


Power  conv  and  distr 


Guidance  and  navigation 


Instrumentation 


Communication 


Environmental  control 


Growth  allowance 


Personnel  provisions 


Crew  sta  control  and  pan 


Range  safety  and  abort 


SUBTOTALS  (DRY  WEIGHT 


Personnel  Crew 


Ordnance  N2  and  Tk 


Ballast  EVA 


I Res  id  prop,  and  serv  items 


SUBTOTALS  (INERT  WEIGHT 


Res  prop,  and  serv  items 


Inflight  losses 


Thrust  decay  propellant 


Full  thrust  propellant 


Thrust  prop,  buildup 


Pre-  ignition  losses 


Aux  propellant 


TOTALS  (GROSS  WEIGHT)  (LB)  4,  350 
Design  envelope  volume  (ft3) 

Pressurized  volume (ft3) 

Design  envel  surf  area  (ft3) 

Pressurized  surf  area  (ft2) 

Design  q.  max  (lb/ft2)  "*  ’ — — 

Design  g,  max 

Design  power,  max  (kw) 

Design  no.  men/days  ~ ~ 

DESIGNATIONS: 

(01)1. -SYS  I I ,M ; K I K MII.  M-3H3IOA  OK  SPY, 004 
111  M OR  MODULE 


ITEM  OR  MODULE 


D 


3,  015  | 2, 535 


690  I 340 


480 


72,640  | 9,500  | 5,200 


10,  000 


1101,090 


NOTES  * SKETCHES: 

Lunar  landing  mission  - NASA  Mode  A 
Four  men/3  + 28  14  days 
PM  from  concept  1-G 
CM  top  mounted 

Landing  CG*  26.  8 feet  from  ground 


SPACECRAFT 

M BANNED  LAUNCH 
,J  UNMANNED  LAUNCH 

FORM  3442-Z  NEW  2 70 


Concept  No.  1 - LLAe 
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Table  3-5. 


Concept  1 - Lunar  Landing  B,  Summary  Weight  Statement 

English  Units 


CODE 

SYSTEM 

ITEM  OR  MODULE 

1 SPACECRAFT 

A 

B 

C 

D 

E 

F 

M 

TOT 

1.0 

Aerodynamic  surfaces 

2.0 

Body  structure 

520 

3,115 

2,535 

.1.0 

Induced  envir  prot 

140 

690 

340' 

4.0 

Launch  recov  and  docking 

i - 

75 

480 

3,200 

SO 

Main  propulsion 

- 

2,449 

h,n 

Orient  control  sep  and  uU 

358 

7,(i 

Prime  power  sourc^gi 

861 

S.n 

Power  conv  and  distr 

100 

50 

<1.0 

Guidance  and  navigation 

410 

17 

210 

10.0 

Instrumentation 

i 1 .0 

Communication 

12.0 

Environmental  control 

762 

69 

190 

12.0 

Growth  allowance 

S3 

14.0 

Personnel  provisions 

warn 

1,835 

15.0 

Crew  sta  control  and  pan 

55 

16.0 

Range  safety  and  abort 
SUBTOTALS  ( DRY  WEIGHT! 

4.290 

— 

■■1 

M'MililiBM 

BIB 

17.0 

18.0 


Peisonnel 


Crew 

Food,  etc. 


800 


800 


Cargo 

Ordnance 


1.  620 


10.  000 


11.620 


17.0 


:o,o 

21.0 


Ballast 


N2  and  Tk 


EVA 


_2£_ 


360 


M 


360 


Resid  prop,  and  serv  items 


15 


975 


::.n 


:.i.o 


24,0 


25.0 


26.0 

27.0 


SUBTOTALS  (INERT  WEIGHT) 


4,305 


Res  prop,  and  serv  items 


Inflight  losses 


Thrust  decay  propellant 


Full  thrust  propellant 


Thrust  prop,  buildup 
Pre-  ignition  losses ' 


7,710 


9,  500 


3,200 


10,  000 


250 


40 


60, 110 


80 


990 

34,715 


250 


40 


60, 110 


80 


Aux  propellant 


45 


3,880 


3,925 


TOTALS  (GROSS  WEKjHT)  (Lb) 
Design  envelope  volume  (ft3) 
Pressurized  volume  iMi 


4.350 


72,070 


Design  envel  surf  area  (ft3) 


Pressurized  surf  area 
Design  q,  max  (lb/ft‘<S) 


9,500 


3,200 


10,  000 


99, 120 


Design  g,  max 

Design  power,  max  (kw) 


JDcsign  no.  men/dayl 


DESIGNATIONS: 


com. 

SYS  1 1 M;  HI  1 . MII.-M-3H3IOA  OR  SP-6004 

HIM  OR  MODI'!  1. 

A 1M  ' -1 

II 

PM 

r 

CM  ~ | 

D 

LLG 

L EL 

i 

SPACECRAFT 

M 

MANNED  LAUNCH 

U 

UNMANNED  LAUNCH  " 

NOTES  * SKETCHES! 


• Lunar  landing  mission  - NASA  Mode  A 

• Four  men/3  + 28  : 14  days 

• PM  from  concept  T-G  with  swing- out  and  down  engines 

• CM  bottom  mounted 

• Landing  CG  «»19. 5 feet  from  ground 


Concept  No.  1-LLBe 


Space  Division 

North  American  Rockwell 


Table  3-6.  Concept  5 - Lunar  Landing  Summary  Weight  Statement 

English  Units 


ITEM  OR  MODULE 


SPACECRAFT 


Aerodynamic  surfaces 


Body  structure 


Induced  envir  prot 


Launch  recov  and  dockin 


Main  propulsion 


Orient  control  sep  and  u 


Prime  power  source 


Power  conv  and  distr 


Guidance  and  navigation 


Instrumentation 


Communication 


Environmental  control 


Growth  allowance 


Personnel  provisions 


Crew  sta  control  and  pan 


Range  safety  and  abort 


SUBTOTALS  (DRY  WEIGHT 


17.0 

Personnel 

Crew 

18.0 

Carco 

Food,  etc. 

19,0 

Ordnance 

N2  and  Tk 

10.0 

i Ballast 

EVA 

21.0 

Resid  prop. 

and  serv  items 

SUBTOTALS  (INERT  WEIGHT 


870  870 


6,415  4,155 


TOTALS  (GROSS  WEIGHT)  (LB)  | 4.350 


Design  envelope  volume 


Pressurized  volume 


Design  envel  surf  area  (ft3) 


Pressurized  surf  area 


Design  q,  max  (lb/ft2) 


Design 


Design  power,  max  (kw) 


Design  no,  men/days 


DESIGNATIONS: 


C'ODI  . SYSTEM:  UI  I-,  MIMM>3tt3IOA  OR  SP-6004 


ITIM  OR  MODULI: 


IM 


B PM 


TS 


D CM 


LLG 


PL 


SPACECRAFT 


M MANNED  LAUNCH 


U UNMANNED  LAUNCH 


FORM  S*«f  Z NEW  2-70 


NOTES  * SKETCHES: 

• Lunar  landing  mission  - NASA  Mode  A 

• Four  men/3  + 28  + 14  days 

• PM  from  concept  5- G with  swing-out  and  down  engines 

• TS  from  concept  5-G  less  engines 

• Ofvi  bottom  mounted 

• Landing  eg  *19.5  feet  from  ground 


Concept  No.  5-LLe 


SD  71-292-4 


3-61 


SUBTOTALS  (DRY  WEIGHT 


Personnel 


o 


Ordnance  N2  and  Tk 


Ballast  EVA 


I n | Resid  prop.  and  serv  items 


SUBTOTALS  (INERT  WEIGHT 


Res  prop,  and  setv  items 


nflight  losses 


Thrust  decay  propellant 


Full  thrust  propellant 


Thrust  prop,  buildup 


Pre-  ignition  losses 


Aux  propellant 


TOTALS  (GROSS  WEIGHT)  (LB 


Design  envelope  volume 


Pressurized  volume 


SPACLCRAI  T 


M MANNID  LAUNCH 


U UNMANNED  LAUNCH 


FORM  J942-Z  NEW  2-70 


7.  Concept  11  - Lunar  Landing  Summary  Weight  Statement 

English  Units 


Aerodynamic  surfaces 


Body  structure 


Induced  envir  prot 


Launch  recov  and  dockin 


a in  propulsion 


Orient  control  sep  and  ull 


Prime  power  source 


Power  conv  and  distr 


Guidance  and  navigation 


Instrumentation 


Com  munication 


Environmental  control 


Growth  allowance 


Personnel  provisions 


Crew  sta  control  and  pan 


Pressurized  surf  area 


Design  q,  max(lb/fu;) 


Design 


Design  power,  max  (kw) 


DESIGNATIONS: 


t ()|H  . SN  'n 1 1 M.  Ill  I . Mil  M tHJIOA  OR  Sl'4004 


III  MOR  MOIU'II 


\ IM 


H PM 


< TS 


l» 


Concept  11-LLe 


3-62 
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Table  3-8.  Concept  I - Geosynchronous  Summary  Weight  Statement 

Metric  Units 


SYSTEM 


A L 

B J 

Aerodynamic  surfaces 

1 1 

Body  structure 

236 

1,368 

Induced  envir  prot 

64 

313 

Launch  recov  and  docking 

91 

34 

Main  propulsion 

1 1 725  I 

Orient  control  sep  and  ull 

162  | 

Prime  power  source 

184  | 

Power  conv  and  distr 

t | 

J 

Guidance  and  navigation 

125  1 

8 

Instrumentation 

| 4,. 

Communication 

| 424 

Environmental  control 

I 83 

13  | 

Growth  allowance 

1 73 

123  1 

I4.Q  Personnel  provisions 

1 ^ 11  Crew  sea  control  and  pan 

Range  safety  and  abort 

si  hum  \i.snnn  writ.iin  1 . >33 

I Personnel 

1 s 11  Cargo 

'M*  Ordnance 

Ballast 

I " Resid  prop,  and  serv  items 

SUBTOTALS  (INERT  WEIGHT)  1,540 

•’ 11  Res  prop,  and  serv  items 

' 11  Inflight  losses 

4 ii  Thrust  decay  propcUant 

yn  Full  thrust  propellant 

f>  ti  Thrust  prop.  buUdup 

7.Q  Pre- ignition  losses 

A ii*  propellant  | 20 

I 

TOTALS  (GROSS  WE^HTH KG)|"  l| 560 
Design  envelope  volume  (ft3) 

Pressurized  volume (ft3) 

Design  envel  surf  area  (ft3) 

Pressurized  surf  area (ft2) 

Design  q.  max(lb/ft2) 

Design  g,  max I 

Design  power,  max  (kw) I 

Design  no.  meu/days  { 

PI  SIGNA  TU INS: 

tl»l>l  SUIIM  l?l  I.  Mil  \l  UMIOA  >)R  Sl‘(.»04 

HIM  OR  MPIH  I I 

\ INI 

n PM 

c Pi. 


J 142 

3,  026 

I 113 

" 18 

35,309 
1 36 


ITEM  OR  MODULE 
C I D 


SPACECRAFT 
~M  I TOT 


2.  584  T 


4.  536 


4. 536 


4,  536 


113 

18_ 

35,363 

36 


44,928 


i NOTES  A SKETCHES: 


SPA(  It  R4I  I 

M MANNI  I)  LAUNC  H 
1'  I'NMANM  L)  LAUNCH 

FORM  3942-2  NtW  i 7C 


Concept  1-Gm 


sn  71  -7.02-4 


3-63 


i 
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Table  3-9.  Concept  5 - Geosynchronous  Summary  Wei qht .Statement 

Metric  Units 


ITEM  OR  MODULE 


SPACECRAFT 


Aerodynamic  surfaces 


Body  structure 


Induced  envir  prot 


Launch  recov  and  dockin 


Main  propulsion 


Orient  control  sep  a 


Prime  power  source 


Power  conv  and  distr 


Guidance  and  navigation 


Instrumentation 


Communication 


Environmental  control 


Growth  allowance 


Personnel  provisions 


I Crew  sta  control  and  pan 


Range  safety  and  abort 


SI' B TOTALS  f DRY  WEIGHT 


17  n 

Personnel 

1 K II 

Carco 

1 <*  0 

Ordnance 

:n.n 

Ballast 

. and  serv  items 


SUBTOTALS  (INERT  WEIGHT 


Res  prop,  and  serv  items 


nfiight  losses 


Thrust  decay  propellant 


Full  thrust  propellant 


Thrust  prop,  buildup 


Pre*  ignition  losses 


Aux  propellant 


TOTALS  (GROSS  WEIGHT 


Design  envelope  volume 


Pressurized  volume 


Design  envel  surf  area  (ft3) 


Pressurized  surf  area 


Design  q,  max  ( 


Design 


Design  power,  max  (kw) 


Design  no.  men/days 


DESIGNATIONS: 


( Mil  . NA  SI  I M.  XI  I . Mll  -M  1H.1I0A  UR  SI’-MMM 


III  \|  OK  MOIH  I I 


IM  - NO.  1 


II  PM  - NO.  1 


( IM  - NO.  2 


')  PM  - NO.  2 


PL 


SPAC  LCRAI  I 


M MANNED  LAUNCH 


U UNMANNED  LAUNCH 


Space  Division 

North  American  Rock  well 


Table  3-10.  Concept  l l - Geosynchronous  Summary  Weight  Statement 

Metric  Units 


ITEM  OR  MODULE 


SPACECRAFT 


Aerodynamic  surfaces 


Body  structure 


Induced  envir  prot 


4 II 

Launch  recov  and  dockin 

rj 

91 

34 

34 

5 n 

Main  propulsion  j 

072 

124 

Prime  power  source 


Power  conv  and  distr 


Outdance  and  navigation 


Instrumentation 


Communication 


Environmental  control 


L-rovth  allowance 


Personnel  provisions 


Crew  sta  control  and  pan 


Ranee  safety  and  abort 


DRY  WEIGHT 


Personnel 


Ordnance 


Ballast 


■ I | Resid  prop,  and  serv  items 
SIB  TOTALS  (INERT  WEIGHT 
- - 11  Res  prop,  and  serv  items 

" Inflicht  losses 

■'i  n Thrust  decay  propellant 

Full  thrust  propellant 
> n Thrust  prop,  buildup 

77.Q  Ptc- ignition  losses 

Aux  propellant 


1,305  | 1,  921 


TOTALS  (GROSS  WE1GHT)(KG)|  1.500 

Design  envelope  volume  (ft3)  

Pressurized  volume  (ft3)  

Design  envel  surf  area  (ft3) 

Pressurized  surf  area (ft2) 

Design  q,  max(lb/ft2) 

Design  g,  max 

Design  power,  max  (kw) 

Design  no.  men/days 
DFSIuNA  HONS 

Itil'I  SUIOI  It  II  Mil  \|  IHIIOA  OK  SI1  MHI4 
HIM  UK  Mill  HI  I 

___ — 

It  PM 

( IS 

|i  PL 


57 

57 

9 

9 

4,981 

23,757 

18 

18 

45 

225 

0.475 

1 25.987 

114 

18_ 

28,738 

30 

290 


38. 558 


NOTES  A SKETCHES: 


SPACUHAI  I 

M MANNI  l>  l A UNCI! 

b HNMANNI  D LAUNCH 


Concept  11-Gm 


FORM  no  r NEW  1-70 
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Table  3-11.  Concept  1 - Lunar  Landing  A,  Summary  Weight  Statement 

Metric  Units 


SYSTEM 


Aerodynamic  surfaces 

Body  structure 

Induced  envir  prot 
Launch  tecov  and  dockiny 


ITEM  OR  MODULE 
C I D 


SPACECRAFT 
"m  I TOT 


vn 

Md  in  propulsion 

r».» 

Orient  control  sep  and  ull 

162 

7." 

Prime  power  source 

391 

s.ll 

Power  conv  and  distr 

45 

g ii 

Guidance  and  navigation 

186 

m.n 

Instrumentation 

1 1.0 

Communication 

424 

i: » 

Environmental  control 

346 

1 9.0 

Growth  allowance 

92 

14  1) 

Personnel  provisions 

15.0 

Crew  sta  control  and  pan 

16.0 

Range  safety  and  abort 

SUBTOTALS  (DRY  WEIGHT! 

1. 946 

17.0 

Personnel  Crew 

IX  0 

Cargo  Food.  etc. 

io.o 

Ordnance  N2  and  Tk 

;o.n 

Ballast  EVA 

:i.n 

Resid  prop,  and  serv  items 

7 

SUBTOTALS  (INERT  WEIGHT) 

1, 953 

::  o 

Res  prop,  and  serv  items 

;t.n 

Inflight  losses 

?4.n 

Thrust  decay  propellant 

c 

%r\ 

r i 

Full  thrust  propellant 

76.0 

Thrust  prop,  buildup 

27.0 

Pre- ignition  losses 

Aux  propellant 

20 

1,368 

1.  150 

313 

154 

34 

218 

725 

2.  602  I 


363 

1 735 

1 9 

| 163 

442  j 

3,044  | 

| 4,308 

1 

1 

113  1 

5,271 

9_ 

103 

449 

"feTSo' 


18_ 

27,978 

36 


113 

18 

27.978 

30 


T OT A LS  ( GROSS  WEIGH! 


Design  envelope  volume 

Pressurized  volume 

Design  envel  surf  area 
Pres  ized  surf  area 
De.  . q,  max(lb/ft2) 

Design  g,  max 

Design  power,  max  ( kw) 
Design  no.  inen/days 
DESIGNATIONS: 


2.359  | 


40. 125 


| CCIIH. 

SYS  1 1 M.  HI  1 . Mil  M 18.1I0A  OR  SP-6004 

Ill  MOK  MODULI 

\ 

!M 

H 

PM 

C 

CM 

l> 

LLC 

1 PL 

1 

SPAC 'Ll 

UR  AI  T 

M 

MANNED  LAUNCH 

U 

UNMANNED  LAUNCH 

NOTES  A SKETCHES: 


Concept  1-1 


FORM  3942-2  NEW  2 70 


3-66 
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Table  3-12.  Concept  1 - Lunar  Landing  B,  Summary  Weight  Statement 

Metric  Units 


SYSTEM 


Body  structure 


Induced  envir  prot 


Launch  recov  and  docking 


Main  propulsion 


Orient  control  sep  anau 


Prime 


ftwer  conv  and  distr 


Guidance  and  navigation 


Instrumentation 


Communication 


environmental  control 


Growth  allowance 


Personnel  provisions 


I Crew  sta  control  and  pan 


Range  safety  and  abort 


SUBTOTALS  (DRY  WEIGHT 


Personnel  Crew 


L Cargo  Food,  etc. 


I Ordnance  N2  and  Tk 


Ballast  EVA 


| Rcsid  prop,  and  serv  items 


SUBTOTALS  (INERT  WEIGHT 


nflight  losses 


Thrust  decay  propellant 


Full  thrust  propellant 


i»urarrmrrmr 


Aux  propellant 


ill 


TOTALS  (GROSS  WEIGH 
Design  envelope  volume 
Pressurized  volume 


Design  envel  surf  area  (ft3) 


Pressurized  surf  area 


Design  q,  max  (lb/ftz) 


Design 


Design  power,  max  (kw) 


Design  no.  men/days 


DESIGNATIONS: 


< Ol'l  . ST  S|  | M.  |(|  | . Mil  M .MCI  10  A OR  SIG.004 


III  M OK  MOUUI  I 


IM 


B PM 


C CM 


|)  LLG 


PL 


SPACLCKAIT 

M MANNED  LAUNCH 


U UNMANNED  LAUNCH 


OHM  J442-2  NEW  2-70 


imtem 


KmA  i m ^ 


ITEM  OH  MODULE 


SPACECRAFT 


1.150 


154 


34  I 218  1.452 


23 


8 I 95 


130 


31  8ti 


145  | 274 


832 


70 


1,452  4. 536 


113 


18 


27,207 


30 


1 

r 

4.308 


4.53C 


NOTES  A SKETCHES: 


9.491 


303 


5.271 


449 


15.  740 


IE3E31 


30 


1,  780 


44.900 


Concept  1-LLBnt 


3-6‘ 


f® 
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Table  3-13. 


Concept  3, 


Lunar  Landing  Summary  Weight  Statement  - 
Metric  Units 


CODE 

SYSTEM 

ITEM  OR  MODULE 

SPACECRAFT 

A 

B 

C 

u 

E 

F 

M 

TOT 

Aerodynamic  surfaces 

2.0 

Body  structure 

23ii 

184 

>39 

1, 150 

VO 

Induced  envir  prot 

04 

243 

243 

154 

4 0 

Launch  recov  and  docking 

34 

34 

2 18 

1,452 

5.0 

Main  propulsion 

1.095 

105 

#%.o 

Orient  control  sep  and  ull 

102 

Prime  power  source 

3J1 

SO 

Power  conv  and  distr 

45 

•I  M 

Guidance  and  navigation 

13o 

Q 

35 

|*l|| 

Instrumentation 

i i.o 

Communication 

424 

13o 

En\  ironmental  control 

340 

3! 

31 

80 

1 VII 

Growth  allowance 

12 

120 

70 

274 

|4  0 

Personnel  provisions 

•• 

332 

15  0 

Crew  sta  control  and  pan 

70 

H>.0 

Range  safety  and  abort 



SUBTOTALS  (DRY  WEIGHT) 

i.  m 

2.515 

1.490 

3.038 

. . 1 . 

- 

1 10,441 

1 7.0 

Personnel  Crew 

303 

303 

ISO 

Careo  Food.  etc. 

735 

4.530 

1 5.271 

|‘I.O 

Ordnance  N2  and  Tk 

* 

<1 

;o  n 

Ballast  EVA 

lo3 

1>3 

:i  o 

Pesid  prop,  and  serv  items 

7 

395 

375 

797 

SUBTOTALS  (INERT  WEIGHT) 

1.953 

2.  *10 

1.885 

4.308 

LM 

4.536 

17.  M« 

o 

Res  prop,  and  serv  items 

r '.0 

lnflicht  losses 

11 

102 

113 

.’4,0 

Thrust  decay  propellant 

9 

9 

18 

25.0 

Full  thrust  propellant 

18,824 

9, 993 

28,817 

> 0 

Thrust  prop,  buildup 

18 

18 

30 

27.0 

Pre-  ignition  losses 

Aux  propellant 

20 

181 

1.57 1 

1,780 

rOTALS  (GROSS  WEIGHT) (KG) 

1,973 

21.953 

13,580 

4,308 

1.  «2 

4,536 

47.808 

Design  envelope  volume  (ft3) 

Pressurized  volume  (ft3) 

Design  envel  surf  area  (ft3) 

Pressurized  surf  area  (ft2) 

Design  q,  max(lb/ft2) 

Design  g.  max 

Design  power,  max  (kw) 

_ _j 

Design  no.  men/days 
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NOTES  & SKETCHES! 
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1 PL 
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3.  4 SPECIAL  STUDIES 


3.  4.  1 HIGH  PERFORMANCE  COMPROMISE  CONCEPTS 
Simplified  Operational  Concepts 
Background  and  Objectives 

. In  developing  baseline  Concepts  1,  5,  and  11,  it  became  apparent  that 
the  features  of  modular,  multipurpose,  flexibility  for  the  autonomous  space- 
based  reusable  space  tug  imposed  difficult  gross  weights  and  dimensions  in 
terms  of  current  EOS  capabilities.  The  question  then  became,  "what  is  the 
price  being  paid  for  these  desirable  operational  features  in  terms  of  concept 
weights  and  geometry"?  A special  parallel  study  was  therefore  conducted  to 
evaluate  the  effects  of  operational  compromises  which  could  lead  to  lighter, 
smaller  designs.  The  compromises  considered  are  summarized  as  follows 
with  a brief  explanation  of  their  justification: 

1.  Integrated  IM:  Assumes  that  a separate  IM  module  structure  is 
not  necessary 

2.  Reduced  autonomy:  Assuming  that  complete  autonomy  is  not 
required  nor  cost-effective 

3.  Reduced  systems  redundancy:  Permitted  by  ground-based  opera- 
tions with  excellent  surveillance  between  missions 

4.  Deletion  of  base  docking:  Assumes  that  a soft  docking  approach 
may  be  taken  for  EOS  cargo 

5.  Reduced  engine  redundancy:  Use  of  1 or  2 engines;  based  on  no 
docking,  no  lunar  compromises 

6.  Overall  improvement  of  base  structural  design:  Permitted  by 
deleting  docking,  2 (or  1)  engines,  single  02  tank,  no  landing 
gear  provisions 

As  a result  of  this  study  it  was  expected  that  the  single  stage  recover- 
able concept  (Concept  1-A)  might  require  60,  000  pounds  (27,200  kilogram) 
to  perform  the  geosynchronous  mission  and  therefore  might  insure  EOS 
compatibility  with  ground- based  operations. 
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Initial  Design  Study 

The  first  drawing  prepared  in  this  study  (Figure  3-7)  investigated  the 
differences  in  using  one,  two,  and  six  LO2  tanks  with  dual  and  single  engines. 
The  first  configuration  (A)  is  an  unmanned  single  stage  geosynchronous 
vehicle.  The  general  arrangement  of  this  vehicle  is  based  on  an  initially 
assumed  60,  000  pound  (27,  200  kilogram)  propellant  requirement  to  perform 
the  mission.  The  vehicle  structure  incorporates  the  IM  structure  to  obtain 
the  minimum  vehicular  weight.  The  propellant  tanks  are  not  an  integral  part 
of  the  basic  vehicle  structure. 

The  propellant  capacity  is  based  on  60,  000  pounds  (27,  200  kilograms) 
of  usable  propellant  for  the  main  propulsion  engines,  500  pounds  (227  kilo- 
grams) for  attitude  control  engines,  150  pounds  (68  kilograms)  for  the 
electrical  power  system,  and  the  normal  residual  and  ullage  allowances. 

The  propellant  tank  volumes  and  sizes  are  as  follows:  The  liquid  hydrogen 
tank  has  an  internal  volume  of  2306  cubic  feet  (65.  26  cubic  meters),  an 
inside  diameter  of  163  inches  (4.  14  meters),  and  an  internal  length  of 
230  inches  (5.  842  meters).  The  single  liquid  oxygen  tank  has  an  internal 
volume  of  798  cubic  feet  (22.  58  cubic  meters),  an  inside  diameter  of  i 

154  inches  (3.  91  meters),  and  an  inside  length  of  110  inches  (2.  99  meters). 
The  propellant  tanks  are  made  of  aluminum,  and  suspended  from  titanium 
support  skirts  with  low  thermal  conductance  sway  braces  at  the  opposite 
end.  Further  weight  saving  could  result  from  use  of  glass-epoxy  skirts  or 
even  boron- epoxy.  The  LH2  tank  shape  has  a cylindrical  center  section  with 
1.  4 to  1 elliptical  end  heads.  The  LO2  tank  shape  is  a 1.  4 to  1 ellipsoid. 

The  basic  structure  of  the  vehicle  is  alluminum  skin  stringer  cylindri- 
cal structure  with  a closeout  bulkhead  at  the  top,  a docking  thrust  cone, 

LH2  tank  support  ring  frame,  ACS  and  avionics  support  frame,  the  liquid 
oxygen  tank  support  frame,  and  the  docking  cone  and  engine  support  beam. 

The  avionics  equipment  will  be  located  in  various  areas  of  the  vehicle. 
The  communications,  and  guidance  and  navigation  systems  with  antennae  are 
located  in  the  upper  structure  between  the  closeout  bulkhead  and  the  docking 
thrust  cone.  The  data  management  avionics,  the  electrical  power  systems, 
and  the  attitude  control  system  are  located  between  the  LH2  and  the  LO2 
tanks.  The  attitude  control  pods,  which  have  five  nozzles  per  pod,  are 
retracted  inside  the  vehicle  mold  line  during  stowage  in  the  EOS;  retraction 
prevents  interference  with  the  EOS  cargo  bay  structure. 

The  two  engines  are  mounted  on  each  end  of  the  engine-docking  drogue 
support  beam  (docking  is  still  possible  with  2 engines).  The  engines  gimbal 
inboard  during  stowage  due  to  the  15 -foot  maximum  diameter  stowage 
envelope.  The  passive  docking  drogue,  which  is  similar  to  the  Apollo  system, 
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is  mounted  on  the  engine-docking  system  support  beam  on  the  aft  center  line 
of  the  vehicle. 

Eai"h  main  engine  has  a 12,  500  pound  (55,  600  newton)  thrust  rating, 

1300  psi  (896  newton/ square  centimeters)  chamber  pressure,  an  expansion 
ratio  of  400  to  1,  a specific  impulse  of  463  seconds  (4540  newton  seconds  per 
kilogram)  and  a mixture  ratio  of  6 to  1.  The  total  thrust  of  the  main  engines 
is  equal  to  2 5,  000  pounds  (111,200  newtons). 

The  overall  dimensions  of  the  configuration  are  15  feet  (4.  57  meters) 
in  diameter  by  451  inches  (11.  46  meters)  long,  which  allows  for  a maximum 
payload  length  of  269  inches  (6.  83  meters). 

The  second  configuration  shown  in  Figure  3-7  is  based  on  the  same 
parameters  as  the  first  configuration.  The  only  difference  between  configura- 
10ns  A and  B are  the  liquid  oxygen  tanks.  In  configuration  B there  are  two 
tanks  to  permit  increased  volumetric  efficiency  of  the  lower  portion  of  the 
vehicle,  and  a reduced  overall  length.  Each  liquid  oxygen  tank  has  an  internal 
vo  ume  of  399  cubic  feet  (11.  29  cubic  meters),  an  inside  diameter  of  76  inches 
(1.  93  meters)  and  an  internal  length  of  172  inches  (4.  37  meters).  These  tanks 
are  aluminum,  supported  by  titanium  skirts  which  are  attached  to  the  main 
vehicle  support  frame  located  in  the  center  of  the  tanks.  This  frame  is  also 
the  mam  engine  support  structure,  and  incorporates  a box  section  extending 
to  the  aft  bulkhead  for  supporting  the  passive  Apollo  type  docking  drogue. 

The  avionics  equipment,  electrical  power  systems,  and  the  attitude 
control  tanks  and  equipment  are  located  on  each  side  in  the  bays  above  the 
engines.  The  engines  are  the  same  as  those  used  in  the  A configuration. 

e overall  dimensions  of  the  B configuration  are  15  feet  (4.  57  meters)  in 
diameter  and  448  inches  (11.  38  meters)  in  length. 

The  third  configuration,  C,  is  based  on  the  same  parameters  as 
configuration  A.  The  major  differences  are:  six  liquid  oxygen  tanks,  a 
single  engine,  and  a large  diameter  engine- concentric  passive  docking 

probe  The  six  tanks  permit  "swallowing''  the  single  engine  to  yield  a short 
Overall  vehicle  length. 

The  liqviid1  oxygen  'links  have  an  internal  volume  of  133  cubic  feet 
(3.  77  cubic  meters)  each,  a i inside  diameter  of  48  inches  ( 1.  22  meters) 
and  an  internal  length  of  139  inches  (3.  53  meters).  These  tanks  are  supported 
by  a multipie  rod  suspension  system  attached  to  each  end  of  the  tanks  and  to  - ^ 
radial  frames  located  between  each  tank. 

The  engine  with  25,  000  pounds  (111,  200  newtons)  thrust,  chamber 

of  4n Tr  i°f  2<T  psi  (1379  newton  Per  square  centimeter),  expansion  ratio 
of  400  to  1,  and  a specific  impulse  of  466  seconds  (4570  newton  seconds  per 
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kilogram),  is  nested  in  between  the  liquid  oxygen  tanks  in  a shroud,  on  the 
center  line  of  the  vehicle.  The  large  docking  probe,  which  is  approximately 
100  inches  (2.  54  meters)  in  diameter,  is  a Gemini  type.  The  large  diameter 
is  required  to  permit  sufficient  clearance  around  the  engine  for  normal 
operation.  The  overall  dimension  of  the  C configuration  is  15  feet 
(4.  57  meters)  in  diameter  and  470  inches  (11.  94  meters)  long. 

Second  Design  Study 

The  second  configurational  approach  in  this  study  (Figure  3-8)  is  based 
on  integrating  the  propellant  tanks  into  the  vehicle  basic  structure.  The  con- 
figuration is  an  alternate  to  the  first  Concept  1 design  refinement  shown  in 
Figure  3-2.  This  concept,  identified  as  1-A,  investigates  the  integrated  tank 
approach  as  well  as  one  and  four  LO2  tanks  and  one  and  two  engines.  The 
intelligence  equipment  and  attitude  control  equipment  are  also  integrated  into 
the  basic  structure  of  the  PM.  The  ACS  engine  modules  do  not  retract  in 
this  concept  but  are  placed  on  the  vehicle  within  the  15  foot  (4.  57  meter) 
mold  line  in  a section  of  the  outer  shell  where  the  LH2  tank  necks  down  to  a 
smaller  diameter. 

Concept  1A  is  an  unmanned,  single  stage  geosynchronous  vehicle  with 
an  assumed  capacity  of  60,  000  pounds  (27,  215  kilograms)  of  usable  propellant 
for  the  main  engines,  500  pounds  (227  kilograms)  of  propellant  for  the  attitude 
control  engines,  and  150  pounds  (68  kilograms)  of  propellant  for  the  electri- 
cal power  systems. 

The  propellant  tank  volumes  and  sizes  are  as  follows:  The  single 

liquid  hydrogen  tank  has  an  internal  volume  of  2306  cubic  feet  (65.  3 cubic 
meters),  an  inside  diameter  of  170  inches  (4.  3 meters),  an  internal  length 
of  217  inches  (5.  5 meters),  and  is  an  integral  part  of  the  basic  vehicle 
structure.  The  liquid  oxygen  tank  is  semi-integrated  into  the  basic  vehicle 
structure,  and  has  a volume  of  798  cubic  feet  (22.  6 cubic  meters),  an 
internal  diameter  of  154  inches  (3.9  meters),  and  an  internal  length  of 
110  inches  (2.8  meters). 

The  liquid  hydrogen  tank  configuration  has  a cylindrical  center  section 
with  1.4  to  1 ellipsoidal  end  heads,  and  the  liquid  oxygen  tank  is  an  elliptical 
tank  with  a 1.  4 to  1 ratio.  These  tanks  are  made  of  aluminum  and  the 
structural  tank  support  skirts  are  made  of  titanium  with  an  option  of  using 
glass  or  boron  filament  epoxy  structure.  All  propellant  tanks  and  structural 
attach  skirts  are  fully  insulated  from  the  space  environment  by  high  per- 
formance insulation,  a vent  space  and  a combination  meteoroid  barrier,  and 
a vent  shroud  or  purge  bag.  The  insulation  system  used  is  known  as 
NARSAM. 
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The  vehicle  structure  below  the  liquid  hydrogen  tank  tapers  down  to 

Cl  55  inches  (3.  9 meters)  in  diameter  thus  permitting  the  four  attitude  control 
pods  to  be  rigidly  mounted  without  protruding  beyond  the  15  foot  (4.  57  meters) 
clearance  diameter  for  the  EOS  cargo  bay.  The  attitude  control  pods  have 
five  nozzles  on  each  pod,  two  facing  aft,  one  facing  forward,  and  one  facing 
each  side.  The  ACS  equipment  and  tanks  are  located  between  the  LH2  and 
LO2  tanks.  There  are  two  27-inch  (0.  69  meters)  diameter  gaseous  hydrogen 
tanks  and  two  22-inch  (0.  56  meters)  gaseous  oxygen  tanks  which  are  shrouded 
with  NARSAM  insulation.  The  electrical  power  system  equipment  such  as 
fuel  cells  and  batteries,  and  the  associated  environmental  control  equipment 
including  radiators  are  also  located  between  the  LH2  and  the  LO2  tanks. 


Mounted  to  the  lower  LO2  tank  skirt  is  the  engine  and  docking  support 
structural  beam.  Auxiliary  equipment  bays  are  located  on  each  side  of  this 
structural  member.  Two  12,  500  pound  (55,  603  newton)  thrust  engines  with 
1300  psi  (896  newtons  per  square  centimeter)  chamber  pressure,  400  to 
1 expansion  ratio,  a specific  impulse  of  465  seconds  (4560  newton  seconds 
per  kilogram),  and  a mixture  ratio  of  6 to  1,  are  attached  to  the  support 
beam,  one  at  each  end.  These  engines  fit  into  fairing  cavities  in  the  aft  end 
of  the  propulsion  stage.  The  liquid  hydrogen  transfer  lines  are  routed 
around  the  liquid  oxygen  tank  externally  to  the  engine  cavity.  The  docking 
drogue  is  a passive  Apollo  type  located  on  the  aft  bulkhead  and  supported  by 
the  structural  support  beam. 


Located  on  the  aft  closeout  bulkhead  are  the  refueling  drogues  and 
their  control  valves.  The  refueling  equipment  is  fully  insulated  and  enclosed 
to  prevent  contamination  and  to  reduce  boil- off  losses.  The  controls  for 
each  drogue  are  separate  to  enable  each  drogue  to  be  operated  sequentially, 
preventing  any  mixing  problem  between  LH2  and  LOX  propellants.  Fuel 
transfer  will  be  performed  only  during  a hard  dock  condition,  that  is,  when 
the  tug  is  rigidly  docked  to  the  propellant  depot.  At  the  forward  end  of  the 
propulsion  stage  located  on  the  center  line  is  an  active  Apollo  type  docking 
probe,  which  is  supported  by  a skin- stringer  thrust  cone  to  the  upper  LH2 
tank  skirt  and  frame. 


The  communications,  guidance  and  navigation,  and  data  management 
avionics  equipment  is  mounted  between  the  forward  bulkhead  and  the  forward 
docking  thrust  structures.  The  24-inch  (0.  61  meter)  diameter  S -band  dish 
antennas  are  retracted  into  this  cavity  during  launch  in  the  EOS.  Ten  S-band 
omni  antennas  are  located  on  the  ACS  pods,  the  dish  antenna  booms,  and  on 
each  end  of  the  propulsion  stage.  The  environmental  control  system  for  the 
avionics  is  located  in  the  same  compartment  as  the  avionics  with  four 
radiators  located  90  degrees  apart  on  the  outer  periphery  of  the  structure. 
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The  overall  size  of  the  tug  is  443  inches  (11.  3 meters)  or  36.  9 feet 
long  by  175  inches  (4.  4 meters)  or  14.  6 feet  in  diameter. 

The  alternate  concept  is  a single  engine  version  of  Concept  1-A.  The 
configuration  is  identical  to  the  first  from  the  lower  liquid  hydrogen  tank 
skirt  forward,  and  have  the  same  propellant  capacities.  There  are  four 
liquid  oxygen  tanks  with  a volume  of  199.  5 cubic  feet  (5.  6 cubic  meters)  per 
tank,  an  inside  diameter  of  65  inches  (1.  7 meters)  and  an  internal  length  of 
119  inches  (3.  0 meters).  The  liquid  oxygen  tanks  are  made  of  aluminum  and 
suspended  on  titanium  skirts  from  the  main  mid-vehicle  structural  frame. 
This  structural  frame  and  the  engine  support  member  are  stabilized  by 

four  radial  members,  which  also  stabilizes  the  lower  end  of  the  liquid  oxygen 
tanks  with  sway  braces.  * & 

The  main  engine  has  25,  000  pounds  (111,  205  newtons)  thrust,  2000  psi 
(1379  newtons  per  square  centimeter)  chamber  pressure,  400  to  1 expansion 
ratio,  a specific  impulse  of  466  seconds,  and  a mixture  ratio  of  6 to  1.  The 
engine  is  mounted  in  a closeout  shroud  located  between  the  liquid  oxygen 
tanks  on  the  aft  end  of  the  vehicle.  The  single  engine  location  on  the  center 
line  eliminates  the  possibility  of  aft  docking  and  inflight  refueling  in  space. 
The  overall  size  of  this  tug  is  475  inches  (12.  1 meters)  or  3.9.  6 feet  long  and 
175  inches  (4.  4 meters)  or  14.  6 feet  in  diameter. 

3.  4.  2 EXPENDABLE  OMS  TANKAGE  GROUND-BASED  CONCEPT 
(FIGURE  3-9) 

The  design  configurations  prepared  during  the  early  stages  of  this  study 
and  those  developed  during  the  design  refinement  phase  were  considered  to 
be  space-based  vehicles  where  the  most  expensive  modules  or  all  the  modules 
are  recovered  when  performing  the  geosynchronous  mission.  Another 
approach  is  to  design  a ground-based  expendable  stage.  This  vehicle  would 
have  a reduced  propellant  quantity  and  overall  vehicle  weight.  The  structural 
approach  should  be  the  lightest  and  lowest  cost  concept  feasible.  Because  the 
stage1  is  expended  to  perform  the  mission  the  various  components  of  the 
stage,  avionics,  propellant  tanks,  engine  components,  etc,  , should  be  of  the 
lowest  cost.  A desirable  feature  would  be  the  use  of  components  that  are 
used  in  other  vehicles  of  the  same  operational  period  as  the  tug.  The  prime 
candidate  for  such  components  is  the  earth-orbital  shuttle,  the  vehicle  which 
will  launch  this  expendable  tug. 

Much  of  the  equipment  used  in  the  tug  is  based  on  that  which  will  be 
used  in  the  EOS.  Consequently,  a great  savings  can  be  realized  in  this  area 
for  the  expendable  stage.  For  instance,  the  Orbital  Maneuvering  System  of 
EOS  currently  utilizes  an  engine  size  which  is  approximately  the  size  and 
type  needed  for  tug.  An  investigation  was  made  of  the  various  EOS  orbiter 
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configurations  to  determine  if  there  existed  an  OMS  O2/H2  tankage  concept  of 
sufficient  volumes  to  use  in  the  expendable  tug  vehicle.  While  the  OMS  tank- 
age design  is  still  undergoing  study  and  is  subject  to  change,  the  idea  of 
common  usage  appears  to  have  merit  as  a potential  item  of  commonality.  A 
total  of  about  30,  000  pounds  (13,  608  kg)  is  required  to  perform  the  mission. 
An  EOS  orbiter  configuration  was  found  which  contained  OMS  tankage  of 
sufficient  size  for  use  in  this  vehicle.  The  OMS  tankage  selected  had  an  LH2 
tank  with  an  internal  volume  of  322  cubic  feet  (9.  1 cubic  meters)  and  a LOX 
tank  with  an  internal  volume  of  200  cubic  feet  (5.  7 cubic  meters).  To  satisfy 
the  propellant  load  required  by  this  expendable  stage,  three  LH2  and  two  LOX 
tanks  are  required. 

The  configured  concept  is  shown  on  Figure  3-9  as  an  unmanned 
expendable  single-stage  geosynchronous  mission  tug  vehicle  which  incorpo- 
rates the  EOS  orbiting  maneuvering  system  propellant  tanks  and  engines  for 
its  main  propulsion  system.  The  LH2  tank  is  72  inches  (1.  8 m)  inside 
diameter  with  a volume  of  322  cubic  feet  (9.  1 cubic  meters)  and  three  are 
clustered  at  the  forward  end  of  the  vehicle.  The  LOX  tanks  are  lf>  inches 
(1.  9 m)  inside  diameter  with  an  internal  volume  of  200  cubic  feet  (5.  7 cubic 
meters)  and  two  are  required  and  are  located  aft  of  the  LH2  tanks.  Each  of 
the  tanks  contains  a center  cylindrical  section  with  1.401  ratio  elliptical 
bulkheads. 

The  px  opellant  tanks  are  supported  on  cylindrical  skirts  attached  to  a 
common  tank  support  bulkhead.  The  three  LH2  tanks  are  located  forward  of 
the  common  bulkhead  and  are  separated  by  radial  structural  frames.  Lateral 
stabilizing  struts  for  each  tank  forward  end  are  attached  to  these  radial 
frames.  The  two  LOX  tanks  are  located  aft  of  the  common  bulkhead  and 
attached  to  it  through  cylindrical  struts  also.  The  LOX  tank  literal  stabilizer 
struts  are  located  at  the  aft  end  of  each  tank  and  are  attached  to  a cruciform 
type  structure  between  the  tanks.  This  aft  section  is  divided  into  four  com- 
partments. Two  of  these  contain  the  LOX  tanks  and  the  remaining  two  con- 
tain the  attitude  control  and  avionics  equipment. 

The  structure  of  the  aft  compartment  supports  the  tanks  and  equipment, 
and  also  is  the  thrust  structure  for  the  main  propulsion  engine.  The  attitude 
control  engine  modules  are  rigidly  attached  to  the  outer  part  of  the  aft  conical 
section  closeout  shroud.  This  location  keeps  them  within  the  EOS  cargo  bay 
15-foot  (4.  57  m)  payload  envelope  without  requiring  retraction. 

An  active  docking  probe,  similar  to  the  Apollo  docking  probe,  is 
located  on  the  forward  end  of  the  propulsion  module  on  the  vehicle  center 
line  to  space  attachment  to  payloads  or  other  equipment.  There  are  no 
provisions  for  docking  on  the  aft  end  of  the  vehicle,  nor  are  there  any  refuel- 
ing provisions  since  the  concept  is  assumed  to  be  ground-based. 
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The  main  propulsion  system  is  a single  engine  which  has  a 10,  000  pound 
(44,  482  N)  thrust  rating,  a chamber  pressure  of  1130  psia  (778.  7 N/CM2), 
an  area  expansion  ratio  of  400  to  1 and  a specific  impulse  of  465  seconds 
(4562  N-S/kg).  Each  attitude  control  module  is  equipped  with  five  200-pound 
(890  N)  thrust  engines,  two  of  which  face  aft,  one  forward  and  one  to  each 
side.  The  ECS  system  equipment  is  located  in  the  avionics  equipment  section 
and  the  spare  radiators  are  located  in  four  places  on  the  periphery  of  the 
external  shell  structure.  The  radiators  are  just  aft  of  the  common  bulkhead 
and  are  spaced  90  degrees  apart  and  are  offset  radially  45  degrees  from  the 
attitude  control  engine  modules.  The  radiators  have  a total  area  of  54  cubic 
feet  (5  m^)  which  is  what  is  required  for  the  expended  mission. 

The  ground-based  propellant  tank  insulation  concept  differs  slightly 
from  that  used  for  the  space-based  systems.  The  major  difference  is  in  the 
insulation  of  the  L1H2  tanks.  The  LOX  tank  insulation  system  consists  of 
three  50-layer  blankets  of  HPI  insulation  attached  directly  to  the  tank  outer 
wall.  A venting  space  filled  with  nitrogen  gas  separates  this  insulation  from 
a combination  meteoroid  barrier  and  purge  bay.  The  concept  for  the  LH2 
tanks  is  identical  with  the  exception  that  a foam  substrate  is  first  applied  to 
the  tank  outer  wall  before  the  HPI  blanket  insulation  is  attached.  The  details 
of  the  thermal  design  philosophy  are  contained  in  Appendix  F. 


The  results  of  these  special  operational  compromise  concepts  were 
evaluated  following  the  conceptual  design  effort.  The  results  are  summarized 
in  Figure  3-  10. 

3.  4.  3 LANDING  GEAR  INTEGRATION 

One  of  the  key  design  study  areas  related  to  investigations  of  multi- 
purpose conceptual  approaches  is  providing  landing  gear  on  the  tug  PM 
derivatives  for  the  lunar  landing  mission.  Initial  landing  gear  studies 
indicated  that  the  landing  gear  should  be  of  a conventional  four  legged  config- 
uration consisting  of  a longitudinal  strut  and  pair  of  lateral  struts  for  each 
gear  assembly,  all  strut  elements  providing  stroking  for  landing  attenuation. 
The  addition  of  the  landing  gear  to  the  basic  tug  PM  presents  a major  con- 
figurational problem.  Since  the  tug  is  constrained  to  be  transported  to 
earth  orbit  by  the  space  shuttle  vehicle,  its  diameter  is  established  by  the 
allowable  payload  envelope  that  can  be  accommodated  in  the  shuttle  cargo 
bay.  Currently,  this  diameter  is  set  at  15  feet  (4.  57  meters).  Two  options 
are  available  for  addition  of  the  previously  described  four  legged  landing 
gear  to  the  basic  PM;  the  landing  gear  can  be  integrated  into  the  vehicle  as 
a ground  installation  during  fabrication  of  the  tug  lander,  or  the  gear  can  be 
installed  in  earth  or  lunar  orbit.  The  first  approach  impacts  the  basic  tug 
PM  design  to  a major  degree.  In  the  stowed  configuration,  the  integrated 
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landing  gear  will  require  the  longitudinal  strut  hinge  to  lie  along  side  of  the 
body.  Since  the  allowable  payload  diameter  is  restricted  to  15  feet 
(4.  57  meters)  the  basic  diameter  of  the  tug  PM  must  be  reduced  so  that  the 
diameter  across  the  landing  gear  struts  is  within  the  15-foot  (4.  57  meter) 
limit.  Considering  a reasonable  landing  gear  strut  diameter  of  15  inches 
(0.  38  meter)  this  will  result  in  a reduction  in  PM  diameter  of  16  percent 
and  an  increase  in  PM  length  of  40  percent  in  order  to  provide  the  same 
propellant  tank  volume.  This  increase  in  PM  length  would  preclude  accom- 
modating many  of  the  tug  configurations  in  the  shuttle  cargo  bay;  therefore 
this  approach  is  not  acceptable.  An  alternative  design  approach  would  be  to 
recess  the  longitudinal  struts  in  the  side  of  the  PM.  However,  the  four 
structural  recesses  would  not  be  compatible  with  the  four  engine  propulsion 
system  arrangements,  and  would  result  in  a major  structural  weight  and 
configuration  penalty  on  a bottom  mounted  CM.  Again,  this  option  is  not 
considei  ed  acceptable.  As  a result  of  this  evaluation,  conceptual  studies 
were  initiated  to  examine  the  orbital  assembly  option  with  a landing  gear 
kit.  Conceptual  ground  rules  established  include  the  following:  landing  gear 
kit  to  be  compatible  with  shuttle  payload  compartment  diameter  and  length 
constraints  and  payload  deployment  system;  the  landing  gear  kit  should  be 
capable  of  being  transported  in  orbit  by  a nominal  Tug  vehicle  and  the  instal- 
lation on  the  lander  should  not  require  EVA. 

Figure  3-11  presents  a viable  landing  gear  kit  which  satisfies  all  of  the 
previously  stated  ground  rules.  Basically  the  kit  consists  of  a four  legged 
landing  gear  assembly  which  does  not  exceed  15  feet  (4.  57  meters)  in  diam- 
eter, and  is  folded  into  a package  approximately  28  feet  long.  The  landing 
gear  kit  features  a frame  assembly  which  can  be  docked  and  remotely  latched 
to  the  aft  bulkhead  of  the  propulsion  module.  The  frame  assembly  provides 
for  attachment  of  the  four  pairs  of  lateral  attenuation  struts,  and  is  con- 
figured to  be  compatible  with  the  nozzle  clearance  requirements  of  the 
four  rocket  engines.  In  the  stowed  configuration,  the  longitudinal  struts  are 
folded  to  reduce  overall  package  length.  An  adapter  transport  fixture  is 
provided  which  supports  the  upper  body  hinge  fitting  for  each  longitudinal 
strut,  and  the  four  landing  pads.  The  fixture  is  equipped  with  a docking 
interface  to  permit  a tug  to  dock  to  the  landing  gear  kit  for  transfer  to  the  tug 
lander  vehicle.  After  the  landing  gear  kit  is  docked  and  mechanically 
attached  to  the  tug  lander,  the  support  fixture  is  separated  and  the  longitudi- 
nal struts  are  deployed  and  locked  into  their  full  length  position.  The  longi- 
tudinal strut  hinge  fitting  can  be  attached  by  use  of  a minitug  with  manipula- 
tor arms. 

Further  development  of  the  landing  gear  kit  concept  was  performed  in 
subsequent  studies  related  to  attachment  of  the  lander  cargo  pods,  and  trans- 
portation of  lunar  surface  base  modules  by  tug  landers.  Details  are  shown 
on  Figures  2-25,  2-26,  and  2-27.  Design  layouts  showed  it  would  be  feasible 
to  add  hinged  support  arms  to  the  base  frame  structure  of  the  landing  gear 
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kit  which  would  provide  the  structural  support  and  attach  interface  for  the 
cargo  pods  or  surface  base  modules.  The  support  arms  would  be  equipped 
with  docking  mechanisms  to  permit  attachment  of  the  modules  by  a tug. 

Each  module  or  cargo  pod  would  have  a docking  mechanism  integrated  into 
each  end.  The  basic  philosophy  would  be  that  the  support  arms  on  the  land- 
ing  gear  kit  would  be  equipped  with  an  active  mechanism  and  the  modules 
would  have  the  passive  docking  system.  Modules  providing  manned  entry 
probably  would  be  equipped  with  a space  station- compatible  neuter  docking 
system,  and  the  cargo  pods  would  be  provided  with  Apollo  drogue-type 
systems,  primarily  from  weight  considerations.  It  was  felt  that  the  high 
weight  of  the  neuter  docking  system  could  only  be  accepted  where  manned 
passage  through  the  docking  interface  was  required.  In  all  others  the  smaller 
and  lighter  Apollo  probe  and  drogue  system  would  be  utilized. 

3.  4.  4 HORIZONTAL  LANDER  CONCEPTS 

During  the  early  phase  of  the  parametric  configurational  studies,  a 
concerted  effort  was  made  to  explore  tug  lander  configurations  that  would  be 
essentially  horizontal  in  attitude  in  the  lander  mode.  The  basic  objective 
was  to  place  the  crew  module  close  to  the  surface  to  maximize  crew  visual 
assessment  of  the  landing  site,  promote  ease  of  surface  access,  and  provide 
a low  c.  g.  position.  Two  configuration  arrangements  were  developed  in  this 
study  and  are  shown  on  Figure  3-12  and  Figure  2-10. 

The  first  concept  shown  on  Figure  3-12  represents  the  initial  effort  and 
was  primarily  concerned  with  developing  a feasible  packaging  concept  for  the 
propellants,  engines,  avionics  equipment,  and  crew  module.  The  15-foot 
(4.  57-meter)  vehicle  has  been  sized  for  a nominal  propellant  load  of 
60,  000  pounds  (27,  000  kg)  of  LH2/LO2.  To  eliminate  longitudinal  eg  shift 
from  full  to  empty  propellant  condition,  the  propellant  tank  configuration  has 
been  made  symmetrical  about  the  eg.  The  LH2  is  accommodated  in  two 
elliptical  ended  short  cylindrical  tanks  each  with  a volume  of  2 378  cubic  feet 
(66.  5 cubic  meters).  To  provide  a stowage  space  for  the  two  RL- 10  sized 
engines,  the  LOX  was  accommodated  in  three  cylindrical  tanks  positioned 
longitudinally  to  be  symmetrical  about  the  vehicle  eg.  The  engines  are 
stowed  in  the  longitudinal  space  above  the  two  lower  LOX  tanks  and  hinged 
to  deploy  out  and  then  rotate  90  degrees  downward  into  the  lander  operating 
position.  For  normal  orbital  tug  operations  the  engines  would  remain  in  the 
initially  deployed  position  with  the  thrust  axis  pointing  aft.  Because  of  the 
mid-length  location  of  the  engines  and  their  proximity  to  the  vehicle  body, 
the  outer  surface  of  the  aft  body  would  require  extensive  thermal  protection. 

A four-legged  landing  gear  is  provided  which  is  stowed  internally  forward 
and  aft  of  the  hydrogen  tanks.  The  avionics  compartment,  with  RCS  nozzles, 
is  positioned  adjacent  to  the  crew  module.  The  CM  is  positioned  at  the  for- 
ward end  and  features  an  active  docking  system.  Crew  flight  control  windows 
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providing  excellent  ground  visibility,  are  located  in  the  forward  bulkhead 
of  the  CM. 

The  major  operational  problem  with  this  vehicle  arrangement  in  the 
lander  mode  results  from  eg  maintenance  during  the  mission.  The  CAM  is 
located  at  the  aft  end  of  the  vehicle  and  must  be  basically  maintained  at  the 
same  weight  as  the  avionics  equipment  module  and  CM  to  keep  the  eg  coinci- 
dent with  the  engine  thrust  vector.  This  could  be  a major  problem  in  the 
case  where  no  cargo  is  returned  from  the  lunar  surface  to  lunar  orbit. 
Theoretically,  additional  RCS  nozzles  could  be  positioned  at  the  forward  end 
to  compensate  for  cargo  weight  variations,  but  the  required  thrust  level 
could  be  significant. 

Subsequently,  an  alternative  horizontal  lander  concept  was  configured 
that  resolved  some  of  the  operational  eg  problems  of  the  first  concept.  Fig- 
ure 3-13  presents  a four-engined  horizontal  lander  sized  to  accommodate 
60,  000  pounds  (27,  200  kg)  of  usable  propellant.  The  major  configuration 
change  is  in  the  center  section  of  the  vehicle.  The  CM  has  been  positioned 
laterally  across  the  diameter  of  the  vehicle,  with  the  active  docking  system 
integrated  into  the  upper  bulkhead  of  the  crew  module.  The  four  engines 
are  attached  to  the  lower  bulkhead  of  the  crew  module  and  are  hinged  to  fold 
into  the  diameter  of  the  vehicle  as  shown  in  view  of  Figure  3-13.  The  four 
legged  landing  gear  is  stowed  in  the  space  between  the  LH2  and  LOX  tank  at 
each  end.  The  avionics  equipment  is  accommodated  in  two- ring  sections 
with  the  deployable  RCS  nozzle  clusters  integrated  into  one  of  the  modules. 
The  major  eg  control  problem  has  been  alleviated  by  utilizing  two  cargo 
modules  attached  to  the  ends  of  the  basic  tug  vehicle.  Passive  docking 
rings  in  the  avionics  modules  permits  orbital  docking  and  attachment  of  the 
CAM.  This  would  be  necessary  since  the  basic  tug  vehicle  has  an  overall 
length  of  55.  7 feet  (17  meters)  and  must  be  accommodated  in  the  60  foot 
(18.  3 meters)  shuttle  payload  compartment.  The  tug  active  docking  system 
must  be  configured  to  be  deployable  in  order  to  position  the  docking  interface 
for  enough  outside  of  the  tug  mold  line  to  comply  with  the  nominal  docking 
angular  misalignment  design  conditions.  Once  the  tug  is  deployed  from  the 
shuttle  cargo  bay,  the  tug  docking  system  could  be  deployed  and  locked, 
subsequent  retraction  would  not  be  necessary.  Although  the  vehicle  concept 
as  shown  here  represents  an  improvement  over  the  initial  horizontal  lander 
configuration,  it  does  require  that  the  cargo  always  be  accommodated  in 
two  equal  masses  for  lateral  eg  placement  and  control. 

3.  4.  5 MINITUG  CONCEPT 

One  of  the  tug  operational  derivatives  identified  as  being  of  major 
interest  was  the  minitug.  Initial  conceptual  studies  indicated  that  such  a 
vehicle  potentially  could  be  derived  from  representative  elements  of  a basic 
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tug  utilizing  the  modular  approach.  Figure  3-14  presents  the  major 
configurational  features  of  this  class  of  vehicle.  The  vehicle  basically 
consists  of  the  avionics  or  intelligence  module  with  an  auxiliary  RCS  pro- 
pellant supply  module  (skirt  module)  attached  to  the  aft  interface.  The 
existing  RCS  nozzle  assemblies  would  be  used  for  propulsion  maneuvers  of 
the  minitug.  The  skirt  module  also  would  provide  adequate  surface  for 
accommodation  of  the  required  radiator  area. 

Utilizing  the  basic  propulsion  module  of  the  minitug,  several  configura- 
tional variations  are  possible.  A manned  minitug  could  be  configured  by  the 
addition  of  a tug  crew  module.  The  CM  would  have  a standard  active  docking 
system  on  the  forward  surface  as  shown  for  interfacing  with  orbital  cargo  or 
space  station  (or  with  appropriate  docking  adapters).  The  additional  radiator 
area  required  for  the  manned  configuration  would  be  accommodated  on  the 
exterior  surface  of  the  CM.  In  addition  to  performing  normal  tug  operations,, 
consideration  has  been  given  to  the  capability  of  the  minitug  to  perform  other 
mechanical/assembly  operations.  This  capability  can  be  provided  by  the  use 
of  a manipulator  module  which  can  be  docked  to  either  the  unmanned  or 
manned  tug  by  use  of  standard  docking  system.  The  manipulator  module 
would  feature  active  docking  mechanisms  at  both  ends  to  permit  attachment 
of  the  manipulator  module  to  the  minitug  and  to  permit  the  manipulator  module 
to  be  attached  to  the  space  station  or  orbital  propellant  depot  for  temporary 
storage  when  not  in  use.  The  manipulator  module  would  contain  the  manipu- 
lator arms,  drive  mechanisms  and  other  support  systems  such  as  batteries, 
and  the  externally  mounted  TV  cameras.  More  discussion  of  manipulator 

systems  and  concepts  applicable  to  the  tug  are  provided  in  Volume  5 of  this 
final  report. 

On  Figure  3-14  shows  several  orbital  operation  sequences  which  could 
effectively  utilize  the  minitug.  In  these  concepts,  the  minitug  operating  in 
the  manned  configuration  would  be  used  to  transfer  cargo  modules  from  the 
shuttle  to  the  space  station.  This  operational  concept  is  attractive  in  that  it 
does  not  require  the  shuttle  to  necessarily  dock  to  the  station  to  effect  cargo 
module  transfer,  nor  does  it  require  that  the  shuttle  docking  loads  be 
accommodated  by  the  shuttle  payload.  The  minitug  concept  data  has  been 
furnished  to  the  NR  shuttle  program  personnel  and  has  been  used  by  them  in 
logistics  evaluation  studies. 
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3.  5 DESIGN  SENSITIVITY 


3.  5.  1 SUMMARY  DATA 

Some  choices  among  alternatives  are  unusually  sensitive  or  significant 
in  terms  of  their  effect  on  design.  Engines  and  propulsion  parameters  are 
examples.  The  type  of  engines,  number,  and  design  parameters  such  as 
area  ratio,  chamber  pressure,  and  pump  inlet  characteristics  have  a 
substantial  influence  on  the  performance,  weight,  and  the  vehicle  geometry, 
and  these  characteristics  affect  the  propellant  mass  required  to  perform 
the  design  mission.  Docking  provisions  and  tank  geometry  also  affect  inert 
weights  directly  and  in  turn  the  vehicle  geometry,  such  as  overall  length. 
Subsystems  weights  also  have  strong  influence  on  concept  weight  and  are 
drastically  affected  by  the  design  and  operational  philosophy  employed.  For 
example,  utilizing  the  tug  as  a ground-based  concept  rather  than  as  a 
space-based  system  has  the  immediate  potential  of  reducing  the  required 
level  of  redundancy  in  systems  as  a result  of  the  good  surveillance  available 
on  the  ground  between  each  mission.  (The  specific  effects  of  variations  in 
subsystems  philosophy  are  explored  in  another  volume  of  this  report). 

The  estimated  effects  of  variations  in  design  and  operations  parameters 
on  tug  weight  and  geometry  are  summarized  in  Table  3-15.  In  this  summary, 
it  should  be  recognized  that  many  of  the  variables  shown  are  not  truly 
independent.  Examples  are  engines,  tanks  (adjacent  to  engines),  and  aft 
docking  structure:  these  three  variables  are  related  and  must  be  integrated 
to  achieve  a good  design  with  minimum  weight  and  length.  However,  for 
the  purposes  of  this  summary  chart,  an  attempt  has  been  made  to  isolate 
the  individual  variable  effects  insofar  as  possible  to  provide  insight  as  to 
their  influence  on  design.  Weight  and  size  increments  shown  are  related 
to  the  baseline  designs  designs  described  previously  and  generally  are 
referred  to  the  single-stage  recoverable  Concept  1.  In  many  cases,  the 
exact  value  of  the  indicated  weight  change  is  not  as  important  as  the  sense 
(plus  vs  minus  weight  change),  in  keeping  with  the  uncertainty  in  the  design 
details  which  should  be  expected  in  a Prephase  A study.  However,  the 
direction  of  the  indicated  changes  are  believed  to  be  reasonably  certain. 

More  specific  weight  relationships  for  the  important  area  of  base  design 
where  engines,  docking,  tanks,  and  structure  must  be  considered  together, 
are  shown  in  Table  3 - 1 6. 
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Table  3-15.  Tug;  Design  Sensitivities  Summary 


Effect  On* 

Design  Options--' 

Weight 

S ize 

Propulsion  Module 

2 Engines 

-250 

Slightly  longer 

1 Engine 

-260 

Slightly  longer 

Aerospike  eng 

-210 

Shorter  vehicle 

Retractable  nozzle 

-270 

Shorter  vehicle 

Various  tankage 

-230 

Variable-  1,2,4  LOX  tanks 

ar rang 

Separate  aux  propel 

-150 

Nil. 

Grd  based  insulation 

Nil 

Total  length  change 

68# /ft 

(AWp  - 2300# / ft) 

Intelligence  module 

4- Eng  RCS  cluster 

-50 

No  change 

Mono  N2H4  RCS 

+450 

None 

Storable  RCS 

+ 150 

None 

Pressurized  IM 

+50 
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Integrated  IM 

-400 

Reduced  Length  (3  ft) 

funct 

■Secondary  10  fleets 


Tends  to  favor  2 LOX. 
tanks 

Fits  with  multiple 
tanks,  requires 
special  docking 
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docking 

Shorter  launch  stack 
in  EOS 

Related  to  concept 
arrgt 

EPS,  EC / ESS,  RCS 
Interfaces 

Outgassing,  reentry- 
venting 


Less  vernier  thrust 

Add  separate  tankage 
Add  separate  tankage 

Implies  interior 
access 

No  separate  IM, 
reduced  propellants 


Qualifying  Remarks 


Possible  higher  I.sp.  but  less 
redundancy 

Highest  performance,  no  redund. 


Lower  Isp  probable,  devel  risk 

More  complex  engine 

Affected  by  load  paths,  docking, 
eng  config 

More  complex  logistics  resupply 

More  complex  insul  design 
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Logistics 

Exhaust  contamination  prob.  , 
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Table -3-4  5.  Tug  Design  Sensitivities  Summary  (Cont) 


Effect  On* 


Design  Options* 

Weight 

Size 

Secondary  Effects 

Partly  integ  IM 

-200 

Reduced  (avionics 
only) 

Good  packaging  split 

S ing  le  - pur  po  s e , 

Non- autonomous  IM 

-400 
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Add  separate  tankage 
Reduced  propellants, 
less  independence 

Ground-based  concept 

-1300 

Nil. 

Permits  less  sys 
redund 

Battery  Power  (36  hr) 

+500 

Nil 

Simpler;  affects;  PM, 

Battery  power  (18  hr) 
Crew  Module 

Horiz  cyl  config 


+200  12  ft  dia-x  15  ft 


2 man  use/ 7 days  -300  None 

12  man/2  days  rescue  NEGL  None 
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3.  5.  2 PARAMETRIC  DESIGN  SENSITIVITY  STUDY 


Of  primary  interest  in  studying  alternate  vehicles  is  the  effect  of  con- 
figuration variables  on  weights  and  geometry.  A series  of  vehicles  con- 
figured for  the  geosynchronous  mission  was  compared  in  a parametric  study 
to  determine  the  weight  and  length  increases  due  to  changes  in  their  basic 
design.  To  begin  the  study,  a baseline  vehicle  was  configured.  All  sub- 
sequent configurations  were  designed  to  the  same  groundrules  and  incorporated 
the  various  parameters  in  the  study.  The  major  parameters  considered 
during  this  design  synthesis  process  are  summarized  in  Table  3-17.  These 
key  physical  characteristics  when  selectively  combined  in  the  synthesis 
process  provided  a preliminary  definition  of  vehicle  length  and  the  resultant 
length  available  for  payload.  They  also  permitted  first  order  weights  and 
center  of  gravity  estimates  and  provided  a basis  for  preliminary  judgment 
relative  to  concept  feasibility.  The  parameters  considered  various  combin- 
ations of  engines  and  tankage.  One,  two,  and  four  engines  of  two  types  were 
incorporated.  A conventional  bell  engine  with  a fixed  and  retractable  nozzle 
as  well  as  an  aerospike,  were  considered.  Single  and  multiple  cylindrical, 
spherical,  and  elliptical  tanks  were  included  in  the  study. 

To  conduct  a meaningful  study,  a simplified,  lightweight  baseline 
configuration  was  derived  and  deviations  from  this  were  then  configured. 

The  baseline  vehicle  was  sized  to  deliver  10,  000  pounds  (4536  kg)  to  geo- 
synchronous orbit  and  return  to  low  earth  orbit.  This  mission  required  a 
total  of  70,  000  pounds  (31,  751  kg)  of  propellant.  The  vehicle  was  made  Up 
of  one  LH2  tank  with  elliptical  bulkheads,  a single  spherical  LOX  tank  and 
a single  fixed  nozzle  conventional  bell  engine.  This  vehicle  is  41  feet 
(12.4  meters)  long  and  is  shown  as  Concept  A on  Figure  3-  15.  Each  of 
the  subsequent  vehicles  shown  on  the  figure  incorporates  a single  LH2  tank 
with  elliptical  bulkheads  (1.4:1  ratio).  They  klso  are  sized  to  accommodate 
70,  000  pounds  (31,  751  kg)  of  propellant.  The  weight  shown  next  to  each 
concept  is  the  amount  of  propellant  required  by  the  particular  configuration 
to  complete  the  same  mission  as  Concept  A:  10,  000  pounds  (4536  kg)  to 
geosynchronous  orbit.  The  overall  length  of  the  vehicles  is  shown  and  is 
the  length  required  to  accommodate  more  or  less  propellant  than  the  base- 
line vehicle.  Since  the  tankage  in  each  concept  is  sized  for  70,  000  pounds 
(31,  751  kg)  of  propellant,  the  shaded  area  in  each  concept  indicates  this 
increase  or  decrease  in  length.  The  loaded  and  empty  center  of  gravity 
locations  for  each  concept  also  are  indicated. 


The  concepts  are  divided  into  seven  categories  which  compare  engine 
number  and  LOX  tank  number  and  shapes.  Categories  I,  II,  and  III  utilized 
single  engine  concepts  with  single,  multiple,  and  toroidal  LOX  tanks, 
respectively.  Categories  IV  and  V incorporated  two  and  four  engines, 
respectively,  with  single  and  multiple  LOX  tanks.  A revised  order  of  pro- 
pellant tanks,  LOX  tank  forward)  was  investigated  in  Category  VI.  The  last 
category  (VII)  incorporated  the  aerospike  engine  with  single  LOX  tanks.  It 
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Table  3-17 
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Figure  3-15.  Parametric  Design  Configuration  Study 
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can  be  seen,  in  general,  that  the  major  variation  in  vehicle  length  is  primarily 
influenced  by  the  LOX  tank  and  engine  options  selected.  The  volume  of  LOX 
for  a nominal  vehicle  is  such  that  it  permits  consideration  of  multiple  tanks 
for  more  efficient  packaging.  Clustered  LOX  tanks,  at  the  expense  of  weight 
and  system  complexity,  accommodate  varying  degrees  of  submersion  of  the 
engine  support  structures  and  the  head  end  of  the  engine,  as  shown  in 
Concepts  E through  H,  N,  P,  and  Q.  Depending  upon  the  number  of  clustered 
LOX  tanks,  propellant  storage  system  and  overall  stage  length  reductions 
on  the  order  of  6 percent  and  22  percent,  respectively,  can  be  realized  in 
comparison  to  a single  LOX  tank.  The  use  of  a retractable  nozzle  skirt  on 
a conventional  bell  engine  as  shown  on  Concepts  B,  D,  K and  M permits 
propellant  storage  system  and  vehicle  length  reductions  in  the  range  of 
15  percent  and  29  percent,  respectively,  for  single  LOX  tank  concepts.  The 
multiple  LOX  tank  concepts  shown  as  F and  H with  the  retractable  nozzle 
engine  permits  reductions  in  propellant  storage  system  and  vehicle  length 
reductions  in  the  range  of  5 percent  and  22  percent  respectively. 


A toroidal  LOX  tank  in  conjunction  with  a retractable  nozzle  engine 
(Concept  K)  provides  a high  degree  of  volumetric  utilization  and  results  in 
the  shortest  stage  length  for  single  engined  concepts,  29  percent  less  than 
Concept  A.  The  use  of  dual  engines  (Category  IV)  also  provides  stage  length 
reductions  in  comparison  to  single  engined  arrangements,  but  does  not  appear 
to  offer  any  advantage  over  a single  engine  with  fixed  nozzle  and  four  LOX 
tanks  (unless  centerline  docking  is  required).  Dual  engines  result  in  the  use 
of  dual  LOX  tanks,  from  general  packaging  considerations. 


Vehicles  featuring  four  engines  (Category  V)  can  be  configured  with 
either  one,  two,  or  four  LOX  tanks.  The  greatest  overall  vehicle  length 
reduction  results  from  the  use  of  four  engines  and  four  LOX  tanks.  However, 
it  should  be  noted  that  this  concept  is  only  one  foot  (0.  30  meter)  shorter 
than  a stage  featuring  four  LOX  tanks  and  a single  fixed  nozzle  engine. 

Concepts  T and  U illustrate  configurations  featuring  an  aerospike  engine. 
The  aerospike  provides  significant  stage  length  reductions  of  15  percent 
compared  with  the  corresponding  single  engine  fixed  nozzle  concept.  In  the 
case  of  the  toroidal  LOX  tanks,  however,  the  aerospike  engine  results  in  a 
length  penalty  (1/2  percent)  compared  to  the  retractable  nozzle  single  engine 
concept.  The  concept  does  however,  require  less  propellant. 

All  of  the  concepts  on  Figure  3-15  required  more  propellant  than  the 
baseline  to  complete  the  same  geosynchronous  mission  with  the  exception  of 
concepts  B,  D,  and  T,  which  required  slightly  less.  Concept  T required 
the  least  propellant,  68,  908  pounds  (31,  256  kg)  with  the  use  of  a single  aero- 
spike engine  and  a single  elliptical  LOX  tank.  The  shortest  overall  vehicle 
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(29  feet  - 8.  8 meters)  is  Concept  K which  incorporated  a toroidal  LOX  tank 
and  a single  retractable  nozzle  engine.  The  toroidal  tank  concepts  probably 
would  be  more  complex  in  terms  of  propellant  delivery  and  tank  manufacture. 
The  cost  of  such  a tank  would  also  be  higher  than  that  of  a more  conven- 
tional tank.  The  inverted  position  LOX  tank  concepts,  R and  S,  both 
exhibited  larger  propellant  quantities  and  much  higher  center  of  gravities 
than  the  other  concepts,  but  this  is  of  importance  only  in  the  lunar  lander 
application. 

3.  5.  3 PROPELLANT  SENSITIVITIES  TO  INERT  WEIGHTS 

In  addition  to  these  specific  quantitative  effects  of  system  variables, 
the  sensitivity  of  the  three  baseline  tug  concepts  to  such  weight  excursions 
from  the  nominal  can  be  shown  in  terms  of  propellant  weight  required  with 
changes  in  the  primary  variables  of  system  inert  weight,  propulsion 
specific  impulse  change,  and  off-nominal  delta-V.  The  following  three 
plots,  Figures  3-16,  3-17,  and  3-18,  show  these  sensitivities  for  the 
single-stage,  tandem  dual  stage  (in  two  staging  modes),  and  the  1-1/2  stage 
expendable  tank  set  baseline  concepts. 

In  Figure  3-l6,  three  primary  system/operational  variables  are 
illustrated  in  terms  of  their  effect  on  the  design  propellant  quantity  required 
for  the  baseline  geosynchronous  10K  payload  placement  mission.  A nominal 
specific  impulse,  Isp,  of  463  seconds  (see  Propulsion  Appendix  of  this 
report  for  details  and  background)  has  been  used.  A reduction  of  ISP  to 
443  seconds  would  be  appropriate  if  an  earlier  type  of  engine  such  as  the 
existing  RL-10  series  were  to  be  utilized.  If  the  engine(s)  is  large  enough 
(more  than  approximately  10K  (44.  5N)  thrust)  to  qualify  as  a potentially 
higher  chamber  pressure  design,  Igp  up  to  as  high  as  470  seconds  could  be 
foreseen  as  a possibility.  A drastic  change  in  the  operational  groundrules 
such  as  ground  basing  and  reduced  autonomy  could  easily  result  in  a sub- 
systems philosophy  which  would  reduce  weight  by  1000  pounds  (454  kilograms). 
An  increase  in  mission-peculiar  provisions  such  as  special  kits  or  retrieval 
devices  could  easily  add  1000  pounds  to  the  basic  weight.  Likewise,  changes 
in  baseline  delta-V  could  result  from  different  allowances  for  reserves,  or 
from  a different  flight  profile. 

In  Figure  3-17,  propellant  sensitivities  for  the  two-stage  tandem 
Concept  5 are  depicted.  In  this  case,  the  change  in  specific  impulse  applies 
to  both  stages  and  the  propellant  change  is  for  each  of  the  two  equal  size 
stages.  Likewise,  the  inert  weight  change  or  "stage  growth  weight"  applies 
in  equal  amounts  to  each  stage;  in  other  words,  the  weight  increment  on  the 
scale  indicated  is  for  each  stage.  The  propellant  weight  sensitivity  is  seen 
to  be  less  sensitive  to  changes  in  the  trapeze  mode. 
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In  Figure  3-18,  the  equivalent  sensitivities  for  the  1-1/2  stage 
expendable  tank  set  Concept  11  are  shown.  On  the  left,  the  changes  are 
seen  for  the  design  propellant  quantity  in  the  small  PM.  On  the  right  h^lf 
of  this  figure  are  shown  the  effect  on  tank  set  required  size  with  changes  in 
PM  specific  impulse  and  with  total  stage  (PM  plus  tank  set)  inert  weight 
change. 

t 

The  effect  of  propellant  weight  on  system  gross  weight  can  be  seen 
in  Figure  3-19. 

Propellant  weight,  in  turn,  can  be  related  to  vehicle  length,  an 
important  parameter  in  respect  to  the  EOS  cargo  bay  length. 

The  length  of  the  combined  IM/PM  for  three  diameters,  12,  15,  and  22  feet 
(3.  7,  4.  6 and  6.  7 meters)  is  illustrated  in  Figure" 3-20.  Lengths  for  two 
alternate  15.0  feet  (4.6  meters)  vehicle  arrangements  are  also  shown.  The 
allowable  length  of  the  spacecraft,  without  a crew  module,  and  with  a 1 -floor 
or  2-floor  crew  module  that  will  fit  into  an  EOS  cargo  bay  are  illustrated  by 
horizontal  bands.  The  intersection  of  a horizontal  band  with  a configuration 
length  line  yields  the  maximum  propellant  load  the  tug  can  be  designed  to 
carry  and  still  fit  into  the  EOS  cargo  bay  in  one  piece. 


Other  factors  indicating  sensitivity  of  many  significant  items  such  as 
payload  performance,  systems  performance,  subsystem  characteristics, 
and  cost  factors  are  described  and  illustrated  throughout  this  report  as 
design,  operations,  missions,  modes,  systems,  and  program  variables  are 
being  discussed. 
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Figure  3-19.  Gross  Weight  Versus  Propellant  Weight 
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3.  6 ALTERNATE  USAGE  OF  TUG  MODULES 


The  PM  designed  for  maximum  performance  in  the  geosynchronous 
10,  000-pound  payload  application  and  for  flexible  multi-purpose  use  in  low 
earth  orbit  can  be  adapted  later  in  a block  change  for  use  in  lunar  landing 
missions.  The  nature  of  the  requirements  for  lunar  landers  dictate  a block 
change  from  the  earth  orbital  design  configuration  to  accommodate  landing 
gear,  low  c.  g.  , engine  throttling,  engine  deployment,  CM  modifications, 
cargo  pods,  etc.  As  an  unmanned  logistic  cargo  lander,  this  adapted  PM 
can  land  large  payloads  in  modules  or  pods  symmetrically  loaded  onto  the 
PM,  or  multiple  PM,  or  multiple  PM's  can  be  attached  to  the  cargo  core 
module. 

In  addition  to  the  several  alternative  mission  applications  for  versions 
of  tug  which  have  been  identified  by  NASA  for  the  contract  study,  there  are 
some  interesting  possibilities  for  use  of  these  individual  modules,  Fig- 
ure 3-21.  The  CM  in  the  lunar  configuration  would  be  applicable  as  an 
interim  mini- space  station  module  launched  to  any  reasonable  orbit  by  the 
EOS.  The  CM  could  be  used  singly  or  multiples  for  more  working  and  living 
space.  The  module  also  could  be  utilized  as  the  passenger  transport  module 
within  the  EOS  bay  rather  than  a special  one  as  currently  studied  in  the  EOS 
program.  Likewise,  the  CM  could  be  utilized  on  either  the  nuclear  or  the 
chemical  cislunar  shuttle,  and  could  be  the  control  station  for  an  orbiting 
propellant  facility. 

I-kf  could  be  utilized  to  support  EOSS  experiment  modules  rather 
than  having  their  own  similar  functions  duplicated  in  each  experiment  module 
as  at  present.  The  IM  could  serve  as  the  "brains"  and  stability  center  for 
an  orbiting  propellant  facility,  and  portions  or  subsections  of  equipment 
could  be  used  for  similar  functions  on  the  cislunar  shuttles  or  the  orbital 
injection  stage  (replacement  for  EOS  orbiter). 

The  CM  hemipods  could  be  bolted  together  and  used  as  a space  station 
supply  module  or  "pantry".  As  hemicylinders , a pressurized  version  of 

the  pods  might  be  lowered  to  the  surface  and  become  lunar  surface  shelter 
modules . .'.Ly 

The  application  of  the  tug  as  an  interim  space  station,  or  modular 
element  thereof,  is  considered  so  attractive  potentially  that  this  possibility 
is  further  explored,  Figure  3-22.  Regardless  of  whether  a large  space 


3-141 


SD  70-292-4 


SD  71-292- 


• 6-12  MAN  MODULE  IN  EOS 

• CM  FOR  CIS 

• CM  FOR  ORBITING  PROPELLANT  FACILITY 

• 15- FT  DIAMETER  MINI-SS  MODULE(S) 


• IM  FUNCTIONS  FOR 

• EOSS  EXPERIMENT  MODULES 

• ORBITING  PROPELLANT  FACILITY 

• CIS  OR  OIS 


EOSS  SUPPLY  MODULE 
LUNAR  SURFACE  SHELTER 


4 


i' 

I 


Space  Division 

North  American  Rockwell 


Space  Division 

North  American  Rockwell 


The  application  of  the  tug  as  an  interim  space  station,  or  modular 
element  thereof,  is  considered  so  attractive  potentially  that  this  possibility 
is  further  explored,  Figure  3-22.  Regardless  of  whether  a large  space 
station  exists  or  not,  it  may  be  desirable  to  have  the  capability  of  conducting 
manned  missions  in  any  orbit,  utilizing  the  EOS  as  the  container  of  the  small 
station  or  for  delivery  of  the  station  to  orbit.  The  crew  module  of  the  space 
tug  will  be  designed  for  4 men  for  28  days  on  the  lunar  surface,  and,  there- 
fore, can  have  at  least  this  capability  in  earth  orbit.  The  same  shell  also 
may  be  used  as  a module  for  housing  experiments.  The  crew  module  when 
combined  with  the  intelligence  module  and  the  necessary  expendables  can 
provide  the  capability  for  such  a small  station.  Addition  of  solar  cells  might 
also  be  considered  to  reduce  the  amount  of  expendables. 

3.  6.  1 POSSIBLE  MINITUG  VARIANT  OF  CONCEPT  1 

One  of  the  most  attractive  features  of  Concept  11,  the  1-1/2 -stage 
concept,  is  the  availability  of  a small  PM  for  many  Earth  orbital  missions 
which  do  not  involve  large  delta- V maneuvers.  The  small  PM  with  11K 
(500  Kg)  propellants  (see  Figure  3-1)  is  adequate  for  a large  number  of  these 
missions  and  its  short  length  promotes  maneuverability  as  well  as  minimizing 
length  within  the  EOS  cargo  bay.  This  could  be  a distinct  advantage  when 
considering  very  bulky  payloads,  multiple  payloads,  or  combined  cargoes 
within  the  bay. 

One  way  of  achieving  similar  advantages  of  small  size  for  many  Earth 
orbital  missions,  yet  retaining  the  large  payload  capability  and  vehicle 
simplicity  of  the  single-stage  Concept  1,  is  seen  in  Figure  3-23.  An  integrated 
Ikl  (non -modular ) concept  could  be  utilized  with  all  IM  equipment  in  the  lower 
or  LOX  tank  portion  of  the  PM,  separable  as  a submodule  from  the  LH2 
portion  of  the  PM.  Then,  the  LOX  submodule  could  be  separated  and  part 
of  the  LOX  tankage  converted  to  LH2  tankage  thus  constituting  a small  PM. 

(The  need  for  a separable  IM  appears  to  be  eliminated  when  a small  FM  is 
available.  ) By  adding  a docking  adapter,  a small  Minitug  concept  is  achieved 
without  severe  compromise  of  the  basic  Concept  1 configuration. 

Three  LOX  tanks  would  be  converted  to  LH2  as  shown  to  provide  nearly 
20,  000  pounds  (9000  Kg)  of  propellants.  However,  this  would  result  in  an 
assymmetrical  eg  relative  to  the  thrust  vector.  A better  compromise  would 
be  to  utilize  only  two  LOX  tanks  converted  to  LH2  with  the  other  two  LOX 
tanks  offloaded  for  correct  mixture  ratio  (6/1)  to  yield  lateral  eg  symmetry. 

The  resulting  propellant  capacity  would  be  quite  ample,  about  13000  pounds 
(5900  Kg). 
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Figure  3-22.  Space  Tug  as  Interim  Space  Station 
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Figure  3-23.  Possible  Variant  With  Concept  1 
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RECOMMENDED  FUTURE  EFFORT 


4.  1 CONFIGURATIONS 


As  discussed  previously  concept  configurations  are  extremely  dependent 
upon  assumptions  and  alternatives  chosen  during  current  and  future  studies. 

It  becomes,  therefore,  extremely  important  to  maintain  a close  vigilance 
relative  to  interfaces  and  changing  requirements  and  to  adjust  the  design 
concept  approach  accordingly.  The  concept  configurations  are  very  important 
in  terms  of  operations,  sizes,  and  weights,  which  in  turn  directly  affect  costs. 


An  example  of  the  importance  of  configurations  studies  along  with 
operations  studies  is  in  the  effect  of  tug  concept  size.  A single-stage  recover- 
able tug  might  not  be  able  to  carry  a certain  long  payload  and  be  fitted  into 
the  EOS  cargo  bay.  Thus,  a second  EOS  launch  of  the  payload  with  subsequent 
orbital  assembly  operations  to  mate  payload  and  tug  would  be  required.  This 
would  impact  the  operations  costs  substantially.  An  alternative  set  of  assump- 
tions (groundrules)  might  permit  a reduction  in  tug  size  such  that  a single 
EOS  launch  is  required  when  the  payload  is  mated  to  tug.  Operations  and  costs 
Would  thus  be  substantially  lower  for  that  mission. 


In  future  tug  study  phases  it  is  recommended  that  a concept  design  effort 
be  given  appropriate  priority  to  insure  that  the  groundrules  and  assumptions 
are  properly  reflected  in  tug  sizing.  It  is  also  expected  that  still  more 
promising  avenues  of  design  investigation  will  continue  to  evolve  in  future 
studies  as  a result  of  concurrent  effort  on  other  major  interfacing  systems, 
particularly  the  EOS. 

4.  2 SYSTEMS 

The  foregoing  discussions  have  indicated  the  sensitivity  of  tug  concepts 
to  propulsion  parameters  and  the  need  for  a high  degree  of  advanced  propul- 
sion technology.  Current  plans  indicate  that  a major  portion  of  this  required 
advancement  will  be  achieved  in  the  development  of  the  EOS  program.  How- 
ever, two  avenues  of  approach  may  need  consideration  in  regard  to  tug.  First, 
it  is  difficult  at  this  time  to  predict  with  certainty  the  exact  directions  and 
dimensions  of  the  propulsion  technology  which  will  be  utilized  by  EOS.  While 
it  does  appear  that  the  necessary  primary  and  secondary  propulsion  elements 
are  already  receiving  some  development  attention,  the  ultimate  directions 
which  these  elements  will  take  for  EOS  are  not  necessarily  certain  at  this 
time;  therefore,  their  direct  applicability  to  tug  is  not  certain.  Secondly,  the 
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particular  design  requirements  for  EOS,  while  generally  compatible  with  tug 
in  respect  to  required  state  of  the  art  (1972-74),  may  well  force  compromises 
in  propulsion  concepts  which  are  not  necessarily  best  or  adequate  for  tug. 
Therefore,  it  will  be  necessary  in  future  tug  studies  to  maintain  cognizance 
of  EOS  and  tug  similarities  and  differences  so  that  a common  program  of 
propulsion  development  can  evolve  for  the  economic  benefit  of  both  programs. 

A specific  example  of  such  a potentially  common  propulsion  element, 
if  properly  coordinated  in  development,  is  the  EOS  Orbital  Maneuvering 
System  (OMS)  engine.  The  basic  technology  and  general  size  appear  com- 
patible with  tug's  main  propulsion  system  but  the  OMS  engine  development 
for  EOS  would  probably  not  include  the  turbomachinery  cycle  and  expansion 
area  ratio  needed  by  tug.  Therefore,  a coordinated  development  may  be  in 
order  so  that  the  basic  engine  development  can  be  utilized  in  both  programs 
with  a minimum  of  redesign. 

In  the  event  that  the  OMS  engine  technology  does  not  develop  in  a direc- 
tion favorable  for  tug  application,  a separate  engine  development  effort 
directed  toward  tug  may  be  required  to  ensure  availability  of  engines  with 
the  high  performance  needed.  Lacking  this  new  development,  it  would  be 
necessary  to  accept  a compromise  position  by  utilizing  a modified  version 
of  the  existing  RL-10  engine.  However,  use  of  the  RL-10,  even  with  improve- 
ments to  increase  chamber  pressure  and  area  ratio  to  improve  specific 
impulse  and  with  turbo-machinery  improvement  to  reduce  NPSH  required, 
probably  would  not  result  in  performance  equal  to  that  expected  with  a new 
advanced  engine  development  with  inherent  growth  potential.  Furthermore, 
it  is  believed  that  the  costs  involved  with  an  RL-10  improvement  program 

might  well  be  a substantial  fraction  of  those  to  be  expected  for  an  advanced 
engine  development. 

The  other  Propulsion  areas  of  study  recommended  deal  with  the  long- 
erm  space  use  of  cryogenic  propellants  with  regard  to  zero-g  slosh  and 
feedout,  thermodynamic  venting  and  control,  and  propellant  conditioning. 
Design  techniques  for  practical  long-life  reusable  high  performance  tank 
insulation  systems,  especially  for  ground-based  operations,  also  require 
analysis  and  scale  development  testing. 

Future  studies  in  the  area  of  optimum  structural  design  will  be  required 
to  eve  op  the  best  philosophy  for  tug.  It  will  be  necessary  first  to  establish 
more  e initive  design  groundrules  such  as  number  of  engines,  type  and 
number  of  tanks,  and  basing  and  docking  philosophy,  all  of  which  affect  the 
base  structure  design  approach.  The  design  effort  will  then  have  to  be 
coordinated  with  the  the rmal  design  of  the  cryogenic  propellant  insulation 
system  and  will  involve  the  conductive  heat  paths  through  structure,  instru- 
mentation, and  fluid  lines  as  well  as  the  radiative  high  performance  insulation 
and  venting  provisions. 
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Meteoroid  protection  is  still  another  consideration.  The  potential 
utilization  of  boron-epoxy  technology  for  the  tug  structure  such  as  cryogenic 
tank  supports  and  other  inter-tank  structure  could  offer  substantial  and 
important  weight  sayings  and  requires  special  study  effort  to  determine 
feasibility  and  availability  for  tug. 

4.  3 SUBSYSTEMS  AND  TECHNOLOGY 

Subsystems  study  effort  required  is  discussed  under  "Subsystems  For 
Tug"  in  Volume  5 of  this  report.  These  and  the  preceding  items  discussed  are 
also  included  under  the  Supporting  Research  and  Technology  Plan  in  Volume  6 
of  this  report,  in  the  "Development  Plans  for  Tug"  section. 

Items  in  the  subsystems  areas  which  appear  most  in  need  of  future 
study  effort  are  summarized  in  the  iollowing  paragraphs. 

Advanced  Computers  and  Navigation  Equipment 

Promising  laboratory  developments  in  this  field  appear  "just  over  the 
horizon  for  tug  applicability  and  could  well  be  accelerated  to  insure  avail- 
ability for  tug  at  substantial  weight  and  power  savings. 

Optimum  Communication  Frequencies 


A study  of  future  integrated  space  operations  could  reveal  that  higher 
(than  S-band)  frequencies  would  be  feasible  and  would  result  in  appreciable 
telecommunications  antennae  and  other  equipment  weight  savings. 

Rendezvous  and  Docking  Aids 

Problems  of  visibility  in  adverse  space  lighting  conditions  could  be 
alleviated  by  development  of  improved  visual  aids. 


Digital  Data  Buses 


Presently  known  digital  techniques  have  reduced  the  weight  and  volume 
required  for  wiring,  but  wire- weight  is  still  a significant  item  in  the  weight 
of  a spacecraft  suc-n  as  tug,  on  the  order  of  hundreds  of  pounds.  Studies 
directed  toward  use  of  inconventional  techniques  such  as,  for  example,  flat 
or  tubular  conductors,  might  provide  a needed  weight  saving. 

Docking  Structure 


The  docking  structure  as  employed  in  the  EOSS  study  imposes  excessive 
weight  penalty  on  tug  which  must  undergo  very  large  delta-V  maneuvers. 
Therefore,  another  "standard"  for  mechanical  docking  interfaces  which  "could 
be  similar  in  size  and  weight  to  the  Apollo  probe  and  drogue  system  should  be 
evaluated  for  possible  universal  use. 
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Landing  Sensors 


Current  techniques  for  visualizing  and  sensing  lunar  surface  features, 
roughness,  obstacles,  etc.  are  inadequate  for  several  reasons.  One  is  the 
obscuration  resulting  from  the  churning  of  surface  dust  by  lander  exhaust 
impingement.  Visibility  limitation  in  terms  of  glare  and  contrast  is  cur- 
rently inadequate  to  permit  landing  in  other  than  a narrow  range  of  sun 
angles,  and  night  landings  are  not  permissible.  Therefore,  a study  is  needed 
to  conceive  and  develop  new  techniques  of  sensors,  graphic  displays,  enhanced 
TV,  etc.  , and  to  evaluate  means  of  reducing  visual  degradation  caused  by 
dust. 
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APPENDIX  A.  INTEGRATED  STRUCTURES 


APPROACH 

The  structure  of  the  vehicle  consists  essentially  of  the  vehicle  body, 
main  propulsion  thrust  structure,  the  cryogenic  propellant  tankages,  EOS 
attachment  provisions,  and  the  payload  attachment  provisions.  Research  at 
NR/SD  on  advanced  propulsion  module  concepts  requiring  storage  periods 
for  cryogenic  propellants  has  identified  a strong  interdependence  between 
structure,  thermal  protection,  and  meteoroid  protection  to  the  point  where 
it  is  essential  to  consider  all  three  simultaneously  to  obtain  accurate  defini- 
tions of  the  most  desirable  solutions.  The  resulting  assembly  of  these  three 
types  of  components  is  identified  as  an  integrated  structure,  and  an  integrated 
structures  design  (IS)  method  has  been  developed  for  study  purposes.  Occur- 
rence of  propellant  boiloff  during  extended  missions  means  that  the  mass 
raction  is  not  an  accurate  measure  of  propulsion  module  efficiency;  there- 
fore, m the  IS  approach  the  integrated  structure  concept  evaluation  is  based 
on  payload  fracuon  (the  ratio  of  payload  capability  to  initial  gross  weight  of 
the  module).  Fox  example,  an  integrated  structure  that  weighs  1000  pounds 
more  than  another  but  permits  2000  pounds  less  propellant  boiloff  during  the 
mission  is  more  efficient  and  desirable.  This  efficiency  is  measurable  by 
denoting  its  payload  capability  which  must  consider  boiloff  of  propellant.  * 

A typical  integrated  structure  concept  is  shown  in  Figure  A-l  This 

iCnthePfVrmaotirowttr0iUtir  **2™  CUrr6nt  b°°Ster  design'  with  modifications 
n the  form  of  low  thermal  conductivity  material  for  unpressurized  structure 

the  use  of  multilayer  insulation,  and  incorporation  of  an  external  atmosphere 

ontrol  barrier  for  the  insulation,  which  also  serves  as  a meteoroid  bumper.' 

Application  of  the  IS  method  includes: 

1.  Computation  of  critical  loads  in  each  major  structural  member 
followed  by  sizing  of  the  member 

2.  Computation  of  optimum  boiloff  and  the  required  insulation  for  the 
tanks  and  unpressurized  structure 

3.  Computation  of  meteoroid  protection  (if  required) 

4*  Computation  of  payload  fraction  capability. 

Computer  subroutines  are  available  for  steps  1,  2,  and  3. 
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Figure  A- 1 . Typical  Integrated  Structure  for  Cryogenic  Propulsion  Module 
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Structural  loads  are  computed  by  conventional  techniques  and  can  be 
obtained  for  a variety  of  structural  attachment  combinations  and  for  a variety 
of  flight  phases.  Structural  sizing  and  weights  are  obtained  from  existing 
theoretical  data  as  a function  of  material  and  loading.  Insulation  sizing  and 
boiloff  are  determined  in  the  following  steps: 


1.  Insulation  length  on  LH£  supports  is  computed  which  yields 
minimum  insulation  weight  for  a given  heat  leak 

2.  Insulation  thickness  for  the  LH2  tank  and  supports  is  computed 
which  maximizes  the  payload  fraction 

W /W.  = r(W,/eX-l)  -W, 

p lg  L fb  b 

where 

x = eAV/Tg 

W_  = propulsion  module  payload  capability  at  AV 

lr 

W^g  = initial  gross  weight  of  propulsion  module 
Wfb  = weight  of  fuel  burned 
e = propellant  burn  rate 
AV  = required  velocity  change 
T = engine  thrust 


/W. 


ig 


(1) 


Wb  = inert  weight  of  propulsion  module 

3.  Steps  1 and  2 are  repeated  for  the  LC>2  tank. 

r.7’j  • . . ■"  ! ...  ■ j ;■■■■■.  ■.  ■ 

A meteoroid  protection  concept  is  adapted  to  the  insulation- structure 
assembly  and  the  delta  weight  computed.  Both  single  and  dual  bumper 
concepts  can  be  treated.  The  shielding  required  is  related  to  the  required 
probability  of  no  failure  by  the  Poisson  relationship 


-NAT 
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where 

Pnf  ~ reQuired  probability  of  no  tank  failure 

N = the  meteoroid  flux  of  particles  large  enough  to  cause  failure 

A = ST  surface  area 

T = ST  exposure  time 

The  resulting  integrated  structure  is  evaluated  by  the  use  of  Equation  1. 
STRUCTURE  CONFIGURATION  AND  MATERIALS 

The  effects  of  RST  structure  configuration  and  choice  of  material  for 
the  unpressurized  structure  on  ST  structure  weight  were  evaluated  first,  to 
identify  the  most  promising  configurations.  A 3 OK  propellant  capacity  PM 
was  evaluated  using  the  criteria  of  Table  A-l.  The  mission  phases  and  load 
factors  considered  are  shown  in  Figure  A-2, 

The  structure  configurations  considered  were  different  combinations 
of  integral  and  nonintegral  LH2  tank;  ellipsoidal,  toroidal,  and  three-tank 
LO2  tank  arrangements;  truss  and  skin-stringer  shell  for  the  unpressurized 
structure.  Material  for  the  tanks  was  2014- T6  aluminum,  and  for  the 
unpressurized  structure  — boron-epoxy,  glass /epoxy,  or  titanium  alloy. 
Analysis  results  obtained  are  presented  in  Figures  A- 3 and  A- 4 and  findings 
were  as  follows: 

1.  The  computed  integral  tank  structure  weights  were  nominally 
32  percent  less  than  the  nonintegral  tank  structure  weights. 

2.  Total  structure  weights  based  on  truss  construction  and  on  skin- 
stringer  shell  constructions  for  the  unpressurized  structure  were 
essentially  the  same. 

3.  The  structure  weight  is  nominally  15  percent  lower  if  a single  L02 
tank  (ellipsoid  or  toroid)  is  used  as  opposed  to  multiple  L02  tanks. 
This  is  due  primarily  to  the  extra  tank  support  structure  required 
for  the  multiple  tank  concept. 

4.  The  choice  of  material  for  the  unpressurized  structure  can  alter 
structure  weight  by  25  to  40  percent  with  materials  rated  - boron- 
epoxy  composite,  glass -epoxy  composite,  and  titanium  alloy. 
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Table  A-l.  Input  Data  Summary  (International  Units) 


Configuration 

Capability 

In  teg.  vs 

Study 

S tud  y 

Nonin  teg.  Study 

Propellants 

• Propellants 

lh2/lo2 

LI12  / L02 

lh2/lo2 

• Total  weight,  kg 

13, 600 

13, 600 

27,200 

• Ullage,  percent 

10/6 

0 

0 

• Temperature,  C 

-251 / -187 

-251 /- 187 

-251 /- 187 

• Density,  kg / m 3 

69. 6/1145 

69.  6/1145 

69. 6/1145 

• Pressure,  N/m^ 

255, 000/244, 000 

96,  500/131,  000 

138,  000/138,  000 

• Heat  of  vaporization,  J/g 

446/207 

! 

446/207 

446/207 

Mission  duration,  days 

45 

7,25,45 

Factors  of  safety 

• Unpressurized  structure 

1.  4 

1.4 

1.  4 

• Tanks 

1.  4 

1.4 

, 

2.  0 

Meteoroid  Protection 

• Probability  of  no  failure 

0.  995 

• Design  period,  days 

450 

-- 

Engine 

• Thrust,  N 

122, 000 

61,  600 

123, 500 

• Burn  Rate,  kg/sec 

28.  1 

13.  6 

27.  2 

• Weight,  kg 

195 

110 

400 

• F uel  Ratio 

6:1 

6:1 

6:1 

• Distance  from  mounting 

21.  6 

21.6 

21.2 

to  c.  g.  , cm 

AV  Requirement,  mps 

4,  350 

-- 

4,  350 

Payload 

• Weight,  kg 

11,800 

4.  5K(1)/11.  8K(2) 

4,  540 

• Length,  cm 

30.  5 

28.  3(1)/30.  5(2) 

30.5 

Instrument  Module 
• Weight,  kg 

1,180 

1,  590(1)/1, 

1,  225 

• Length,  cm 

23,  6 

14.2 

14.2 

( 1 ) Lunar  landing 

(2)  Launch  and  space  firing 
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Table  A-l.  Input  Data  Summary  (English  Units)  (Cont) 


Configuration 

Study 

Capability 

Study 

Integ  vs 
Noninteg  Study 

Propellants 

• Propellants 

lh2/lo2 

lh2/lo2 

lh2/lo2 

• Total  weight,  lb 

30, 000 

30, 000 

60, 000 

• Ullage,  percent 

10/6 

0 

0 

• Temperature,  F 

-420/- 284 

-420/- 2 84 

-420/-284 

• Density,  pcf 

4.  35/71.  5 

4.  35/71,  5 

4.  35/71.  5 

• Pressure,  psi 

37/34 

14/19 

20/20 

• Heat  of  vaporization,  B/lb 

192/92 

192/92 

192/92 

Mission  duration,  days 

45 

-- 

7,25,45 

Factors  of  safety 

• Unpressurized  structure 

1.  4 

1.4 

1.4 

• Tanks 

1.  4 

1.  4 

2.0 

Meteoroid  protection 

• Probability  of  no  failure 

0.  995 



• Design  Period,  days 

450 

-- 

--  

Engine 

• Thrust,  lb 

27,  500 

13,900 

27, 800 

• Burn  rate,  lb/sec 

62 

30 

60 

• Weight,  lb 

430 

242 

880 

• Fuel  ratio 

6:1 

6:1 

6:1 

• Distance  from  mounting 
to  c. g. , inches 

55 

55 

54 

AV  requirement,  fps 

14, 300 

-- 

14, 300 

Payload  (for  sizing) 

• Weight,  lb 

26,000 

10K(1,/26K(2) 

10K 

• Length,  inches 

100 

93(1)/160(2) 

160 

Instrument  module 

• Weight,  lb 

2,  600 

3.  5K(1)/2.  7K(2) 

2. 7K 

• Length,  inches 

60 

36 

36 

( 1 ) Lunar  landing 

(2)  Launch  and  space  firing 
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Figure  A-2.  Space  Tug  Loading  for  Tug  Structure  Configuration  Study 
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• LH2  integral  tank  concept 

• PROPELLANT  WEIGHT  ■ 30,000  LB(I3,600  KG) 

• STRUCTURE  - TANKS  + SUPPORT  STRUCTURE 


PERCENT  INCREASE 
IN  STRUCTURAL  WEIGHT 
+40 


STRUCT;  SHELL  TRUSS  SHELL  SHELL  SHELL  SHELL 

L02  TANK:  3 TANK  3 TANK  3 TANK  3 TANK  ELLIPSOID  TOROID 

STR.  MATU  B-E  B-E  Tl  G-E  B-E  B-E 


Figure  A-3.  Propulsion  Module  Structural  Configuration  Study  Results 
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• lh^  nonintegral  tank  concept 


PERCENT  INCREASE 
IN  STRUCTURAL  WEIGHT 


STRUCT:  SHELL  TRUSS  SHELL  SHELL  SHELL 

LO2  TANK:  3 TANK  3 TANK  3 TANK  3 TANK  ELLIPSOID 

STR.  MATU  B-E  B-E  Tl  G*E  B*E 

FlgUre  A~4'  Propulsion  Module  Structural  Configuration  Study  Results 
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MISSION  CAPABILITY  EFFECTS  ON  STRUCTURE 

The  effects  of  mission  capability  on  structure  weight  were  investigated 
next,  to  establish  the  weight  penalty  associated  with  a versatile  space  tug  as 
opposed  to  a single  purpose  space  tug.  The  primary  space  tug  mission  was 
an  EOS  launch,  with  all  propellants  aboard,  followed  by  insertion  of  payloads 
into  geosynchronous  orbit  and/or  insertion  of  payloads  into  space  flight.  It 
was  considered  desirable  to  extend  mission  capability  to  include  launch  by  a 
Saturn- type  booster  and  to  utilize  the  space  tug  for  lunar  landings.  Dry 
launch  was  considered  to  reduce  total  boost  weight  and  to  reduce  critical 
structural  loadings. 

Four  different  mission  capabilities  were  considered  as  described  in 
Table  A-2.  Case  I is  baseline  for  it  represents  the  minimum  capability  for 
the  space  tug.  The  PM  was  launched  dry  thereby  reducing  the  loading  on 
some  structural  members.  Geosynchronous  orbit  insertion  and  space  travel 
phases  are  within  capability.  Case  II  is  the  same  as  Case  I except  the  PM  is 
launched  wet.  Case  III  is  the  same  as  Case  II  except  launch  is  via  the 
INT-20.  Case  IV  is  the  same  as  Case  I except  the  tandem  lunar  landing 
phase  is  added.  Phase  load  factors  are  in  Figure  A- 5. 

The  PM  structural  concept  evaluated  (Figure  A- 6)  was  selected  on  the 
basis  of  the  preceding  analysis  which  had  shown  it  to  be  efficient  and 
inherently  resistant  to  meteoroid  damage.  Details  on  the  PM  concept  and 
the  other  components  making  up  the  space  tug  are  provided  in  Table  A-l. 

For  each  mission  capability  case,  the  load  intensity  in  the  primary  PM 
structure  components  was  computed  and  the  critical  load  established. 
Structure  components!  were  sized  and  weight  computed.  Results  obtained  are 
presented  in  Table  A-2  arid  Figure  A-7.  The  major  findings  were  as  follows: 

1.  Tank  thickness  required  is  minimum  gage,  and  the  shell  structure 
components  require  near  minimum  gage  for  all  mission  phase 
loadings 

2.  Due  to  the  above,  there  is  only  a small  PM  structure  weight 
penalty  associated  with  having  full  mission  phase  capability  as 
opposed  to  the  minimum  capability 

3.  Changing  from  dry  to  wet  launch  increased  the  critical  loading  only 
in  the  LO£  tank  support  and  the  inter-tank  structure,  with  the 
result  that  the  weight  of  the  structure  increased  by  only  8 percent. 
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Table  A-2.  Effect  of  Mission  Capability  on  Propulsion  Module  Structural  Loads 


Mission 
Capability 
Cas  e 

Mission  Capability 

Booster 

Structure  Component 

LH2  Tank  Shell 

L02  Tank  Shell 

Forward  Adapter 

Inter  tank 
Structure 

Thrust  Structure 

Mission 
Phases 
the  Tug 
Subjected 
to  (1) 

Launch 

Critical 

Phase 

Load(3) 

(lb/in) 

(N/cm) 

Critical 

Phase 

Load(3) 
(lb /in) 
(N/cm) 

Critical 

Phase 

Load* 3 1 

(lb/in) 

(N/cm) 

Critical 
Phas  e 

Load*3* 

(lb/in) 

(N/cm) 

Critical 

Phase 

Load(3) 

(lb/in) 

(N/cm) 

I 

2,  4G,  4S 

Dry 

EOS 

(4) 

+1190 

(4) 

+356 

2 

-228.  6 

2 

-176.  9 

4S 

-98  JZ) 



(+2080) 

(+622) 

(-400) 

(-310) 

(-173) 

II 

2,  4G,  4S 

Wet 

EOS 

+1190 

+356 

2 

-228.  6 

2 

-190. 8 

4S 

1 

sC> 

pc 

N> 

(+2080) 

(+622) 

(-400) 

(-334) 

(-173) 

III 

1.4G.4S 

Wet 

Sat 

+1190 

+356 

1 

-129. 8 

1 

-188.  4 

4S 

-98.  i iZ) 

' — ■ 

(+2080) 

(+622) 

(-227) 

(-330) 

(-173) 

IV 

2,  4G,  4S, 

Dry 

EOS 

■) 

+1190 

(' 

l) 

+356 

3T 

-279. 0 

3T 

-500. 0 

4S 

-98.  fP 

3T 

(+2080 

(+622) 

(-488) 

(-875) 

(-173) 

(1)  Mission  Phases  are:  1 INT  20  Boost,  2 EOS  Boost,  3T  Tandem  lunar  landing,  4G  Geosynchronous  orbit  insertion,  4S  Space  firing 

(See  Figure  A- 5) 


(2)  Load  occurs  on  the  lower  module  of  two  module  configuration. 

(3)  Limit  Loads 

(4)  Tank  is  sizes  by  internal  pressure.  LH2  tank  sidewall  does  not  go  into  compression  during  any  phase 
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(1)  LOWER  PM  IS  JETTISONED  BEFORE  LOADING  AND  THE  UPPER  PM  HAS  2/3  OF 
PROPELLANT  AT  LANDING 


Figure  A-5.  Space  Tug  Loading  for  Mission  Capability  Study 
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COMPONENT 

CONSTRUCTION 

MATERIAL 

1 

lh2  TANK  cyl 

I NT  EG  SKIN  STRINGER 

2014-T6 

2 

lh2  TANK  HEADS  (2) 

MONOCOQUE 

2014-T6 

3 

L02  TANK  HEADS  (2) 

MONOCOQUE 

201 4- T6 

4 

TANK  SUPPORT 

5 

FWD  ADAPTER 

SKIN  STRINGER 

BORON  EPOXY 

6 

INTERTANK  STRUCTURE 

SKIN  STRINGER 

BORON  EPOXY 

7 

THRUST  STRUCTURE 

SKIN  STRINGER- 

BORON  EPOXY 

41  lh2  propellant 

42  LO2  PROPELLANT 
-T 'ffh  43  INSTRUMENT 

w ' MODULE 

44  PAYLOAD 

45  ENGINE 

46  DOCKING  RING 


Figure  A- 6.  Space  Tug  Structure  Concept  for  Mission  Capability  Study 
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Figure  A-7 . Propulsion  Module  Mission  Capability  Study  Results 
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4.  Changing  from  EOS  to  INT-21  launch  decreased  the  critical  load  in 
the  forward  adapter  and  the  inter  tank  structure  due  to  the  lower 
lateral  acceleration  used  with  the  INT-21.  Due  to  minimum  gage 
limitations,  there  was  no  reduction  in  weight  of  the  adapter  or  the 
intertank  structure.  However,  the  increase  in  axial  acceleration 
requires  additional  strength  in  the  LO^  tank  support  resulting  in 
an  overall  increase  in  structure  weight  for  Case  III  relative  to 
Case  II. 

5.  Adding  the  lunar  landing  phase  requirement  in  Case  IV  resulted  in 
an  increase  in  the  critical  loading  on  the  forward  adapter,  intertank 
structure,  and  the  LO^tank  support,  relative  to  the  critical  load- 
ings for  other  cases.  Here,  the  increase  in  axial  and  lateral 
accelerations  overcame  the  reduction  in  propellant  to  two- thirds  of 
capacity  during  landing.  The  ultimate  load  on  the  inter  tank  struc- 
ture due  to  lunar  landing  is  well  above  that  carried  by  a minimum 
gage  boron  epoxy  shell;  therefore,  weight  of  this  component  went 
up  to  provide  adequate  strength. 

6.  The  findings  for  Case  IV  are  based  upon  the  assumption  that  for 
lunar  landing  a separate  space  tug  landing  platform  would  be 
employed  which  would  introduce  all  loads  on  the  PM  at  the  same 
lower  station  where  it  is  attached  during  launch,  as  shown  on 
Figure  A- 5.  With  this  landing  platform  the  side  payload  attaches 
only  to  the  platform  for  both  the  tandem  and  parallel  space  tug 
versions.  If  the  landing  gear  and/or  the  side  payload  are  attached 
to  the  PM  at  other  points,  the  effect  of  lunar  landing  loads  on  the 
structure  would  be  much  greater  and  the  PM  structure  weight 
would  increase  substantially  over  the  values  presented  for  Case  IV 
in  Table  A-2  and  Figure  A- 5. 

7.  The  above  findings  were  in  regard  to  the  30,  000  pound  PM.  Similar 
results  were  obtained  for  the  box  60,  000  pound  PM  except  that 
loadings  were  substantially  higher,  and  minimum  gage  limit  did 

not  apply  as  often. 

INTEGRAL  VERSUS  NON- INTEGRAL  PROPELLANT  TANKS 

The  most  basic  characteristic  of  the  space  tug  structure  is  the  LH2 
and  L02  propellant  tank  mounting  and  the  choice  made  affects  structure 
weight,  structure  cost,  and  propellant  boiloff.  In  this  study  phase,  integral 
and  non-integral  mounting  concepts,  representative  of  final  baseline  space 
tug  concepts,  were  compared  to  resolve  the  tank  mounting  question. 

The  concepts  evaluated  (Figures  A- 8 and  A- 9)  were  60,  000  pound 
propellant  capacity.  Both  boron- epoxy  and  titanium  alloy  were  considered 
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Figure  A-9.  Space  Tag  Nonintegral  Structure  Concept-60K  Pounds  Propellant 
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for  the  unpressurized  structure  to  determine  whether  the  results  were 
material  sensitive.  The  space  tug  mission  capability  was  limited  to  EOS 
boost  and  space  firing,  and  the  spaed  tug  was  inverted  in  the  EOS  (Fig. 
ure  A- 9)  to  be  compatible  with  the  final  baseline  interface  concept.  EOS 
load  factors  were  reduced  and  brought  into  agreement  with  load  factors  being 
used  in  the  NR-SD  shuttle  study. 

Analysis  input  data  are  presented  in  Table  A-l.  The  factor  of  safety 
on  the  tanks  was  increased  from  1.  4 to  2.  0 to  compensate  for  the  increased 
fracture  resistance  required  for  multiple  pressurizations.  Structural 
component  sizes  were  computed  along  with  the  associated  optimum  boiloff 
and  insulation  thickness  values  (Tables  A-3  and  A — 4).  The  module  payload 
fraction  values  were  then  computed  (Table  A- 5)  leading  to  these  findings: 

1.  The  ultimate  compression  loadings  in  the  unpressurized  structural 
components  were  less  than  2 50  pounds  per  inch  (436  newtons  per 
centimeter)  for  the  load  factors  of  Figure  A- 10,  with  the  result 
that  minimum  gage  construction  was  selected  for  these  members. 

i • ... 

2.  A factor  of  safety  of  2.  0 was  applied  to  the  tanks  to  account  for 
the  multi- flight  requirement.  The  increase  from  1.  4 to  2.0  did 
not  increase  tank  weight  because  they  are  minimum  gage  limited. 
Pressure  could  be  raised  from  20  to  26  psi  (137.  5 x 10^  to 

179  x 106  newtons  per  square  meter)  without  a change  in  tank 
thickness . 

3.  The  integral  concept  has  lower  structure  weight,  higher  insulation 
weight,  and  the  same  boiloff  as  the  non-integral  concept.  The 
lower  structure  weight  of  the  integral  concept  offsets  the  increased 
insulation,  with  the  result  that  its  payload  fraction  is  approxi- 
mately 2 percent  higher. 

4.  The  thermal  analysis  of  the  integral  concept  was  conservative  in 
treatment  of  the  heat  leak  through  the  intertank  structure  (Compo- 
nent 6,  Figure  A -7),  and  a more  rigorous  treatment  would  show 
the  payload  fraction  of  the  integral  concept  to  be  higher  than 

2 percent. 

5.  Considering  its  indicated  performance  advantage  and  its  greater 
stability,  the  integral  structure  was  recommended  as  prime 
candidate  for  space  tug  applications. 
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Figure  A- 10.  Space  Tug  Loadings  for  Comparison  of 

Integral  Versus  Nonintegral  Structure 


6.  For  a 7 -day  mission  the  payload  fraction  for  the  boron- epoxy 

concept  was  nominally  1 percent  higher  than  that  computed  for  the 
titanium  concept,  and  its  advantage  increased  to  3 percent  for  a 
45-day  mission.  Based  on  previous  analysis  it  is  estimated  that 
the  performance  of  a concept  using  glass -epoxy  for  unpressurized 
structure  would  lie  between  that  computed  for  the  above  two 
materials. 
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Table  A- 3.  Thermal  Protection  Data  Summary  - 60K  Integral  Concept 


Heat  Leak 


Max 

Insul  Min 
Fgth  Heat 
inch  ' ~~'- 


LH2  Tank  Sur 

-- 

Fwd  Adpt 

58 

(147) 

Int  Str 

63 

(160) 

LO2  Tank  Sur 

Int  Str 

Thrust  Str 
£ 


LH2  Tank  Sur 
Fwd  Adapter 
Int  Str 

■"  v:  ;■ 

LO2  Tank  Sur 
Int  Str 
Thrust  Str 


63 

'(160) 

40 

(101.  5) 


58 

(147) 


63 

(160) 

40 

(101. 5) 


0.  019 
0.  019 
0.  019 


0.  007 
3.  007 
L 007 


0.  021 
0.  021 
0.  021 

0.  0072 
0. 0072 
! 0. 0072 


Time  = 7 Days 


1.0 

(2.  54 

58  l.o 

(147.5)  (2.54) 

63  l.o 

(160)  (2. 54)  291 

(132) 


0.5 
(1.  27) 


® J=  total  propellant  boiloff  fraction 
Ji  = heat  leak  through  path  i,  B/hr  (J/hr) 
Ji  “ insulation  length,  inches  (cm) 
i = insulation  thickness,  inches  (cm) 


63  0.  5 

(160)  (1.27) 

40  0.  5 

(101.5)  (1.27) 


1.25 
(3.  18) 

58  1.25 

(147.5)  (3.18) 

63  1.25 

(160)  (3.18)  364 

(165)1 

0.62 
(1.  58) 

63  0.  62 

(160)  (1.  58) 

40  0.62 

(101.5)  (1.58)  122 

(56) 


0.  018 
0.  018 
0.  018 

0.  050 
0.  050 
0.  050 

0.  016 
0.  016 
0.  016 


Time  = 25  Days 


Time  = 45  Days 


B 

Q.  L. 

1 1 

Ti 

N. 

X 

B 

Q.  L. 

i l 

Ti 

0.  038 

-- 

2.  0 
(5. 08) 

-- 

0.  050 

-- 

3.  0 
(7.  60) 

0.  038 

58 

(147. 5) 

2.  0 
(5.  08) 

- - 

0.  050 

58 

(147.  5) 

3.  0 
(7.  60) 

0.  038 

63 

(160) 

2.  0 
(5. 08) 

582 

(264) 

0.  050 

63 

(160) 

3.  0 
(7. 60) 

1.2 

(2.  11) 

63  1.2 

(160)  (2.11) 

40  1.2 

(101. 5)  (2.  11)  236 

(107) 

2.5 
(6.  35) 

58  2.5 

(147.5)  (6.35) 

63  2.  5 

(160)  (6.35)  762 

(346) 

1.5 
(3.  81) 

63  1.5 

(160)  (3.81) 

40  1.5 

(101.5)  (3.81)  294 

(134) 


0.  015 
0.  015 
0.  015 

0.  076 
0.  076 
0.  076 

0.  024 
0.  024 
0.  024 


2.0 

(5.  08) 

t>  3 2.0 

(160)  (5.  08) 

40  2.0 

(101.5)  (5.08)  394 

(179) 

3.75 
(9. 55) 

58  3.75 

( 147.  5)  (9.  55) 

63  3.75 

(1601  (9.55)  1090 

(495) 


2.5 
(6.  35) 

63  2.  5 

(160)  (6.35) 

40  2.  5 

(131.5)  (6.  35)  490 

(222) 


W - insulation  weight,  lb  (kg) 
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fable  A-4.  Thermal  Protection  Data  Summary  - fcOK  Non  Integral  Concept 


Max 

Insui  Min 
Lgth  Heat 
inch  Leak 
(cm)  B / h r 


LH2  Tank  Sur 


LH2  Tank  Supt  2,  5 
sL  V (63.5) 


EO^  Tank  Sur 


LO2  Tank  Supt  40 

(101.5) 


0.  018 


0.  018 


0.  005 


0.005 


Time  -=  7 Days 


Time  = 25  Days 


lime  - 45  Days 


B Q.  L. 

1 1 


VV.  B Q 

1 1 


Q.  L. 

1 L 


1.0 

(2.  54) 

2.5  1.0 

(63.5)  (2.54)  194 

(88) 


0.  5 
(1.27) 


0.  034 


0.  034 


0.010  -- 


TO  0.5  --  0.010 

(101.5)  (1.27)  69 

(31.  3) 


2.  0 

(5. 08) 

25  2.  0 

(63.5)  (5.08 


1. 2 

(3. 05) 


0,  048 


0.  048 


0.  01  1 


TO  1.2  --  0.011 

(101.5)  (3.05)  166 

(75.5) 


3.0 
(7.  63) 

25  3.0 

(63.5)  (7.63)  580 

(363) 


2.0 

(5.  08) 

40  2.  0 

( 101.5)  (5.08)  276 

(125) 


LH2  Tank  Sur 


LH2  Tank  Supt  25 

(63.5) 


LCD,  Tank  Sur 


0.  017 


0.  017 


0. 0056 


1.  25 
(3. 18) 


10.  041 


25  1.  25  --  0.  041 

(63.  5)  (3.  18)  242 

(111) 


0.  62 
(1.  58) 


0.  011 


LC>2  Tank  Supt  40  --  0.0056  --  40  0.62  --  0.011 

>:  (101.5)  (101.5)  (1.58)  86 

(39) 

= total  propellant  boiloff  fraction  ~ ™~—  ~~  ~ 

= heat  leak  through  path  i,  B/hr  (J/hr) 

= insulation  length,  inches  (cm) 

= insulation  thickness,  inches  (cm) 

= insulation  weight,  lb  (kg) 


2.  5 
(6. 35) 

2.  5 

(6.35)  485 

(220) 

0.065  --  --  3.75 

(9.  55) 

0.065  --  25  3.75 

(63.  5)  (9.  55) 

1.  5 

0.015  --  2.5 

(3.  81) 

40  (6.35) 

(101. 5) 

1.5 

0. 015  --  40  2.  5 

(3.81)  207 

(101.5)  (6.35) 

(94) 

(156  5) 
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Table  A- 5.  Final  Results  of  Integral  Versus  Nonintegral  Structure 

Comparison 


Integ. 

Unpress. 

Mis  sion 
Duration 

Structure 

Insulation 

Boil  off 
F unctions 

Payload 

Structure 

Structure 

(T) 

Weight 

Weight 

F raction 

Concept 

Material 

Days 

Lb  (kg) 

Lb  (kg) 

LH2  L02 

(Wp/Wig) 

0.  019 

0. 0070 

0.  538 

0.  038 

0. 0130 

0.  527 

0.  050 

0.  0150 

0.  513 

0.  021 

■ 

0. 0072 

0.  534 

0.  050 

0.  0164 

0.  520 

0.  076 

0.  0238 

0.  496 

0.  018 

0.  005 

0.  530 

0.  034 

0.  010 

0.  522 

0.  048 

0.  011 

0.  510 

0.  017 

0. 0056 

0.  523 

0.  041 

0.  0113 

0.  514 

0.  065 

0.  0155 

0.  500 

Non 

Integral 


Boron 

Epoxy 

7 

25 

45 

1520 

(690) 

1520 

(690) 

1520 

(690) 

7 

1720 

(780) 

Titanium 

25 

1720 

(780) 

45 

1720 

(780) 

7 

2080 

(945) 

Boron 

25 

2080 

Epoxy 

(945) 

I':'. 

45 

2080 

(945) 

! • • 

7 

2200 

(1000) 

T itanium 

25 

2200 

(1000) 

45 

2200 

(1000) 

390 

(177 

820 

(372 

1270 

(576 


(464) 

1580 

(718) 


(118 

550 

(250) 

860 

(391) 


330 

(150) 

690 

(313) 

1070 

(485) 
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APPENDIX  B.  RELIABILITY  AND  SAFETY  ANALYSIS 


OBJECTIVE  AND  APPROACH 

The  objective  of  the  reliability  and  safety  studies  was  to  examine  the 
design  and  operations  of  the  space  tug  with  a view  to  pointing  out  both  ways 
and  means  of  obtaining  maximum  mission  success  and  crew  safety  as  an  aid 
to  design.  In  addition,  an  objective  was  to  determine  and  justify  all  single 
point  failures  in  tug  design  and  operation. 

The  approach  taken  was  to  follow  closely  the  conceptual  design  effort 
and  the  subsystems  and  operations  analyses  as  they  were  developed  in  the 
study.  Mission  success  path  logic  diagrams  were  prepared  for  the  various 
tug  mission  phases., 

SUCCESS  CRITERIA 

To  perform  a reliability  and  safety  analysis  of  the  space  tug  the 
following  success  criteria,  based  on  the  statement  of  work,  were  identified. 

Mission  Success  - The  probability  of  safe  continuation  at  any 
point  in  a mission  (S.  O.  W.  3.1.  1) 

Safe  Continuation  - The  ability  to  pursue  actively  all  space  tug 
functions  and  objectives  while  retaining  adequate  safety 
(S.O.  W.  3.  1.  1) 

Crew  Safety  - The  probability  of  crew  survival  at  any  point  in 
a mission  (S.  O.  W.  3.1.1) 

Crew  Survival  - All  crewmen  returned  to  a haven  without  loss  of 
life  (S.  O,  W,  3.  1.  1) 

Safety  - The  joint  probability  of  tug  return  to  a haven,  no  damage 
to  other  space  vehicles,  and  crew  safety 
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Single  Failure  Points  - The  number  of  single  systems  whose  failure 

will  lead  directly  to  (1)  loss  of  life,  (2)  loss  of  hardware,  or  ' 

(3)  unscheduled  mission  termination  (S.  O.  W.  4.2.4) 

Mission  success  is  an  excellent  measure  of  space  tug  capability.  All 
success  paths  which  allow  safe  mission  continuation  in  support  of  a balanced, 
low  cost  Integrated  Program  Plan  are  included:  earth  orbital,  lunar,  and 
planetary  (S.  O.  W.  1.  1).  As  a probability,  mission  success  allows  a 
realistic  appraisal  of  the  frequency  of  occurrence  of  safe  continuation  of 
many  vehicles  throughout  the  projected  program  operational  phase.  Appli- 
cation to  any  single  mission  or  mission  phase  is  made  to  indicate  the  degree 
of  performance  repeatability.  Sequential  application  indicates  the  conditional 
probability  of  success  from  any  early  mission  phase  to  mission  completion. 

Crew  safety  limits  the  objective  to  crew  survival,  but  increases  the 
number  of  sequential  logic  paths  to  success.  All  successful  abort  paths  are 
considered  as  well  as  all  mission  success  paths.  From  the  launch  pad,  crew 
safety  is  entirely  mission  oriented.  From  intermediate  mission  phases, 
crew  safety  covers  the  remainder  of  the  mission  and  mission  aborts. 

In  order  to  characterize  economical  operation  as  well  as  to  provide 
a complete  definition  of  safety,  the  considerations  of  preventing  damage  to 
other  vehicles  by  the  tug  and  the  return  of  tug  hardware  to  a safe  haven  must 
be  sodded  to  crew  safety  objectives.  Any  hardware  loss  represents  an 
additional  expense  for  replacement,  retrieval,  repair,  and  time  to  proceed 
with  the  next  mission.  Large  interfacing  vehicles  (e.  g.  , EOS,  and  EO 
space  station)  must  be  protected  from  damage  by  a space  tug  because  of  the 
cost  amplification.  The  same  probabilistic  sequential  treatment  as  before 
can  be  made. 

Single  failure  points  must  be  identified  for  possible  crew  and  mission 
loss  without  warning.  Recognition  is  made  of  the  stochastic  limitation 
wherein  single  vehicles  are  characterized  as  being  either  successful  or  not 
on  any  given  mission,  i.e.  , any  single  failure  point  can  occur  on  any 
mission.  Reduction  of  single  failure  points  to  zero  is  the  only  sure  way  to 
prevent  their  occurrence,  but  a low  number  coupled  with  preventive  analysis 
and  design  for  each  is  an  indicator  of  engineering  confidence  in  no  failure. 

REDUNDANCY  PHILOSOPHY 

Enhancement  of  success  through  redundancy  is  a necessary  part  of 
design.  All  facets  of  the  design  problem  are  involved  since  the  redundant 
equipment  or  operations  consume  space,  time,  and  resources.  Redundancy 
is  an  accepted  means  for  success  enhancement  by  provision  of  more 
operating  modes  for  completing  any  particular  success  criterion.  The 
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increased  complexity  and  performance  loss  must  be  traded  against  the 
success  gain.  Extended  development  for  success  enhancement  of  a 
non- redundant  design  is  usually  excessively  long  because  of  the  high  success 
goals.  Redundancy  decisions  prior  to  detailed  design  must  be  based  on 
general  mission  requirements  and/or  similarities  of  hardware  to  be  used 
with  that  used  on  earlier  programs.  The  several  kinds  of  redundancy 
considered  for  the  tug  are: 

On-line  - Completely  fur  ctioning  as  part  of  normal  operation  and 
still  capable  of  mission  performance  following  other  failure  with 
no  need  for  detection  and  switching.  At  least  one  on-line  redund- 
ancy should  be  required  for  all  time -critical  failures. 


Standby  - Capable  of  mission  performance,  functioning  quiescently 
before  main  element  failure,  but  requiring  some  positive  switching 
operation  before  being  inserted  in  the  mission -performing  system. 
Detection  of  main  element  failure  is  required.  Insertion  means 
depends  on  reaction  time,  weight  penalty,  and  operation  capability; 
e.  g.  , switch  or  patch  panel. 


Spare  - Capable  of  mission  performance,  but  stored  separately 
from  the  mission-performing  system  in  any  convenient  location 
and  inserted  into  the  mission  system  following  other  failure. 
Detection  of  failure  is  required,  and  insertion  time  must  be 
available.  Location  of  spares  could  be  on  board  the  Space  Tug 
or  any  convenient  vehicle,  at  the  LSB,  and  on  the  earth. 


The  space  tug  mission  requires  consideration  of  all  three  types  of 
redundancy.  Mission  critical  equipment  utilizes  on-line  redundancy  to 
preclude  any  cessation  of  function.  Where  reaction  time  allows  or  function 
prevents  on-line  continuous  attachment,  standby  redundancy  may  be  used, 
but  provides  a mixed  blessing:  it  increases  long-duration  reliability,  but 
requires  detection  and  positive  action  before  failed  function  is  restored. 
Completion  of  at  least  ten  uses  or  three  years  in  space  (the  tug  mission)  can 
be  accomplished  by  replacement  of  failed  parts  both  in  flight  and  on  the 
ground.  Commercial  airline  practice  of  a graduated  scale  of  detail  in 
inspection  will  be  followed: 


Sortie  inspection  - External  visual  check,  checklist,  and  automatic 
checkout  routines  before  and  after  every  sortie  with  no  disassembly.* 
The  objectives  are  in- space  failure  detection  and  servicing. 

Operator  inspection  - Crew  and  telemetry  monitoring  of  mission 
performance  for  the  purpose  of  failure  detection. 

•On-orbit  servicing  is  expected  to  be  minimal  until  a substantial  space  base  facility  is  available. 
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Periodic  inspection  - Planned  replacement  of  limited  life  com- 
ponents and  inspection  for  extent  of  wear.  Limited  disassembly 
in  space  or  on  the  ground. 


Overhaul  - On  the  ground  complete  disassembly,  inspection,  and 
replacement  of  worn  parts.  Initiated  within  the  ten- sortie  sequence 
by  space  tug  failure  or  damage  which  is  incapable  of  repair  in  space 


The  urgency  of  repair  is  a function  of  the  kind  of  failure.  For  failures 
which  do  not  restrict  mission  operation,  repair  is  not  immediately  required, 
if  at  all.  Mission  continuation  with  partial  failure  is  possible  and  may  be 
desirable  when  the  time  to  the  next  sortie  is  short,  the  expense  is  high, 
technicians  are  unavailable,  or  spares  are  unavailable.  For  failures  which 
affect  safety,  immediate  repair  is  in  order.  This  is  particularly  true  when 
the  next  sortie  is  one  which  has  severe  performance  requirements.  Since 
the  lunar  landing  sortie  limits  the  extent  of  several  redundancies,  a 
minimum  number  of  failures  could  be  tolerated  when  the  lunar  landing  is 
expected  as  the  next  sortie.  In  fact,  special  review  should  be  made  before 
each  attempted  landing  with  failed  equipment.  Where  possible,  the  tug  with 

failed  equipment  should  be  returned  for  use  in  earth  orbit  and  replaced  by  a 
fresh  tug  in  lunar  orbit. 


Several  of  the  above  statements  have  implied  criteria  by  which  the 
proper  level  of  redundancy  can  be  judged.  The  complex  interactions  of  the 
many  space  tug  objectives  require  more  precise  consideration  of  criteria 
and  desirable  development  of  each. 

Higher  Mission  Success  - Increasing  redundancy  increases  mission 
success  by  adding  success  paths. 

Higher  safety  - Increasing  redundancy  increases  safety  by  adding 
success  paths.  " ° 

Fewer  single  failure  points  - Providing  redundant  equipment  or 
operations  eliminates  single  failure  points  and  gives  the  operator 
a choice  of  continuing  or  aborting  the  mission.  Complete  kimina- 
tion  of  single  failure  points  may  not  be  practical,  e.  g.  , propellant 
tanks,  high  pressure  piping,  and  lunar  landing  gear  legs.  (See 
later  section  on  single  failures.  ) A decrease  in  single  failure 
points  is  specifically  desired. 

Lower  weight  - On-line  and  standby  redundancies  add  weight 
according  to  the  equipment  size  (Figure  B-l).  Several  strategems 
must  be  employed  to  prevent  redundant  weight  from  doubling  or 
tripling.  For  example,  weight  savings  (while  retaining;  an  abort 
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capability)  can  be  achieved  by  adding  complexity  in  a special  way: 
decrease  size  of  redundant  equipment.  More  pieces  are  needed 
but  less  weight  is  required  for  the  amount  of  redundancy  desired. 
Figure  B-2  demonstrates  this  feature  for  general  design.  When 
either  one  of  two  subsystems  could  be  operational,  the  relative 
weight  to  the  minimum  is  2.  Decreasing  the  subsystem  size 
to  one -half  normal  and  adding  one  redundant  subsystem  produces 
a configuration  with  three  subsystems,  but  a relative  weight  of  only 
1-1/2.  Continuing  to  decrease  subsystem  size  (i.  e.  , increasing 
the  number  of  pieces  required  for  full  performance)  has  less  effect 
on  weight.  Equal  weight  for  equal  performance  was  assumed. 
Detailed  subsystem  analyses  will  shift  the  minimum  practical 
weight  toward  the  left,  i.  e.  ,'  some  weight  is  added  for  increased 
complexity  as  well  as  performance.. 

/ 

Lower  cost  - Increased  number  of  pieces  for  redundancy  tends  to 
increase  cost.  However,  decreased  development  expense  or 
decreased  manufacturing  cost  due  to  lower  individual  piece  relia- 
bility will  be  used  as  offsetting  factors.  (S.  O.  W.  4.  0). 

Less  complexity  - More  pieces  usually  means  more  complexity. 

This  reflects  adversely  on  inspection  time,  number  of  measure- 
ments, and  expectation  of  operational  difficulty.  On-line  and 
standby  redundancies  are  particularly  susceptible  to  equipment 
complexity  problems  and  spares  increase  operational  complexity 
by  requiring  more  in-space  replacements.  The  S.  O.  W.  has 
specifically  noted  this  as  undesirable,  but  complexity  can  be 
acceptable  with  design  for  easy  replacement  (S.  O.  W.  3.  1.  1). 

Current  redundancy  considerations  have  been  couched  in  terms  of 
positive  design  requirements:  e.  g.  , "fail  operational  - fail  operational  - 
fail  safe"  for  major  electronic  components.  This  is  interpreted  to  mean 
that  normal  mission  operation  can  continue  following  one  and  two  failures 
and  that  safe  return  to  the  ground  is  still  possible  following  the  third  major 
component  failure  in  any  particular  subsystem.  Further,  the  early  EOS 
requirement  of  "fail  operational  - fail  safe"  for  major  mechanical  compon- 
ents means  normal  mission  operation  following  one  failure  and  safe  return 
following  a second  failure. 

It  is  noted  that  the  direct  specification  of  such  redundancy  has  been 
deleted  in  current  EOS  study.  Specification  of  arbitrary,  blanket,  pre- 
design  redundancy  requirements  for  all  space  tug  subsystems  is  too 
restrictive  at  this  time  and  emphasizes  mechanical  acquiescence  rather  than 
conceptual  innovation.  The  major  effort  would  become  the  arrangement  of 
multiple  subsystems  or  the  specification  of  entirely  new  equipment.  The 
latter  would  require  extensive  development  for  low  weight  rather  than  for 
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the  high  reliability  which  prompted  the  redundancy.  Alternatively, 
individual  subsystem  characteristics  for  accomplishing  each  mission  phase 
must  be  considered  in  the  redundancy  selection  in  order  to  provide  an  opti- 
mum mix  of  criteria  levels;  e.  g.  , non-critical  subsystems  require  less 
redundancy  than  critical  subsystems.  In  addition,  the  assembly  level  at 
which  redundancy  is  to  be  applied  varies  with  the  subsystem.  Electronics 
subsystems  could  obtain  a large  degree  of  cross  connection  flexibility  by 
utilizing  detailed  component  redundancy,  while  main  engines  are  best  made 
redundant  in  the  larger  size.  Certainly,  a separate  standby  rescue  tug  is 
redundancy  on  a very  large  scale. 

Space  tug  mission  characteristics  give  special  meaning  to  the  redun- 
dancy nomenclature.  "Fail  operational"  really  means  that  the  space  tug 
remains  in  space  and  continues  to  perform  successive  missions  after  a 
failure.  Succeeding  sorties  may  have  many  failed  components  without  the 
necessity  of  abort.  The  space  tug  must  be  capable  of  performing  any  mission 
until  a final  "fail  safe"  failure  which  initiates  abort.  The  essence  of  "fail 
operational"  redundancy  is  long  life,  and  the  essence  of  "fail  safe"  redun- 
dancy is  crew  survival  and  hardware  return. 

Frequent  return  of  the  space  tug  to  the  ground  would  assist  in  reducing 
redundancy.  The  mission  could  be  selected  in  advance  of  ground  launch, 
and  the  optimum  vehicle  configuration  could  be  assembled  on  the  ground. 
Sophisticated  and  positive  checkout  could  be  achieved.  Better  individual 
mission  performance  would  result  at  the  expense  of  flight  readiness, 
additional  ground  launches,  and  some  mission  flexibility.  However,  frequent 
return  of  the  tug  to  the  ground  could  be  against  the  criterion  of  lower  cost. 
When  should  the  space -based  tug  be  returned  to  the  ground? 

After  every  sortie?  - No.  In- space  automatic  checkout  is  sufficient. 

After  a fixed  number  of  sorties?  - Yes.  Ten  (10). 

After  a fixed  time?  - Yes.  Three  (3)  years  in  space. 

After  any  "fail  operational"  failure?  - No.  Enough  redundancy  has 

been  included  for  continued  operation  by  definition. 

After  a "fail  safe"  failure?  - Only  when  repair  or  replacement 

cannot  be  performed  in  space. 

Never?  - No.  Airline  practice  of  increasing  the  overhaul  time 

limit  as  additional  experience  is  gained  will  be  followed.  ’ 
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In  summary,  the  salient  features  of  Space  Tug  redundancy  are  listed 
below  and  functionally  illustrated  in  Figure  B-3. 

1.  Minimum  feasible  single  failure  points  - (goal  of  no  single 
failure  points). 

2.  No  credible  combinations  of  failures  which  result  in  crew  loss. 

3.  Tradeoff  long  life  with  multiple  standbys. 

4.  Utilize  onboard  standby  and  on-line  redundancy  in  preference 
to  replacing  failed  equipment  in  space. 

5.  Provide  measurements  for  failure  detection  when  corrective 
crew  action  is  required  and  is  possible. 

6.  Modularize  component  assemblies  for  on-ground  replacement. 

7.  Provide  alternate  safe  continuation  modes. 

8.  Recommend  design  margins. 

9.  Identify  additional  study. 

Redundancy  should  be  considered  when  the  following  benefits  can  be 
achieved. 


Higher  mission  success 
Higher  safety 

Fewer  single  failure  points 
Lower  weight 
Lower  cost 
Less  complexity 

Fewer  in- space  replacements  and  repairs 
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SUCCESS  PATH  LOGIC 


Figures  B-4  through  B-9  are  the  success  path  logic  diagrams  for 
unmanned  synchronous  and  manned  lunar  landing  missions.  The  criteria 
of  mission  success  and  safety  were  used  for  the  unmanned  missions,  and 
mission  success  and  crew  safety  for  the  manned.  These  diagrams  were 
based  on  the  criticality  matrices  from  a section  later  in  this  report*  Each 
mission  phase  is  shown  separately  for  clarity.  Arrangement  of  each  dia- 
gram in  the  correct  mission  phase  sequence  will  synthesize  the  entire 
mission.  The  extent  of  the  retrieval  missions,  rescue  missions,  and  aborts 
depends  on  the  mission  phase  in  which  the  deciding  failure  occurs;  e.  g.  , 
rescue  time  from  lunar  orbit  coast  is  very  brief  compared  to  rescue  from 
the  lunar  surface  by  a lunar  orbiting  tug. 

All  mission  phases  for  the  unmanned  mission  are  shown  in  Figure  B-4. 
The  mission  success  path  comprises  the  successful  operation  of  all  sub- 
systems in  both  the  IM  and  the  PM.  The  alternate  paths  include  those 
subsystems  which  allow  the  disabled  vehicle  to  maintain  environmental  and 
attitude  control  until  a retrieval  vehicle  arrives.  Most  of  the  PM  and  the 
GN  (guidance  and  navigation  subsystem)  can  fail  without  vehicle  loss. 
Separation  subsystems  must  not  separate  inadvertently  because  the  PM  has 
no  attitude  control,  and  subsequent  docking  would  be  difficult,  if  not  imposs- 
ible.* Structural  failure  is  considered  as  severe  damage  but  not  complete 
separation,  and  explosions  are  not  shown.  In  fact,  since  this  is  a success 
path  diagram,  no  paths  lead  to  loss  of  safety. 


TIig  same  type  of  diagram  applies  to  each  phase  of  the  manned  lunar 
landing  mission.  Not  only  are  the  number  of  subsystems  increased  but  also 
the  number  and  variety  of  alternate  paths.  In  general,  stable  orbits  and  the 
lunar  surface  are  places  from  which  rescue  can  be  made;  and  the  PM  need 
not  be  operative  for  crew  safe ty.  Also,  the  CM  has  some  backup  means  for 
GN  and  CMD  (communication  and  data  management  subsystem)  if  only  the 
crew  observation  and  hardwire  control  lines.  This  redundancy  is  primarily 
continued  operation  with  either  GN  and  either  CDM.  When  both  GN's  fail, 
a resuce  mission  is  required.  Both  C DM 1 s cannot  fail,  because  attitude 
control  would  be  lost.  Four  outcomes  are  noted,  mission  success,  abort 
intact,  abort  without  the  cargo  module,  and  rescue  mission.  Before  brak- 
ing and  landing,  all  subsystem  success  is  the  general  criteria  for  mission 
success.  From  within  the  braking  and  landing  phase  to  the  end  of  the 
mission,  mission  continuation  becomes  the  dominant  abort  criterion;  so 
"abort  intact"  becomes  part  of  mission  success.  Loss  of  the  CAM  and  the 
rescue  requirement  are  always  mission  success  failures  but  crew  safety 
successes.  Tables  B-l  and  B-2  present  abort  considerations  and  sample 
states. 

•Note:  This  applies  when  IM-PM  interface  is  not  ground -assembled. 
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POI  — Phasing  Orbit  Injection 

TO  I — Transfer  Orbit  Injection 

SOI  — Synchronous  Orbit  Injection 

COI  — Circular  Orbit  Injection 

ROI  — Refueling  Orbit  Injection 

IM  — Intelligence  Module 

PM  — Propulsion  Module 

CM  — Crew  Module 

CAM  — Cargo  Module 

LG  — Landing  Gear 

Sep  — Separation  Subsystem 

Str  — Structure  Subsystem 

EPS  — Electrical  Power  Subsystem 

CS  — Cooling 

COM  — Communication  and  Data 
Management  Subsystem 

GN  — Guidance  and  Navigation 
Subsystem 

ACS  — Auxiliary  Control  Subsystem 
Prop  — Propellant 
FD  — Failure  Detection 
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Figure  B-6. 


Crew  Safety  Logic  for  Manned  Lunar  Landing  Mission- 
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Table  B-l.  Lunar  Landing  Abort  Considerations 


Abort 

Considerations 


Abort 


Mission  Features 


Hardware  Features 


Abort  Criteria 


Explanation 


Dependent  on  predictions  of  future  incapability 
based  on  current  assessment  of  mission 
hardware,  crew,  and  environmental  states 

Initiated  by  Crew  Action  only 

Most  critical  times  when  rescue  is  extremely 
difficult 

Deorbit,  deorbit  coast,  braking,  and 
landing 

Liftoff  to  phasing  orbit  injection 

Rescue  must  be  possible  during  lunar  orbit 
coast,  lunar  surface  operations,  phasing  orbit 
coast,  and  lunar  orbit  injection 

CM,  IM,  PM,  and  landing  gear  must  provide 
emergency  functional  success  for  crew  safety 
during  critical  mission  phases 

Lunar  surface  requires  least  mission  hardware 
operation 

Multiple,  internal  redundancy  required  in  CM, 
IM,  and  PM  for  acceptable  crew  safety 

Landing  gear  must  either  have  redundancy  or 
large  design  margins 

Inadvertent  separation  must  be  avoided 

Impossible  to  complete  mission 

Mission  hardware  performance  degradation 
below  acceptable  operational  levels  to  the 
"safe"  level 

Degradation  of  crew  capabilities 

Environment  excursion  beyond  planned  levels 

Rescue  when  crew  safety  with  mission  hardware 
is  less  than  crew  safety  with  rescue  hardware 
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Table  B-2.  Sample  Abort  States 


Sample  Abort  States 


Impossible 

mission 

completion 


Description 


Leakage  rate  of  pressurant,  propellant,  or 
crew  oxygen  sufficient  to  exhaust  the  supply 
before  planned  return  time 


P 


Rugged  lurain 


I 


Mission 

hardware 

performance 


Degradation 
of  crew 
capabilities 


Loss  of  visual  contact  with  lunar  surface 
Loss  of  cabin  pressure 

Reduction  of  electrical  power  to  emergency 
level 

Two  PM  engine  failures  (when  the  two 
remaining  and  RCS  are  sufficient  for 
emergency  landing  after  cargo  jettison) 


Illness  of  any  crewman 
Any  bleeding 

Accident  on  lunar  surface 


Environmental 
excursion 
beyond  planned 
levels 


Solar  radiation 

Lunar  surface  temperature 

Meteoroid  shower 


Rescue 


Degraded  RCS  capability  so  that  docking 
risk  is  increased 


Emergency  level  of  any  critical  function  on 
lunar  surface 
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HAZARD  IDENTIFICATION 

Every  subsystem  is  required  for  safety  success  at  some  time  during 
the  projected  tug  missions.  Therefore,  failure  of  that  subsystem  function 
constitutes  a hazard  to  the  continued  safety  of  hardware  and  crew.  A hazard 
is  a personnel  and  hardware  state  in  which  significant  loss  is  possible. 
Selection  of  hazards  for  analysis  emphasis  and  preventive  design  involves  an 
understanding  of  the  mission  objectives  as  well  as  the  potential  hardware 
failure  modes.  At  this  time  in  the  tug  studies,  experience  on  similar  sub- 
systems is  substituted  for  a detailed  hardware  analysis.  In  general,  each 
hazard  is  a system  characteristic  which  could  be  slighted  during  the  analysis 
of  each  subsystem.  Several  general  hazards  have  been  identified. 

Loss  of  Attitude  Control 

This  function  is  required  for  mission  success  during  all  mission  phases 
and  for  safety  during  all  flight  phases.  Recovery  of  the  tug  is  considered 
unlikely  if  attitude  control  is  lost  in  flight  because  of  the  resulting  uncon- 
trolled motion  and  the  docking  difficulty. 

Damage  to  Adjacent  Vehicles 

Large  losses  are  possible  from  collision  with  other  space  program 
vehicles;  e.  g.  , earth  orbit  space  station,  lunar  orbit  space  station,  lunar 
surface  base,  propellant  facility,  and  expensive,  autonomous  experiment 
modules.  Use  of  the  tug  as  a shuttle  among  vehicles  provides  frequent 
exposure  to  severe  damage.  Subsystems  directly  involved  are  primarily  in 
the  IM;  i.  e.  , ACS  (for  translation  as  well  as  attitude),  CDM  (for  transla- 
tion of  commands  to  the  ACS),  and  GN  (for  trajectory  determination).  The 
PM  initiates  the  high  relative  velocity  maneuvers  and  must  provide  transla- 
tion sufficient  to  avoid  another  vehicle  when  properly  commanded.  When 
available,  the  CM  can  also  provide  some  redundancy  for  GN  and  command. 
The  special  case  when  the  tug  is  confined  in  the  shuttle  is  an  interface 
problem  during  earth  launch  and  return;  e.  g.  , mounting  failure  with 
resultant  destructive  movement  or  vapor  explosion  in  the  cargo  bay. 

Explosion 

Explosion  of  mixed  gases  can  be  made  very  remote  by  proper  design. 
The  IM  and  PM  use  both  hydrogen  and  oxygen  but  also  are  of  relatively  open 
construction.  Both  modules  are  steeped  in  the  vacuum  environment;  i.  e.  , 
leakage  can  be  immediately  dissipated.  The  causes  of  high  pressure  tank 
and  line  explosion  are  more  difficult  to  control  by  design  and  must  be  checked 
by  test.  Design  margin  can  be  provided  in  non-frangible  material  and  each 
tank  and  line  can  be  proof  pressure  tested;  but  the  possibility  still  exists  of 
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a high  pressure  rupture.  Physical  isolation  of  redundant  pressure  containers 
is  a further  safeguard  against  explosions  that  cannot  be  allowed  to  occur. 

F ire 


Fire  also  falls  in  the  category  of  a hazard  which  cannot  be  allowed  in 
the  tug.  Material  compatibility  is  the  key  to  this  problem  and  special 
attention  to  flammability  limits  of  each  detailed  material  in  its  environment 
is  necessary.  In  addition,  the  starting  means  (high  temperature  source) 
must  be  eliminated  by  hermetic  sealing  or  solid  state  circuitry  for  switches, 
routing  of  high  tension  wires  in  vacuum,  and  monitoring  cabin  atmosphere 
composition.  The  means  of  fire  avoidance  are  available  and  must  be  applied 
in  detailed  design. 

Inadvertent  Separation 

This  hazard  exists  because  of  specification  of  functions  in  separate 
modules.  Concentration  of  the  ACS  in  the  IM  only  prohibits  PM  or  CM  from 
existing  independently  in  orbit  because  of  tumbling.  Providing  electrical 
power  generation  in  the  IM  only  eliminates  independent  PM  or  CM  operation. 
Interconnectors  must  be  designed  with  margin  and  internal  redundancy  to 
prevent  inadvertent  separation.  (This  problem  is  negligible  with  ground 
assembly  of  modules.  ) 

External  Environment  Excursion. 

Manned  space  tug  missions  are  short  enough  for  accommodation  by 
reliable  predictions  of  sun  spot  activity.  Solar  wind  shelter  for  men  at 
either  end  of  the  excursion  are  necessary;  e.  g.  , lunar  orbit  and  earth 
orbit  space  stations.  Equipment  design  can  utilize  margin  for  noise  con- 
trol and  provide  added  reliability  for  other  environments.  Special  shielding 
should  be  avoided  as  providing  no  functional  improvement  for  most  of  the 
tug  lifetime.  Meteoroid  frequency  is  characterized  by  model  distributions 
with  respect  to  size,  density,  and  velocity.  The  essential  feature  of  these 
models  is  their  dependence  on  exposure  time  only,  not  location:  a meteoroid 

is  as  apt  to  strike  at  one  point  in  earth  orbit  as  at  any  other.  However,  some 
consideration  of  time  in  orbit  and  module  criticality  provide  clues  to  shield- 
ing distribution.  For  example,  the  criterion  of  crew  safety  would  allow  the 
following  distribution. 

1.  IM  - Provide  shielding  sufficient  for  full  in-space  time 
resistance  because  subsystem  operations  are  required 
for  recovery.  (Relatively  minor  weight  penalty.  ) 

2.  PM  - No  shielding  required.  Shielding  would  severely 
penalize  performance.  Retrieval  is  possible  with  the  PM 
completely  disabled.  Inspection  before  mission  usage 
would  reveal  damage. 
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3.  CM  - Provide  shielding  sufficient  for  manned  occupation 
in  space.  This  would  occur  on  missions  only  - not  on 
quiescent  storage  in  space  between  missions.  Retrieval 

is  possible  as  long  as  the  IM  is  operative.  Inspection  before 
mission  usage  would  reveal  damage. 

4.  Cargo  Module  - No  shielding  required.  Short-time  mission 
operations  reduce  the  chance  of  puncture  with  cargo  inside. 
Inspection  following  storage  would  reveal  damage. 

ALTERNATE  OPERATIONAL  PROCEDURES 

At  this  time,  several  alternate  operational  procedures  for  reducing 
hazards  can  be  suggested  for  further  study. 

1.  Loss  of  attitude  control  - Provide  cold  gas  jets  on  the  PM 
directly  from  the  hydrogen  tank  for  IM-RCS  backup,  and 
provide  gas-operated,  body-mounted  gyros  in  the  PM  for 
emergency  stabilization  control. 

2.  Damage  to  adjacent  vehicles  - Provide  dual  control  for  all 
docking  maneuvers,  primarily  from  the  larger  vehicle  with 
alternate  from  the  tug. 

3.  Explosion  - Replenish  the  tug  with  propellants  in  orbit, 
outside  of  the  shuttle  cargo  bay,  or  keep  the  cargo  bay 
ventilated  at  all  times. 

4.  Fire  - No  current  alternatives. 

5.  Inadvertent  separation  - Assemble  IM  and  other  modules  on 
the  ground  for  specific  missions.  Maintain  them  in  orbit  in 
their  original  configurations.  Interfacing  provisions  would 
be  light  in  weight  and  fixed  securely. 

6.  External  environment  excursion  - Allow  special  tug  orienta- 
tion (e.  g.  , PM  toward  Sun)  during  high  solar  activity,  thus 
shielding  IM  and  CM. 

RESCUE  MISSION  CAPABILITY 

Rescue  capability  improves  safety  and  possibility  of  mission  success. 
Safe  return  of  the  crew  is  mandatory,  and  return  of  disabled  hardware  is 
required  by  economy,  even  though  the  mission  is  interrupted.  NASA 
objectives  demand,  at  the  minimum,  safe  operation.  Mission  success  is 
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also  increased  by  the  capability  of  repair  in  order  to  attempt  the  mission 
again. 


From  a reliability  and  safety  point  of  view,  the  space  tug  is  an 
excellent  rescue  vehicle.  The  redundancies  and  durations  required  for 
normal  operation  are  more  than  adequate  for  a rescue  mission.  Mission 
continuation  is  the  prime  abort  criterion,  since  loss  of  the  rescue  mission 
means  crew  loss  in  any  case.  For  a single  sortie  of  rescue  operations,  the 
probability  of  success  is  much  higher  than  for  the  cumulative,  ten  sorties 
required  over  the  three  years  of  expected  space  tug  life. 

In  addition,  the  incidence  of  rescue  will  be  rare,  and  the  joint  proba- 
bility of  a need  for  rescue  and  a failure  to  rescue  is  very  small.  A rescue 
mission  should  occur  infrequently  — once  in  a hundred  manned  flights.  Fail- 
ure during  rescue  could  have  a smaller  incidence  frequency  — one  in  a thousand 
rescue  attempts.  Joint  occurrence  of  both  failures  is  only  one  in  a hundred 
thousand.  At  10  manned  flights  per  year,  failure  to  rescue  when  needed 
would  then  occur  10,  000  years  apart. 

CREW  SAFETY  SENSITIVITY  TO  FLIGHT  SCHEDULE  AND  SPACECRAFT 
TURNAROUND  TIME 

Most  parts  of  the  tug  will  have  a long  enough  life  that  the  overall 
failure  model  can  be  predicted  as  exponential;  i.  e.  , a relatively  constant 
failure  rate.  This  type  of  distribution  has  been  experienced  within  the 
expected  life  of  components  common  to  many  spacecraft.  Even  though  any 
particular  tug  could  fail  on  any  flight,  over  the  entire  population  of  tugs  the 
failures  will  probably  be  evenly  distributed  with  time  of  flight.  This  is  a 
result  of  good  design;  i.e.  , wear-out  of  any  part  has  been  compensated  for 
by  increasing  marginal  or  preventive  maintenance.  The  multitude  of 
improbable  failures  are  extremely  difficult  to  fix  analytically,  expensive  to 
design  around,  and  impractical  to  find  by  test.  Since  absolute  verification 
of  the  distribution  is  infinitely  expensive,  the  true  distribution  is  never 
known.  From  a practical  standpoint,  as  long  as  the  failure  rate  is  lower 
than  some  reasonable  value,  the  ease  of  constant  failure  rate  utilization 
conservatively  justifies  its  use.  A continuously  varying  failure  rate  (i.e.  , 
high  for  early  and  later  times  with  an  intermediate  minimum)  is  probably 
more  accurate,  but  difficult  to  handle  analytically  and  impossible  to  verify. 
Life-limited  items  will  influence  the  later  flights  but  not  greatly  because  the 
design  and  maintenance  will  compensate. 

Each  in-space  turnaround  must  include  adequate  time  for  failure 
detection.  Since  any  failure  can  occur  at  any  time,  detection  is  a prime 
requirement  for  continued  safety.  Redundancy  for  safe  return  must  be 
assured  before  every  flight.  Detailed  and  redundant  instrumentation  is  the 
key  to  successful  detection,  and  requires  time  for  measurement  data 
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reduction,  and  data  analysis.  Before  a flight,  any  failure  can  be  "corrected" 
(i.e.  , prevented  from  resulting  in  loss  of  crew)  by  individual  fault  repair  or 
by  return  of  the  entire  tug  to  earth  for  overhaul.  Scheduling  time  for  opera- 
tional status  determination  between  each  flight  is  a necessity. 

Extremely  short  turn-around  times  cause  human  factors  problems. 
Crew  performance  under  increasing  stress  becomes  less  accurate;  more 
errors  occur.  This  could  result  not  only  in  undetected  failures  but  also  in 
induced  failures.  Turn-around  times  which  allow  routine  maintenance  with 
ground  verification  are  required. 

Utilization  of  the  space  tug  for  many  flights  early  in  the  allowable 
3-year  life  increases  the  overall  probability  of  success  by  eliminating  long, 
quiescent,  in- space  storage  degradation.  If  every  failure  were  detectable 
before  a flight,  the  crew  safety  would  be  relatively  independent  of  turn- 
around time,  since  the  probability  of  failure  during  a single  flight  is 
relatively  constant.  However,  measurement  quantity  would  be  extensive  and 
impractical  for  some  minute  kinds  of  failure.  Even  though  in-space  storage 
is  relatively  reliable  (no  atmospheric  contamination),  other  factors  are 
continuously  degrading  the  potential  performance;  e.  g.  , solar  and  trapped 
particle  radiation,  internal  contaminant  corrosion,  and  outgassing  into 
vacuum.  Projected  flight  schedules  could  allow  an  average  of  approximately 
3-1/2  months  storage  between  each  flight  and  3 years  in  space  is  still  a long 
time  by  present  standards  for  manned  vehicles. 

The  trend  of  success  with  schedule  and  turn-around  time  is  shown  in 
Figure  B-10.  Short  time  degradation  is  a function  of  crew  competence  in 
performing  maintenance  under  stress.  Long  time  degradation  is  a more 
gradual  function  of  equipment  failure  after  long,  in- space  storage.  Some 
intermediate  turn-around  time  is  best  for  success. 

The  maximum  probability  of  10  successful  flights  depends  on  the 
detailed  design  of  the  space  tug  for  rapid  failure  detection  and  long  life 
design. 

SINGLE  POINTS  OF  FAILURE  ANALYSIS 
Module  Criticality 

Criticality  matrices  were  developed  for  the  criteria  of  mission 
success,  safety,  and  crew  safety  for  several  typical  missions.  Each  matrix 
identified  the  subsystem  requirement  in  each  mission  phase  against  the 
applicable  criterion.  Retrieval  of  a disabled,  unmanned  tug  and  rescue  of 
a disabled,  manned  tug  were  considered  possible  from  any  stable  orbit  and 
the  lunar  surface  by  another  tug  in  low  earth  or  lunar  orbit. 
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Figure  B - 10.  Crew  Safety  Sensitivity  to  Turn-around  Time. 


It  is  logical  and  evident  from  Table  B-3  that  all  modules  are 
necessary  for  mission  success;  i.  e.  , are  mission  critical.  Different 
contributions  are  made  to  safety  because  of  the  additional  modes  for  return 
without  accomplishing  the  mission.  Only  the  IM  is  required  for  all  success 
criteria  in  all  mission  phases  of  all  missions.  The  CM  is  next  in  criticality 
by  requiring  success  in  all  manned  missions.  Propulsion  need  not  be 
successful  to  return  either  crew  or  hardware  from  orbit  or  lunar  surface 
because  of  the  rescue  and  retrieval  tug.  Catastrophic  failures  must  be 
considered  and  designed  around  so  that  the  probability  of  occurrence  is 
acceptably  small.  Lunar  landing  legs  are  critical  on  the  lunar  surface  not 
only  for  landing  but  also  for  support  during  the  lunar  stay.  Although  landing 
implies  a severe  shock,  the  continued  support  during  temperature  extremes 
is  not  easy,,  especially  when  reuse  is  a requirement.  A properly  designed 
cargo  module  (1)  need  never  be  crew  safety  critical  since  this  module 
passively  carries  cargo  without  the  need  for  active  environmental  control 
and  (2)  can  be  jettisoned  in  emergency. 

Subsystem  Criticality 

Individual  subsystems  within  each  module  have  been  evaluated  for 
necessary  functions  contributing  to  mission  success,  safety  (unmanned)  and 
crew  safety  (manned).  Tables  B-3  through  B-10  present  subsystem 
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Table  B-3.  Module  Criticality 


w 
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Module 

Unmanned 
Space  Missions 

Unmanned 
Lunar  Landing 

Manned 

Space  Missions 

Manned 
Lunar  Landing 

Mis  sion 
Success 

Hardware 

Safety 

Mission 

Success 

Hardware 

Safety 

Mission 

Success 

C rew 
Safety 

Mission 

Success 

C rew 
Safety 

Intelligence  module  (IM) 

X 

X 

X 

X 

X 

X 

X 

X 

Crew  module  (CM) 

NA 

NA 

NA 

NA 

X 

X 

X 

X 

Propulsion  module  (PM) 

X 

X 

X 

X 

X 

X 

Lunar  landing  legs 

NA 

NA 

X 

X 

NA 

NA 

X 

X 

Cargo  module 

X 

X 

X 

X 

X 

X 

Notes 

IM  required  for  all  success  criteria  in  all  mission  phases  of  all  missions. 
Selected  subsystems  within  the  CM  required  for  safety. 

PM  required  for  safety  on  lunar  landing,  suborbital  flight  only. 

Lunar  landing  legs  are  critical  on  lunar  surface. 

Cargo  module  is  never  crew  safety  critical. 


Space  Division 

North  American  Rock  well 


MB 


Table  B-4.  Geosynchronous  Mission — Unmanned  forSingle  Stage  Operations 


Intelligence  Module 


Sep  Str  EPS  CS  CDM 


MISSION  SUCCESS 


1.  Phasing  orbit  injection 

xU> 

X 

X 

2.  Phasing  orbit  coast 

X 

X 

X 

3.  Transfer  orbit  injection 

X 

X 

X 

4.  Transfer  orbit  coast 

X 

X 

X 

5.  Synchronous  orbit  injection 

X 

X 

X 

5a.  Payload  operations  (undefined) 

X 

X 

X 

6.  Transfer  orbit  injection 

X 

X 

X 

7.  Transfer  orbit  coast 

X 

X 

X 

8.  Phasing  orbit  injection 

X 

X 

X 

9.  Phasing  orbit  coast 

X 

X 

X 

10.  Circular  orbit  injection 

X 

X 

X 

XXX 

XXX 

XXX 

XXX 


XXX 

XXX 

XXX 

XXX 


Propulsion  Module 


Prop. 

GN  ACS  EPS  Sep  Str  Eng  Supply 


(Accomplishing  the  payload  ops  and 
returning  all  hardware  to  low  earth 
circulated  orbit.  ) 


xO)  x x(^) 


X X 

X X 

X X 


Space  Division 

North  American  Rockwell 
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Table  B-4.  Geosynchronous  Mission — Unmanned  for  Single  Stage  Operations  (Cont) 


CO 

i 

u> 


Intelligence 

Module 

Propulsion  Module 

Mission  Phase 

Sep 

Str 

EPS 

CS 

CDM 

GN 

ACS 

EPS 

Sep 

Str 

Eng 

Prop. 

Supply 

HARDWARE  SAFETY 

(Returning  all  hardware  to 
circular  orbit.  ) 

low  earth 

1. 

Phasing  orbit  injection 

x(4) 

X 

X 

X<5> 

X 

(6) 

X 

X(4> 

2. 

Phasing  orbit  coast 

X 

X 

X 

X 

X 

X 

X 

3. 

Transfer  orbit  injection 

X 

X 

X 

X 

X 

X 

X 

4. 

Transfer  orbit  coast 

X 

X 

X 

X 

X 

X 

X 

5. 

Synchronous  orbit  injection 

X 

X 

X 

X 

X 

X 

X 

5a. 

Payload  operations  (undefined) 

X 

X 

X 

X 

X 

X 

X 

6. 

Transfer  orbit  injection 

X 

X 

X 

X 

X 

X 

X 

7. 

Transfer  orbit  coast 

X 

X 

X 

X 

X 

X 

X 

8. 

Phasing  orbit  injection 

X 

X 

X 

X 

X 

X 

X 

9. 

Phasing  orbit  coast 

X 

X 

X 

X 

X 

X 

X 

10. 

— 

Circular  orbit  injection 

X 

X 

X 

X 

X 

X 

X 

— — 

(1)  Inadvertent  separation  of  either  payload  or  PM  from  IM. 

^ Propellant  supply  performs  the  function  of  retaining  propellants  throughout  the  mission. 
W Electrical  distribution  system  only. 

(4)  Inadvertent  separation  of  PM  from  IM. 

P'  Cooling  system  required  for  EPS  operation. 

(6)  Recovery  vehicle  can  use  its  own  GN. 

Code: 

Sep  - Separation  subsystem 

Str  - Structure  subsystem 

EPS  - Electrical  power  subsystem 

CS  - Cooling  subsystem 

ACS  - Auxiliary  control  subsystem 


.V 


Space  Division 
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Table  B-5.  Sun-Synchronous  Mission — Unmanned  for  Mode  1 

(Roundtrip  From  EOSS) 


Intelligence  Module 

Propulsion  Module 

Prop. 

Mission  Phase 

Sep  Str  EPS  CS  CDM  GN 

ACS 

EPS  Sep  Str  Eng  Supply 

M SMON  SUCCESS 

1.  Phasing  orbit  injection 
(including  undocking  from 
EOSS) 

x<» 

X 

X 

X 

X 

X 

X 

x<3> 

X<») 

2.  Phasing  orbit  coast 

X 

X 

X 

X 

X 

X 

X 

X 

X 

3.  Transfer  orbit  injection 

X 

X 

X 

X 

X 

X 

X 

X 

X 

4.  Transfer  orbit  coast 

X 

X 

X 

X 

X 

X 

X 

X 

X 

5.  Synchronous  orbit  injection 

X 

X 

X 

X 

X 

X 

X 

X 

X 

5a.  Payload  operations 

X 

X 

X 

X 

X 

X 

X 

x 

x 

6.  Transfer  orbit  injection 

X 

X 

X 

X 

X 

X 

X 

X 

X 

7.  Transfer  orbit  coast 

X 

X 

X 

X 

X 

X 

X 

X 

X 

8.  Phasing  orbit  injection 

X 

X 

X 

X 

X 

X 

X 

X 

X 

9.  Phasing  orbit  coast 

X 

X 

X 

X 

X 

X 

X 

X 

X 

10.  Circular  orbit  injection 

(including  docking  to  EOSS) 

X 

X 

X 

X 

X 

■ 

X 

X 

X 



HARDWARE  SAFETY 


1.  Phasing  orbit  injection 
(including  undocking  from 
EOSS) 

X<4> 

X 

X 

X<5) 

X 

(6) 

X 

2.  Phasing  orbit  coast 

X 

X 

X 

X 

X 

X 

3.  Transfer  orbit  injection 

X 

X 

X 

X 

X 

X 

Space  Division 

North  American  Rockwell 


able  B-5.  Sun-Synchronous  Mission — Unmanned  for  Mode  1 

(Roundtrip  from  EOSS)  (Cont) 


Mission  Phase 


Intelligence  Morale 


Sir  EPS  CS  CDM  GN  ACS 


HARDWARE  SAFETY  (CONT) 


4.  Transfer  orbit  coast  X X X X X X 

5.  Synchronous  orbit  injection  X X X X X X 

5a.  Payload  operations  (undefined)  X X X X X X 

6.  Transfer  orbit  injection  X X X X X X 

7.  Transfer  orbit  coast  X X X j X X X 

8.  Phasing  orbit  coast  X X X X X X 

9.  Phasing  orbit  coast  X X X X X X 

10.  Circular  orbit  injection  X X X X X X 

(including  docking  to  EOSS) 

(2)  Inadvertent  separation  of  either  payload  or  PM  from  IM. 

(3)  ^r°Pellant  supply  performs  the  function  of  retaining  propellants  throughout  the  mission. 

(4)  EIectrical  distribution  system  only. 

Inadvertent  separation  of  PM  from  IM. 

(6)  Coolin8  system  required  for  EPS  operation. 

Recovery  vehicle  can  use  its  own  GN. 


Propulsion  Modult 


Prop. 

EPS  Sep  Str  Eng  Supply 


Sep 

Str 

EPS 

CS 

ACS 


Separation  subsystem 
Structure  subsystem 
Electrical  power  subsystem 
Cooling  subsystem 
Auxiliary  control  subsystem 


Space  Division 

North  American  Rockwell 
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Table  B-6.  Sun-Synchronous  Mission — Unmanned  for  Mode  2 
(Roundtrip  From  EOSS  With  Refueling  Stop  at  100  n mi  and 

101.7  Degrees  Inclination) 


Intelligence  Module 

Propulsion  Module 

Mission  Phase 

Sep 

Str 

EPS 

cs 

CDM 

GN 

ACS 

EPS 

Sep 

Str 

Eng 

Prop. 

Supply 

MISSION  SUCCESS 

— _ 

1. 

Phasing  orbit  injection 
(including  undocking  from 
EOSS) 

xO> 

X 

X 

X 

X 

X 

X 

X 

xU> 

X 

X 

X 

z. 

Phasing  orbit  coast 

X 

X 

X 

X 

X 

X 

X 

X 

• 

3. 

Transfer  orbit  injection 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

4. 

Transfer  orbit  coast 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

5. 

Synchronous  orbit  injection 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

5a. 

Payload  operations 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

6. 

Transfer  orbit  injection 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

7. 

Transfer  orbit  coast 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 1 

X 

8. 

Refueling  orbit  injection 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

x 

X 

9. 

Refuel 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

10. 

Phasing  orbit  injection 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

11. 

Phasing  orbit  coast 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

12. 

Transfer  orbit  injection 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

Table  B-6.  Sun-Synchronous  Mission — Unmanned  for  Mode  2 
(Roundtrip  From  EOSS  With  Refueling  Stop  at  100  n mi- and 
101.  7 Degrees  Inclination)  (Cont) 


Mission  Phase 


13.  Transfer  orbit  coast 

14.  Circular  orbit  injection 
(including  docking  with  EOSS) 


1.  Phasing  orbit  injection 
(including  undocking  from 
EOSS) 


Intelligence  Module 

Propulsion 

Module 

Sep  Str  EPS  CS  CDM 

GN  ACS 

EPS  Sep  Str 

Eng 

Prop. 

Supply 

MISSION  SUCCESS  (CONT) 


X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

xO)  X 


HARDWARE  SAFETY 


X<3)  X H) 
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Table  B-6.  Sun-Synchronous  Mission — Unmanned  for  Mode  2 
(Roundtrip  From  EOSS  With  Refueling  Stop  at  100  n mi  and 
101.7  Degrees  Inclination)  (Cont) 


Intelligence  Module 


Propulsion  Module 


Mission  Phase 


10.  Phasing  orbit  injection 

11.  Phasing  orbit  coast 

12.  Transfer  orbit  injection 

13.  Transfer  orbit  coast 

14.  Circular  orbit  injection 
(including  docking  with  EOSS) 


Inadvertent  separation  of  PM  from  IM. 


Str  EPS  CS  CDM  ON 


HARDWARE  SAFETY  (CONT) 


In  case  of  failure  during  refueling,  return  to  ground  by  Shuttle. 
Cooling  system  must  work  for  EPS  operation. 

Use  GN  of  recovery  vehicle. 


EPS  Sep 


Prop. 

Str  Eng  Supply 


Separation  system 
Structure  subsystem 
Electrical  power  subsystem 
Cooling  subsystem 
Auxiliary  control  subsystem 


hi1  ipii  iiimnwii  — m 


I?  - 


f ■ " i - 


Table  B-7.  Sun-Synchronous  Mission — Unmanned  for  Mode  3 
(Roundtrip  to  Shuttle  in  101.  7 Degrees  Inclination) 


Mission  Phase 


1.  Phasing  orbit  injection 

(including  separation  from 
Shuttle) 


2.  Phasing  orbit  coast 

3.  Transfer  orbit  injection 

4.  Transfer  orbit  coast 

5.  Synchronous  orbit  injection 
5a.  Payload  operations 

6.  Transfer  orbit  injection 

7.  Transfer  orbit  coast 

8.  Phasing  orbit  injection 

9.  Phasing  orbit  coast 


10.  Circular  orbit  injection 

(including  docking  to  Shuttle) 


1.  Phasing  orbit  injection 

(including  separation  from 
Shuttle) 


2.  Phasing  orbit  coast 

3.  Transfer  orbit  injection 


Intelligence  Module 


Propulsion  Module 


Prop. 

Sep  Str  EPS  CS  CDM  GN  ACS  EPS  Sep  St  r Eng  Supply 


MISSION  SUCCESS 


X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

HARDWARE  SAFETY 


X X 


X X 


a 


1 I 
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Table  B-7.  Sun-Synchronous  Mission — Unmanned  for  Mode  3 
(Roundtrip  to  Shuttle  in  101.  7 Degrees  Inclination)  (Cont) 


Intelligence  Module 


Propulsion  Module 


Mission  Phase 


4.  Transfer  orbit  coast 

5.  Synchronous  orbit  injection 
5a.  Payload  operations 

6.  Transfer  orbit  injection 

7.  To  coast 

8.  Phasing  orbit  injection 

9.  Phasing  orbit  coast 

10.  Circular  orbit  injection 

(including  docking  to  Shuttle) 


Str  EPS  CS  CDM  GN 


HARDWARE  SAFETY  (CONT) 


EPS  Sep 


Prop. 

Str  Eng  Supply 


Code: 


Sep  - Separation  subsystem 

Str  - Structure  subsystem 

EPS  - Electrical  power  subsystem 

CS  - Cooling  subsystem 

ACS  - Auxiliary  control  subsystem 


Space  Division 

North  American  Rockwell 


«!•] 
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Table  B-9.  Manned  Lunar  Landing  Mission  for  NASA  Mode  C 


Crew  Module 


Intelligence  Module 


Propulsion  Module 


Mission  Phase 


Crew  Transport 

1.  Lunar  orbit  coast 

2.  De-orbit 

3.  De-orbit  coast 

4.  Braking  and  landing 

5.  Lunar  surface  operations 

6.  Liftoff  through  phasing  orbit  injection 

7.  Phasing  orbit  coast 

8.  Lunar  orbit  injection 

9.  Lunar  orbit  coast 

Cargo  Transport 

1.  Lunar  orbit  coast 

2.  De-orbit 

3.  De-orbit  coast 

4.  Braking  and  landing 

5.  Lunar  surface  operations 

6.  Liftoff  through  phasing  orbit  injection 

7.  Phasing  orbit  coast 

8.  Lunar  orbit  injection 

9.  Lunar  orbit  coast 


EC/  Prop. 

Sir  | LSS  EPS  CS  CDM  GN  Sep  Str  EPS  CS  COM  ON  ACS  EPS  Sep  Str  Eng  Supply 

MISSION  SUCCESS 


Cargo 

Module 


Not  applicable 


CREW  SAFETY 


Crew  Transport 

1.  Lunar  orbit  coast 

2.  De-orbit 

3.  De-orbit  coast 

4.  Braking  and  landing 

5.  Lunar  surface  operations 

(>•  Liftoff  through  phasing  orbit  injection 

7.  Phasing  orbit  coast 

8.  Lunar  orbit  injection 

9.  Lunar  orbit  coast 


Lunar  orbit  coast 

De-orbit 

De-orbit  coast 

Breaking  and  landing 

Lunar  surface  operations 

Liftoff  through  phasing  orbit  injection 

Phasing  orbit  coast 

Lunar  orbit  injection 

Lunar  orbit  coast 


Not  applicable 


Sep  - Separation  subsystem 

Str  - Structure  subsystem 

EPS  - Electrical  power  subsystem 

CS  - Cooling  subsystem 

ACS  - Auxiliary  control  subsystem 


Space  Division 

North  American  Rockwell 
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Table  B-10.  Manned  Lunar  Landing  Mission  for  NASA  Mode  D 

Crew  Module 


Sep 


Str 


EC/ 

LSS 


EPS 


CS 


Crew  Transport 


Lunar  orbit  coast 
De-orbit 
De-orbit  coast 
Braking  and  landing 
Lunar  surface  operations 
Liftoii  through  phasm,  .';.b4t  injection 
Phasing  orbit  coast 
Lunar  orbit  injection 
Lunar  orbit  coast 

Cargo  Transport 


Lunar  orbit  coast 
De-orbit 
De-orbit  coast 
Braking  and  landing 
Lunar  surface  operations 
Liftoff  through  phasing  orbit  injection 
Phasing  orbit  coast 
Luna  r orbit  injection 
Lunar  orbit  coast 
F uel  Transport 


1. 

Z. 

3. 

4. 

5. 

4. 

7. 

a. 

4. 


Lunar  orbit  coast 
De- orbit 
De-orbit  coast 

Braking  and  "g 

Lnnar  surface  operations 
(inrlnding  fuel  transfer) 

L>ftoM  through  phasing  orba  injection 
Phasing  orba  coast 
Lunar  orbit  injection 
Lunar  orbit  coast 


Fuel  and  Cargo  Transport 
1.  Lunar  orbit  coast 
l.  De-orbit 
3.  De-orbit  coast 


X 

X 

X 

X 

X 

X 

X 

X 

X 


X 

X 

X 

X 

X 

X 

X 

X 

X 


X 

X 

X 

X 

X 

X 

X 

X 

X 


X 

X 

X 

X 

X 

X 

X 

X 

X 


Not  applicable 


Not  applicable 


Not  applicable 


Intelligence  Module 

Propulsion  Module 

Landing 
Ciea  r 

Cargo 

Module 

CDM 

| GN 

i-l i?p 

J_!1L 

EPS 

CS 

COM 

| CN 

ACS. 

EPS 

JZ 

Str 

Eng 

Prop. 

Supply 

M 

ISSIO 

N SUCC 

ESS 

X 

X 

X 

X 

X 

X 

X 

X 

X 

NA 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

NA 

X 

X 

X 

X 

X 

X 

X 

X 

X 

NA 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

NA 

X 

X 

X 

X 

X 

X 

X 

X 

NA 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

NA 

X 

X 

X 

X 

X 

X 

X 

X 

NA 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

NA 

X 

X 

X 

X 

X 

X 

NA 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

NA 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

NA 

X 

X 

X 

X 

X 

X 

X 

X 

X 

NA 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

NA 

X 

X 

X 

X 

X 

X 

X 

X 

X 

NA 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

NA 

X 

X 

X 

X 

X 

X 

X 

X 

X 

NA 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

NA 

X 

X 

X 

X 

X 

X 

X 

X 

X 

NA 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 
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Table  B-10.  Manned  Lunar  Landing  Mission  for  NASA  Mode  D (Cont) 


Crew  Module 


Intelligence  Module 


Propulsion  Module 


Mission  Phase 


Fuel  and  Cargo  Transport  (Cont) 

4.  Braking  and  landing 

5.  Lunar  surface  operations 
(including  fuel  and  cargo  transfer) 

6.  Liftoff  through  phasing  orbit  injection 

7.  Phasing  orbit  coast 

8.  Lunar  orbit  injection 

9.  Lunar  orbit  coast 


EC/ 

Sep  Str  L5S  EPS  CS 

COM  GN 

__ 

Sep 

Str 

EPS 

CS 

COM 

GN 

ACS 

■ — 
EPS 

Sep 

Str  Eng 

Prop. 

Supply 

Landing 

Gear 

MISSION  SUCCESS  (CONT) 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

Not  applicable 

X 

X 

X 

X 

X 

X 

X * 

X 

X 

X X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

CREW  SAFETY 


Crew  Transport 

1.  Lunar  orbit  coast 

2.  De-orbit 

3.  De-orbit  coast 

4.  Braking  and  landing 

5.  Lunar  surface  operations 

6.  Liftoff  through  phasing  orbit  injection 

7.  Phasing  orbit  coast 

8.  Lunar  orbit  injection 

9.  Lunar  orbit  coast 

Cargo  Transport 


1.  Lunar  orbit  coast 

2.  De-orbit 

3.  De-orbit  coast 

4.  Braking  and  landing 

5.  Lunar  surface  operations 
(including  refueling) 

6.  Liftoff  through  phasing  orbit  injection 

7.  Phasing  orbit  coast 

8.  Lunar  orbit  injection 

9.  Lunar  orbit  coast 

Fuel  Transport 


Fuel  and  cargo  transport 


iCot  applicable 


Not  applicable 


Code: 

Sep 

Str 

EPS 

CS 

ACS 


Separation  subsystem 
Structure  subsystem 
Electrical  oower  subsystem 
Cooling  subsystem 
Auxiliary  control  subsystem 
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criticalities  for  each  mission  phase  in  unmanned  geosynchronous;  unmanned 
sun- synchronous  Modes  1,  2,  and  3;  and  manned  lunar  landing  NASA  Modes 
A,  B,  C,  and  D. 

At  this  level  of  assembly,  the  subsystem  functions  are  all  required  for 
mission  success  during  some  portion  of  the  mission.  All  necessary  func- 
tions have  been  included  in  subsystem  operation  according  to  the  mission 
performance  requirements.  This  is  characteristic  of  a minimum  system 
design  and  is  an  excellent  starting  place  for  redundancy  considerations. 
Increased  durability  can  be  added  as  required  by  cost  and  criticality  trade- 
offs. Since  one  of  the  success  criteria  is  a low  number  of  single  points  of 
failure,  each  subsystem  needs  further  analysis  to  enable  recommendations 
of  complete  subsystem  or  major  element  redundancy. 


Safety  requires  return  of  tug  and  payload  to  a haven  under  normal  or 
emergency  conditions.  All  normal  operating  modes  for  mission  success 
constitute  safe  conditions  whether  or  not  failures  have  occurred.  Subsystem 
failures  which  leave  the  tug  in  a stable  orbit  with  attitude  control  are  still 
safe  because  rescue  of  crew  or  retrieval  of  equipment  should  always  be 
possible  by  a stand-by  tug  in  low  earth  or  lunar  orbit.  However,  the 
primary  tug  return  mode  is  with  internal  equipment,  whenever  possible; 
e.  g.  , loss  of  fine  attitude  control  necessary  for  docking  need  not  deter  the 
tug  from  translating  into  the  haven  vicinity  before  being  retrieved. 

As  indicated  by  module  criticality,  most  subsystems  in  the  IM  are 
safety  critical  for  unmanned  operation.  The  separation  subsystem  must  not 
separate  inadvertently  because  the  modules  attached  to  the  IM  have  no 
attitude  control;  i.  e.  , no  means  of  remaining  stable  for  possible 
re -attachment.  Structural  failure  in  general  could  result  in  loss  of  any  or 
all  functions.  Loss  of  electrical  power  would  stop  all  active  functions. 
Retention  of  adequate  cooling  is  necessary  to  retain  electrical  power. 


The  communications  and  data  management  subsystem  (CDM)  contains 
the  computers  for  sequential  commanding  of  active  functions.  Attitude 
control  can  only  be  accomplished  by  the  auxiliary  control  subsystem.  The 
only  IM  functions  not  safety  critical  for  unmanned  operation  are  contained  in 
the  guidance  and  navigation  subsystem  (GN)  which  are  duplicated  by  a 
retrieval  tug.  Two  redundancies  are  achieved  by  the  addition  of  crew:  CDM 
and  GN.  The  crew  can  take  over  any  computer  and  guidance  function. 


The  PM  fares  much  better  for  number  of  safety  critical  subsystems; 
i.  e.  , the  separation  subsystem  is  the  only  one  for  stable  orbits.  Inadver- 
tent separation  (if  not  ground-assembled)  would  leave  the  PM  stranded.  All 
other  subsystems  can  fail  and  the  assembly  would  remain  in  orbit  under 
controlled  attitude  until  retrieval.  For  suborbital  flight,  such  as  lunar 
landing  and  liftoff,  propulsion  becomes  critical  since  retrieval  is  considered 
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impractical  within  the  time  constraints.  Proper  operation  of  the  electrical 
power,  structure,  engine,  attitude  control,  and  propellant  supply  subsystems 
is  required  to  prevent  catastrophic  lunar  surface  impact  . 

Propulsion  subsystem  success  is  always  required  for  mission  success 
but  seldom  for  crew  safety.  Transport  of  the  IM,  CM,  and  cargo  modules 
with  high  impulse  in  a short  time  requires  a large  reservoir  of  propellants 
used  at  reasonable  thrust.  From  the  first  mission  phase  (phasing  orbit 
injection)  to  the  last  (circular  orbit  injection,  ) propulsion  must  provide  the 
energy  for  payload  insertion  in  a desired  orbit  and  crew  return  to  a long- 
duration  haven. 

Crew  safety  is  affected  by  propulsion  subsystem  failure  only  when 
crew  rescue  or  hardware  recovery  is  not  possible.  Rescue  or  recovery  is 
possible  from  all  orbital  trajectories  and  from  the  lunar  surface  by  a standby 
tug  in  earth  or  lunar  orbit.  Critical  propulsion  failures  occur  during  lunar 
suborbital  trajectories;  i.e.,  deorbit  from  lunar  orbit,  deorbit  coast, 
braking  and  landing,  and  liftoff  through  phasing  orbit  injection.  Loss  of 
propulsion  during  these  critical  phases  would  result  in  a crash  landing  on 
the  lunar  surface  since  rescue  time  is  so  limited. 

Redundancy  should  be  applied  to  the  propulsion  subsystem  only  where 
necessary  to  provide  reasonable  mission  success  and  crew  safety,  i.e.  , 
selected  multiple  redundancy"  (RFP).  Multiple  full  size  propellant  tanks 
are  not  feasible,  but  an  emergency  tank  for  lunar  landing  may  be  just  the 
addition  necessary  to  minimize  crew  loss  due  to  single  failures.  Table  B-ll 
illustrates  an  increasing  reliability  sequence.  Pressurization  can  multiply 
redundancy  easily  because  of  the  many  small  components  and  assemblies 
involved,  e.  g.  , quad  check  valves. 

Engine  redundancy  is  decided  by  a combination  of  mission  requirements 
and  development  expense.  Rocket  engines  are  notorious  for  catastrophic 
failure  since  they  contain  and  control  a mixture  of  extreme  environments. 
Therefore,  development  of  reasonable  reliability  has  been  expensive. 

Mission  characteristics  define  criticality  of  the  propulsion  function,  e.  g.  , 
non-critical  in  orbital  flight  and  critical  during  lunar  sub-orbital  flight. 
Matching  reasonable  reliability  with  mission  requirements  dictates  multiple 
engines  unless  extensive  internal  redundancy  and  large  margins  are  allowed. 

Tug  propulsion  reliability  is  satisfied  by  a four  engine  configuration. 

The  mission  can  be  successfully  accomplished  on  any  three,  and  emergency 
landing  and  return  can  be  accomplished  on  any  two.  Successful  performance 
of  any  one  engine  would  provide  a large  translation  capability  in  orbit  and 
may  even  supplement  IM-RCS  translation  capabilities.  For  lunar  landing, 
the  redundancy  is  Fail  Operational-Fail  Safe;  and  for  all  other  missions, 
the  redundancy  is  Fail  Operation-Fail  Operational-Fail  Safe.  Failure 
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Table  B-ll.  Propellant  Tank  Redundancy 


Redundancy  Criterion 

Hardware  Definition 

F ail  Critical 

1 oxidizer  tank 

1 hydrogen  tank 

Fail  Safe 

1 oxidizer  tank  with  separate  sump  for 
emergency 

1 hydrogen  tank  with  separate  sump 
for  emergency 

Fail  Operational-Fail 
Safe 

1 oxidizer  tank  with  separate  sump  and 
an  8 percent  increase  in  strength 

1 hydrogen  tank  with  separate  sump  and 
an  8 percent  increase  in  strength 

Fail  Operational-Fail 
Operational-Fail  Safe 

1 oxidizer  tank  with  separate  sump  + 
15  percent  increase  in  strength 

1 hydrogen  tank  with  separate  sump  + 
15  percent  increase  in  strength 

detection  and  shutdown  means  are  required.  Single  engine  failure  during  the 
critical  lunar  landing  phases  would  not  compromise  mission  success  because 
the  failed  engine  and  the  opposite  engine  would  be  shut  down.  Double  engine 
failure  (engines  opposite  each  other)  would  not  compromise  crew  safety, 
since  the  failed  engines  would  be  shut  down  and  the  crew  boosted  to  orbit  or 
landed  safely,  depending  on  descent  or  ascent  trajectory  location.  The 
capability  of  cargo  jettison  may  be  required  to  provide  for  safe  operation 
on  any  two  engines. 
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The  critical  phases  during  the  lunar  landing  mission  describe  the  PM 
configuration  need  for  redundancy.  Other  missions  and  mission  phases 
need  not  have  that  redundancy  because  of  the  good  possibility  of  rescue 
from  orbit. 

Manned  missions  require  a CM  with  several  safety  critical  subsys- 
tems. Five  CM  subsystems  are  safety  critical:  separation,  structure, 

environmental  control  and  life  support,  electrical  power,  and  cooling. 
Inadvertent  separation  leaves  the  CM  stranded  without  attitude  control.  Any 
structural  break  could  damage  necessary,  adjacent  functional  equipment. 
Obviously,  life  support  is  required.  Electrical  power  is  necessary  to  run 
the  life  support  equipment,  and  cooling  is  required  for  electrical  power. 
Manned  operation  of  the  CDM  and  GN  in  the  CM  is  redundant  with  those 
similar  functions  in  the  IM. 

Single  Point  of  Failure  Modes  Identification 


Since  reliability  theory  cannot  determine  the  exact  times  of  failures, 
any  failure  can  occur  on  any  mission.  The  stochastic  model  generally  used 
predicts  failures  over  the  entire  population  (hopefully  large)  of  vehicles. 
Modelling  a probability  distribution  over  mission  times  predicts  a range  of 
probabilities  with  only  zero  time  representing  complete  success. 


Special  treatment  of  single  points  of  failure  is  necessary  in  order  to 
limit  the  risks.  Identification  provides  the  visibility  to  conduct  analyses, 
tests,  and  preflight  checks  for  each  design  configuration,  each  manufactured 
item,  and  each  mission.  Such  attention  provides  corrective  emphasis  and 
tends  to  reduce  the  immediate  failure  probabilities  by  verifying  design  and 
manufacturing  excellence. 


Single  points  of  failure  are  identified  by  their  effects.  Many  individual 
failures  may  not  in  themselves  cause  appreciable  loss  because  of  alternate 
operating  modes  or  redundant  equipments.  These  are  single  failures;  but 
since  their  effects  are  not  serious,  they  are  not  identified  as  single  points  of 
failure.  More  detailed  lists  of  all  failure  modes  may  be  made  during 
subsequent  contract  phases.  Single  failures  which  could  result  in  serious 
losses  receive  specific  recognition.  The  definition  inMHB5300.4  (1A), 
Reliability  Program  Provisions  for  Aeronautical  and  Space  System  Contrac- 
tors (April  1970)  has  been  followed: 


"Single  Failure  Point.  A single  element  of  hardware,  the  failure 
of  which  would  result  in  loss  of  objectives,  hardware,  or  crew,  as 
defined  for  the  specific  application  and/or  project  for  which  the 
single  point  failure  analysis  is  performed.  " 
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"Objectives"  is  associated  with  mission  success,  "hardware"  is 
limited  to  major  modules,  and  "crew"  is  identified  with  crew 
safety.  Further  generalization  has  been  made  to  summarize  the 
modes  of  failure,  as  required  by  S.  O,  W.  4. 2.  4. 

Identification  of  single  points  of  failure  has  been  based  on  work  already 
accomplished  on  this  contract  and  experience  from  prior  failure  mode 
analyses.  The  subsystem  criticality  tables  of  the  previous  section  narrow 
the  considerations  from  modules  to  subsystems  at  the  expense  of  identifying 
mission  phases.  Table  B-12  is  an  illustration  of  the  subsystem  single  points 
of  failure  for  the  lunar  landing  mission.  Major  component  redundancies,  as 
defined  in  Section  4.  2.  8.  1,  were  considered,  since  the  number  of  redun- 
dancies influences  the  single  failure  effects.  Next,  the  effects  of  failures 
in  non-redundant  and  singly  redundant  major  components  were  determined, 
Table  B-13.  Figures  B-ll  and  B-12  illustrate  the  relative  effects  of  subsys- 
tem failures  and  major  component  single  points  of  failure  for  typical  single 
stage  geosynchronous  missions.  All  subsystem  functions  are  required  for 
mission  success,  fewer  are  required  for  safety,  and  scattered  subsystems 
include  single  points  of  faiiure. 

A summary  of  the  failure  modes  is  presented  in  Table  B-14.  Explo- 
sions were  presumed  to  result  in  serious  loss  from  shrapnel  impingement 
on  critical  hardware.  No  special  shielding  was  considered.  A support 
structure  break  also  implied  the  subsequent  failure  of  adjacent  critical 
components  for  the  CM  and  IM  with  the  primary  landing  leg  failure  causing 
serious  loss.  Meteoroid  penetration  could  occur  anywhere  on  the  vehicle 
with  the  larger  surfaces  more  likely  to  be  damaged  than  the  smaller. 
Penetration  into  the  cabin  could  result  in  immediate  crew  loss.  Propellant 
loss  could  result  in  either  insufficient  impulse  to  complete  a mission  or 
lunar  landing  trajectory,  or  uncontrolled  motion  when  a directed  leak  (small 
thrust  vector)  came  from  a large  propellant  tank.  Biological  contamination 
is  especially  insidious  because  of  immediate  crew  effects.  Cabin  rupture 
could  result  in  atmosphere  loss  if  the  break  were  large. 

Single  Point  of  Failure  Modes  Justification 

Justification  of  potential  failures  may  be  possible  before  the  fact  but 
very  seldom  after  the  fact.  If  the  justified  failure  never  occurs,  it  is  a 
triumph  of  analysis.  If  it  occurs,  then  the  identification  of  an  expedient 
preventive  is  necessary.  Analysis  must  be  assisted  by  test  to  identify 
failure  modes  and  to  evaluate  their  relative  magnitudes.  Specific  justifica- 
tion can  be  made  only  when  all  other  alternatives  have  been  considered, 
compared,  and  rejected. 
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Table  B - 1 2 . Single  Points  of  Failure  for  the  Manned  Lunar  Landing 
Mission  - NASA  Modes  A,  B,  C,  and  D 

1 . All  failures  in  the  IM  which  result  in  shrapnel  (e.  g.  pressurized 
component  burst)  except  during  Phase  5. 

2.  All  failures  in  the  CM  which  result  in  shrapnel. 

3.  All  failures  in  the  PM  which  result  in  shrapnel  during  Phase  5 only. 

4.  All  meteroid  penetrations  of  CM. 

5.  All  meteroid  penetration  of  IM. 

6.  All  meteroid  penetrations  of  PM  during  Phases  2,  3,  4,  and  6. 

7.  All  tank  failures  which  result  in  uncontrolled  motion. 

8.  Inadvertent  separation  of  CM,  IM,  or  PM  (during  Phases  2,  3,  4 5 

and  6).  » * * » 

9.  Structural  failure  of  CM,  IM,  or  PM  (during  Phases  2,345 

and  6).  * ’ ’ 

I 0.  Failure  of  EC  /LSS  in  CM,  except  during  Phase  9. 

I I . Failure  of  IM-ACS  except  during  Phase  5. 

12.  PM-EPS  failure  during  Phases  2,  4,  and  6. 

13.  PM-Engine  failure  during  Phases  2,  4,  and  6. 

14.  PM- Propellant  Supply  failure  during  Phases  2,  3,  4,  5,  and  6. 

15.  Landing  gear  failure  during  Phases  4,  5,  and  6. 

, ,16*  Failure  of  CM-EPS  and  -CS  for  all  Phases  except  9. 

17.  Failure  of  CM-CDM  and  -GM  during  the  critical  Phases  - 4 and  6. 

18.  Failure  of  IM-EPS,  -CS,  and  -CDM  for  all  phases. 

19.  IM-GN  failure  during  Phases  2,  4,  and  6. 
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Figure  B-ll.  Subsystem  Criticality — Unmanned  Earth  Orbital  Mission 
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Cooling 

Communications  & Data  Mgmt 
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Intelligence  Module 
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Figure  B-12.  Subsystem  Criticality-Manned  Earth  Orbital  Mission 
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Table  B-13.  Failure  Effects 


Subsystem 

Failure  Description 

Mission 

Objectives  Loss 

Crew 

Loss 

Hardware 

Loss 

Cooling 

CM  space  mission  fixed  equipment  - coolant  leak 

X 

Structure 

CM  - cabin  wall  failure  - atmosphere  leak 

X 

X 

IM  - member  failure  causing  subsequent  critical  component  failure 

X 

X 

X 

Payload  module  - member  failure  causing  subsequent  payload  failure 

X 

X 

, EC/LSS 

CM  space  mission  fixed  equipment 

Improper  sterilization 

X 

X 

02  supply  during  EVA 

X 

CM  lunar  landing  additional  fixed  equipment 

Release  of  biological  agents 

X 

X 

Improper  sterilization 

X 

X 

02  supply  during  EVA 

X 

CM  expendables  - improper  sterilization 

X 

X 

Guidance,  Navigation,  and  Control 

IM  basic  equipment  - navigation  sensor  base  shift 

X 

Active  Thermal  Control 

CM  equipment  - coolant  leak 

X 

Auxiliary  Control 

IM  equipment  - explosion 

X 

X 

X 

PM  equipment  - explosion 

X 

X 

X 

Electrical  Power 

IM  basic  equipment  - explosion 

X 

X 

X 

PM  equipment  - explosion 

X 

X 

X 

Main  Propulsion 

Propellant  tanks 

Explosion 

X 

X 

X 

Directed  leak 

X 

X 

X 

Engines 

Explosion 

X 

X 

X 

Lunar  Landing  Legs 

Leg  structure  - material  yield 

X 

X 

X 
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Table  B-14.  Single  Points  of  Failure  Modes 


Cd 
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Failure  Mode 

Description 

Example 

Hardware  and  Crew  Safety 

Explosions 

Loss  of  critical  functions  by  shrapnel 

AC  S engine 

Uncontrolled  motion 

tank  leak 

Support  Structure  Break 

Lunar  Landing  Leg  Fold 

Material  yeild 

Meteroid  Penetration 

Loss  of  Critical  Functions 

ACS 

Propellant  Loss 

Leak  during  lunar  impact  trajectory 

Propellant  tank  leak 

Stoppage  during  lunar  impact  trajectory 

Propellant  tank  outlet 

Added  for  Crew  Safety  Only 

Biological  Contamination 

Improper  Sterilization  of  Food 

Crew  ingestion 

Improper  Sterilization  of  Water 

C rew  ingestion 

Improper  Sterilization  of  Waste 

Crew  ingestion 

Experiment  Agent  Release 

C rew  ingestion 

Cabin  Rupture 

• 

Loss  of  Crew  Atmosphere 

CM  cabin  leak 
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Enough  detail  must  be  generated  for  each  alternative  to  estimate  the 
many  significant  factors  involved;  e.g.  risk,  cost,  and  schedule  of  accom- 
plishment of  objectives.  The  present  evaluation  has  considered  these 
factors  in  general,  since  details  are  not  yet  available.  Complete  elimina- 
tion of  risk  is  deemed  impractical  as  requiring, at  a minimum, excessive 
weight,  development  cost,  and  schedule  extension.  Tradeoff  analyses  among 
these  factors  in  subsequent  contract  phases  should  resolve  the  specific 
levels  of  risk  and  effort. 

Justification  of  single  point  of  failure  modes  has  been  made  based  on 
major  mission  requirements.  The  realization  that  a minimum  number  of 
such  modes  is  more  desirable  has  forced  specification  of  many  redundancies 
which  may  be  reconsidered  later  in  favor  of  more  development  or  more 
risk.  The  remaining  modes  can  be  justified  by  four  rationalizations: 


1’  Weight  Reduction  - redundancy  of  large  equipments  presents  a 
step  function  in  weight  which  prevents  mission  objective  accom- 
plishment with  current  technology. 

2.  Alternate  Protection  Mode  Reduces  Risk  - Reduced  risk  can  be 
obtained  from  more  careful  analysis,  larger  design  margins, 
additional  training,  and  additional  checkout  tests.  These  two 
alternatives  can  be  extended  until  cost  and  schedule  goals  are 
seriously  compromised.  Risk  tradeoff  is  essential  for  final 
determination.  Meteroid  shielding  is  a prime  case  of  easily 
determined  low  probability  from  the  accepted  penetration  models. 
The  initial  probability  of  penetration  of  a normal  outside  shell  is 
already  small  and  any  additional  insulation  improves  success  in 
resisting  micromete roids . Protecting  against  all  possible  sizes 

of  meteroids  is  patently  impossible,  since  they  can  be  extremely 
large. 

Extensive  Development  Reduces  Risk  - Increased  probability  of 
equipment  success  can  be  achieved  by  increasing  development. 

As  potential  failure  modes  are  identified  by  analysis  or  test, 
redesign  can  reduce  the  risk  to  an  acceptable  level.  Extremely 
unlikely  failure  modes  require  more  detailed  analyses  and  more 
tests  for  detection.  Risk  tradeoff  is  essential  for  final 
determination. 


4. 


Operational  Ease  - Increased  crew  efficiency  can  be  obtained  by 
providing  a shirtsleeve  atmosphere  in  'j  ; CM  cabin,  but  the  cabin 
is  too  large  to  be  made  redundant.  Another  method  of  providing 
redundancy  is  to  require  the  crew  to  wear  pressurized  suits  at  all 
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times,  but  crew  inconvenience  would  severely  limit  mission 
duration.  The  single  point  of  failure  can  be  tolerated  for  the 
benefits  derived  with  attention  to  further  risk  reduction. 


Table  B-15  identifies  the  single  point  of  failure  modes  with  specific 
justifications  most  applicable,  and  Table  B-16  summarizes  the  relationships 
in  matrix  form.  It  is  apparent  from  the  kinds  of  equipment  identified  that 
further  reduction  of  single  point  of  failure  modes  would  be  very  difficult. 

For  example,  use  of  highly  energetic  fluids  is  currently  a prerequisite  to 
successful  accomplishment  of  any  mission  objective.  Without  these  fluids, 
the  mission  would  be  currently  impossible.  Again,  the  use  of  high  pressure 
tanks,  piping,  pumps,  and  rocket  engines  are  mission  requirements;  no 
other  method  exists.  Providing  redundancy  here  does  not  help  since  a 
single  rupture  could  cause  extensive  adjacent  damage  without  extra 
shielding.  A possibility  exists  with  the  landing  legs  to  reduce  risk  by 
redundancy  (increasing  the  number  of  legs  to  5 or  6),  but  this  adds  more 
wieght  than  current  analyses  can  afford.  Double-walled  propellant  tanks 
are  obviously  impractical,  but  some  later  consideration  of  internal  baffling 
for  safety  may  be  possible.  Biological  hazards  are  not  solved  by  redundancy 
since  the  ingestion  of  toxic  materials  is  immediately  a problem.  Finally, 
a double-walled  cabin  would  add  excessive  weight;  but  special  design  of  the 
wall  for  added  margin,  non-propagation  of  initial  hole  size,  and  internal 
patching  could  reduce  the  risk  to  an  acceptable  level. 
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Table  B-15.  Justification  of  Single  Point  of  Failure  Modes 


Failure  Mode 


Justification 


Explosions 


Support  Structure  Break 


Meteoroid  Penetration 


Propellant  Loss 


Biological  Contamination 


Cabin  Rupture 


Reduction  of  weight  by  use  of  energetic  fluids 

Reduction  of  weight  by  use  of  high  pressure 
fluid  storage 

Provision  of  large  safety  margin  reduces  risk 
Extensive  development  testing  reduces  risk 

Reduction  of  weight  with  non- redundancy 

Reduction  of  risk  possible  by  large  safety 
margins  and  extensive  development 

Reduction  of  weight  - excessive  weight 
required  for  absolute  safety 

Low  probability  of  occurrence 

Reduction  of  risk  by  some  shielding 

Reduction  of  weight  with  non- redundancy  of 
prop,  tanks 

Reduction  of  risk  by  large  safety  margins  and 
extensive  development 

Not  solved  by  redundancy  or  inflight  margin 
because  of  direct  ingestion  by  crew 

Reduction  of  risk  possible  by  crew  training 
in  waste  management,  ground  inspection  of 
packaged  food,  and  individual  sampling  of 
potable  water  tanks 

Reduction  of  weight  by  eliminating  double 
walls 

Easier  crew  motion  by  using  shirtsleeve 
environment 

Reduction  of  risk  possible  by  large  safety 
margin  and  extensive  development 


Table  B-16.  Single  Point  of  Failure  Justification  Matrix 


Justification 


Weight  reduction 


Alternate  protection  mode 
reduces  risk 


Extensive  development 
reduces  risk 


Operational  ease 


Single  Point  of  Failure  Modes 

Hardwar 

e and  C rew 

C rew  Only 

Explosions 

Support 
Structure 
B reak 

Meteroid 

Penetration 

Propellant 

Loss 

B iological 
C ontamination 

Cabin 

Rupture 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

Space  Division 

North  American  Rockwell 


Space  Division 

North  American  Rockwell 


Space  Division 

North  American  Rockwell 


f 


APPENDIX  C.  WEIGHTS 


TUG  PROPELLANT  MODULE  STRUCTURE 

The  best  available  structural  and  configuration  data  have  been  used  in 
evaluating  the  structural  weight  of  the  tug  propellant  module  (PM). 

The  configurations  of  the  tug  specifically  sized  are  noted  in  Figure  C-l. 
All  configurations  have  four  engines  (propulsion  system  weights,  however, 
are  not  included  in  this  analysis),  one  LH2  tank  and  one  or  four  LOX  tanks. 
The  criteria  and  ground  rules  used  for  sizing  are  presented  in  Tables  C-l 
and  C-2. 

Cylindrical  tank  wall  thicknesses  are  shown  in  Figure  C-2.  The 
average  thickness  of  the  1. 4/1.0  elliptical  ends  is  assumed  to  be  proportional 
to  the  cylindrical  thickness.  The  thickness  of  the  external  structural  shell 
is  shown  in  Figure  C-3.  The  basic  thickness  of  the  1 5 -ft  diameter  (4.  57m) 
PM  was  obtained  from  the  structural  analysis  section.  Equivalent  thickness 
for  1 2 - ft  and  22 -ft-diameter  (3.  66m  and  6.  71m)  PM's  were  obtained  by 
dividing  the  equivalent  15-ft  (4.  57-m)  PM  loading  by  the  desired  PM  circum- 
ferences. It  was  further  assumed  that  the  thickness  at  the  bottom  of  the 
stage  increased  with  stage  length  increase,  as  noted  in  Figure  C-3. 

Tables  C-3  through  C-6  are  the  resulting  vehicle  weight  data  for  four 
propellant  loadings  of  each  of  the  noted  four  configurations.  Data  presented 
in  Table  C-2  and  Figures  C-2  and  C-3  are  used.  Figures  C-4  and  C-5 
present  plots  of  these  data.  Superimposed  on  the  data  are  the  structural 
data  used  in  the  performance  analyses  as  of  August  1970.  A plot  of  the  data 
is  shown  in  Figure  C-6,  as  RBD-133.  It  would  appear  that  RBD-133  is  low 
by  about  500  pounds  (—230  kg)  at  a 12-ft  (3.  66m)  PM  diameter  and  200  to 
300  pounds  (-90  to  140  kg)  at  a 15-ft  (4.  57m)  PM  diameter. 

Figure  C-7  is  a plot  of  the  lengths  of  the  four  configurations.  These 
data  were  cross -plotted  onto  Figure  C-2  to  illustrate  the  required  external 
wall  equivalent  thicknesses. 

Table  C-7  presents  the  resulting  parametric  equations  of  the  weight 
analysis.  The  data  are  approximate  (±10  pounds  or  ±5  kg)  but  are  considered 
to  be  well  within  the  limits  of  parametric  weight  data. 
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INTEGRAL  VERSUS  NON-INTEGRAL  STRUCTURE 

An  additional  analysis  was  performed  to  evaluate  the  difference  between 
the  nonintegral  concept,  as  previously  presented,  and  and  integral  structural 
concept.  The  integral  concept  envisions  use  of  the  cylindrical  portions  of 
the  propellant  tankage  as  primary  flight-load  - car  rying  structure  as  well  a 
fluid  retention  structure.  The  tank  structure  remained  an  aluminum  alloy; 
however,  the  interstage  and  skirt  structures  were  changed  to  boron  epoxy 
to  minimize  heat  transfer.  With  same  insulation  unit  weight  used  as  presented 
in  the  nonintegral  concept  (for  durations  under  14  days),  plots  of  the  resulting 
PM  weight  data  were  computed.  Figure  C-8  presents  the  results  of  this 
analysis.  In  the  figure  a difference  in  PM  inert  weight  of  ZOO  to  300  pounds 
(90  to  140  kg)  at  a propellant  load  of  80,  000  pounds  (36,  000  kg)  is  noted, 
while  at  a load  of  40,  000  pounds  (18,  000  kg)  a negligible  inert  weight  change 
is  noted.  If  longer-term  cryogenic  storage  is  considered,  this  difference 
may  become  smaller.  If  other  structural  configurations  are  considered 
(i.e.  multiple  LOX  tanks),  this  trend  may  even  be  reversed.  The  final 
design  selection  of  integral  or  nonintegral  tankage  is,  therefore,  beyond  the 
scope  of  this  study  and  is  a subject  for  future  tug  studies. 
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4 ENGINES— AFT  DOCKING 
1 LH2  TANK  + 1 OR  4 LOX  TANKS 


12  FT  (3.66M)  OD 
1 lh2  TANK 
1 LOX  TANK  “ 
4 ENGINES 


15  FT  (4.57M)  OD 
1 LH2  TANK  _ 
1 LOX  TANK 
4 ENGINES 


15  FT  (4.57M)  OD 
1 LH2  TANK  _ 
4 LOX  TANKS 
4 ENGINES 


22  FT  (6.71M)  OD 
1 LH2  TANK 
4 LOX  TANKS  “ 
4 ENGINES 


Figure  C-l.  Structural  Configurations 
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Table  C-l.  Sizing  Criteria,  LH^  and  LOX  Tanks 

1 • LH^ 

a.  2014-T6-type  aluminum 

b.  Ftu  = 85.0KSI(58,  500  N/cm2),  Fg  = 1.5,  FNO  = 1.33 

c.  Operational  pressure  = 19.  0 psia  ( 1 3.  1 N/cm2), 

(See  Figure  C-2  for  t.  ) 

d.  1.4/1  elliptical  heads 

e.  8 percent  volume  allowance  for  residual  and  trapped  LH 

f.  8-inch  (20-cm)  clearance  from  PM  outer  moldline  for  insulation 

g.  Tank  supported  by  straps  from  structural  frames 

h.  24-in.  (61 -cm)  separation  between  LH  and  LOX  tank  moldline 
for  sump,  lines,  and  insulation 

2.  LOX  tank 

a.  2014-T6-type  aluminum 

b*  Ftu  = 73.  5 KSI  (50,  600  N/cm2),  Fg  = 1.5,  FNO  = 1.33 

c.  Operational  pressure  = 24.  0 psia  (16.  5 N/cm2) 

(See  Figure  C-2  for  t.  ) 

d.  1.4/1  elliptical  heads 

e.  8 percent  volume  allowance  for  residual  and  trapped  LOX 

f.  18-in.  (46-cm)  clearance  from  PM  outer  moldline  for  insulation 
and  LH^  feed  lines  (single  LOX  tank) 

g.  6-in.  (15-cm)  clearance  from  other  LOX  tanks  or  structural 
supports  (multiple  LOX  tanks) 

h.  Single  tank  supported  by  scraps  frorr  structural  frames 

i.  Multiple  tanks  supported  by  a cross  Learn  structure  and 
stabilized  by  straps  to  structural  frames 
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Table  C-2.  Sizing  Criteria,  External  Structure 
Insulation,  and  Meteoroid  Protection 


External  structure 

a.  2014-T6-type  aluminum 

b.  Ftu  = 60.  0 KSI  (41,  400  N/cm2)  at  70  F (295  K) 

c.  Fg  = 2.  0,  FNO  =1.5 

d.  t for  30K  lb  ( 13.  600  Kg)  Wp,  15  feet  (4.  57  M)  outside  diameter 

lunar  lander  derived  from  Paragraph  2.  1.  2. 

e.  t assumed  to  vary  directly  with  length  and  inversely  with 
diameter.  (See  Figure  C-3.  ) 

2 2 

f.  Stiffended  by  tank  support  frames  -1.4  in.  (9  cm  ) cross 
sectional  area 


12  ft  (3.  66m)  OD  - 64  lb  (29  kg) 
15  ft  (4.  57m)  OD  - 80  lb  (36  kg) 
22  ft  (6.  71m)  OD  - 117  lb  (53  kg) 


g.  Frame  added  at  top  for  IM  attachment 
Insulation  and  meteoroid  protection 


a.  LH^,  tank,  high  performance  insulation  (HPI)  with  two  single 
sheet  F /G  covers 

2 -in.  (5.  1-cm)  HPI  of  20  layers/in.  = 0.  40  lb/ft2  (1.95  kg/m2) 

F/G  Covers 


Total  LH^  Insul. 

b.  LiOX  Tank  - HPI  + F/G  Cover 


0.  10  lb /ft2  (0.  49  icg/m2) 
0.  50  lb/ft2  (2.  44  kg/m2) 


1 /2  inch  (1.  3 cm)  HPI  of  20  layers  /in  0.10  lb/ft2  (0.  49  kg/m2) 
F/G  cover 

Total  LOX  insulation 


0.  10  lb/ft2  (0.  49  kg/m2) 
0.  20  lb/ft2  (0.  98  kg/m2) 
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22  FT  (6.71  M)  O.D. 
15  FT  (4.57  M)  O.D. 


Figure  C-2.  LH2  and  LOX  Tank  Wall  T 
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SHELL  t 


STAGE  LENGTH 
AT  NOTED  Wp 
1000  LB  (KG)  (36K) 

/9nKv  (2 7k)  80kX  12  FT  ^3*66  °*D 

K\*'zu  h is  /s'  i 

> jcK  60KjT 


1 LH2  TANK  & 
1 LOX  TANK 


15  FT  (4.57  M)  O.D 


1 LH2  TANK  & 
4 LOX  TANKS 


REF  POINTS 


22  FT  (6.71  M)  O.D 


2o:|+;3b4  H40 1 ii50  -1 

STAGE  LENGTH— FT  (M) 


Figure  C-3.  External  Structural  Shell! 
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Table  C-4.  Structural  Weight  Summary, 


One  LH  Tank,  One  LOX  Tank, 

C* 


Passive  Neuter  Docking,  For  Four  Engines 


Stage  outside  diameter  - ft 

1^.0  ft  (4.  6m) 

Propellant  Capacity  (10^  lb) 

25.  0 

40.  0 

60.  0 

80.  0 

Dimensions  (ft) 

LH2  tank  dia 

13.  7 

13.  7 

13.  7 

13.  7 

LOX  tank  dia 

9.  3 

10.  9 

12.  0 

12.  0 

LH£  tank  cyl  length 

3.  9 

9.  1 

14.  2 

LOX  tank  cyl  length 

- - 

1.  2 

3.  4 

Full  dia  shell  length 

15.  2 

19.  6 

26.  4 

33.  7 

Overall  stage  length 

22.  2 

26.  6 

33.  4 

40.  7 

LH2  tank  weight 

(63  5) 

820) 

(1,  055) 

(1,295) 

Domes 

294 

294 

294 

294 

Cylinder 

98 

227 

356 

Straps 

90 

90 

90 

90 

Insulation 

251 

338 

444 

555 

LOX  tank  weight 

(290) 

(360) 

(465) 

(570) 

Domes 

135 

186 

226 

226 

Cylinder(s) 

30 

86 

Cross  Beam 

- - 

Straps 

110 

110 

110 

Insulation 

45 

64 

99 

148 

Stage  structure  (1,425)  (1,  570)  (1,805)  (2,  060) 

External  shell  485  630  865  1120 

Frames  (No.  ) (5)  400  (5)  400  (5)  400  (5)  400 

Thrust  structure  180  180  180  180 

Docking  structure  360  360  360  360 


Space  operations  - (lb) 

- (kg) 

2,  350 
(1,  066) 

2,750 

(1,447) 

3,  325 
(1,  508) 

3,925 

(1,780) 
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Table  C-5.  Structural  Weight  Summary, 
One  LH^  Tank,  Four  LOX  Tanks, 


Passive  Neuter  Docking,  For  Four  Engines 


Stage  outside  diameter  - ft 

15.  0 ft  (4.  6m) 

Propellant  Capacity  (103  lb) 

25.  0 

40.  0 

60.  0 

80.  0 

Dimensions  (ft) 

LH^  tank  dia 

13.  7 

13.  7 

13.  7 

13.  7 

LOX  tank  dia  (4) 

5.  5 

5.  5 

5.  5 

5.  5 

LH2  tank  cyl  length 

3.  9 

9.  1 

14.  2 

LOX  tank  cyl  length 

0.  7 

2.  8 

5.  6 

8.  4 

Full  dia  shell  length 

13.  5 

19.  5 

27.  5 

35.  4 

Overall  stage  length 

18.  5 

24.  5 

32.  5 

40.  4 

LH2  tank  weight 

(635) 

(820) 

(1,  055) 

(1,  295) 

Domes 

294 

294 

294 

294 

Cylinder 

98 

227 

356 

Straps 

90 

90 

90 

90 

Insulation 

251 

338 

444 

555 

LOX  tank  weight  (4) 

(505) 

(615) 

(770) 

(920) 

Domes 

190 

190 

190 

190 

Cylinder(s) 

28 

113 

226 

339 

Cross  beam 

100 

100 

100 

100 

Straps 

110 

110 

110 

110 

Insulation 

77 

102 

144 

181 

Stage  structure 

(1,  370) 

(1,  570) 

(1,845) 

(2,  130) 

External  shell 

430 

630 

905 

1,  190 

F rames  (No.  ) 

(5)  400 

(5)  400 

(5)  400 

(5)  400 

Thrust  structure 

180 

180 

180 

180 

Docking  structure 

360 

360 

360 

360 

Space  Operations  - (lb' 

2,  510 

3,  005 

3,  670 

4,  345 

- (kg) 

(1,  139) 

(1,  365) 

(1,  665) 

(1,  973) 
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Stage  outside  diameter  - ft 

3 

Propellant  Capacity  (10  lb) 


Dimensions  (ft) 

LH^  tank  dia 
LOX  tank  dia  (4) 

L.H2  tank  cyl  length 
LOX  tank  cyl  length 
Full  dia  shell  length 
Overall  stage  length 


Table  C-6.  Structural  Weight  Summary, 
One  LH^  Tank,  Four  LOX  Tanks, 
Passive  Neuter  Docking,  For  Four  Engines 


22.0  ft  (6.  7m ) 


20.  0 40.  0 


13.  1 
18.  1 


16.  4 

2 1 . 4 


60.  0 


18.  3 

8.  1 


18.  9 

23.  9 


80.  0 


20.  2 
8.  8 


20.  7 


LH^  tank  weight 

Domes 

Cylinder 

Straps 

Insulation 

LOX  tank  weight  (4) 

Domes 

Cylinder(s) 

Cross  beam 

Straps 

Insulation 

Stage  structure 

External  shell 
F rames  (No.  ) 
Thrust  structure 
Docking  structure 


Space  operations  - (lb) 


(630) 

252 


(950)  (1,245)  (1,565) 


(575) 

197 


(725) 

309 


(865) 

413 


(965) 

488 


(1,545)  (1,680)  (1,780)  (1,850) 


525 
(3)  350 

230 
440 


660 

760 

830 

(3)  350 

(3)  350 

(3)  350 

230 

230 

230 

440 

440 

440 

3,  355 

3,  890 

4,  380 

(1,  522) 

(1,765) 

(1,987) 
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PM  STRUCTURE  NO.  TANKS 


Figure  C-4.  PM  Structure  Weight  Versus  Propellant  Weight 
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(2270)  5 \- 
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Figure  C-5.  PM  Structure  Weight  Versus  PM  Diameter 
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Table  C-7.  Parametric  Weight  Results 


Configuration 


English  Units 
(Wp  in  pounds) 


Metric  Units 
(Wp  in  kilograms) 


Variable  diameter 


RBD  133  Program,  wt 

one  LOX  + one  LH2  tank,  lgth 

Fixed  diameter 

12.  0 ft,  3.  66  m wt 

one  LOX  + one  LH2  tank 

15.0  ft,  4.  57  m wt 

one  LOX  + one  LH^  tank 

1 5.  0 ft,  4.57  m wt 

four  LOX  + one  LH2  tank 

22.  0 ft,  6.  7 1 m wt 

four  LOX  + one  LH2  tank 


630.  + 39.  0*10"  vW p , lb 
9.  00  + 88.  2*10-6*wp,  ft 
15.  00  when  Wp>68^  lb 


1040.  + 43.  2*10_3*Wp,  lb 
when  Wp>21^  lb 

1635.  + 2 8.  6*1 0" 3 *Wp,  lb 
when  Wp>25^  lb 

1660.  + 33.  6*1 0" 3 *Wp,  lb 
when  Wp>25^  lb 

2125.  + 2 8.  8*10“  3*Wp,  lb 
when  20^<Wp<60^  lb 
2460  + 24.  0^1 0“ 3 ❖Wp,  lb 
when  Wp>60^  lb 


- 285.  8 + 39.  0*10  ❖ Wp,  kg 

= 2.  74  + 59.  4xlO‘6*Wp,  m 

= 4.  57  when  Wp>31^  kg 


= 471.7-1-  43.  2*10*3 kg 

when  Wp>9.  5^  kg 

741.  7 + 28.  6;rl0“^Wp,  kg 
when  Wp>ll.  3^  kg 

7 53.  0 + 33.  6*10_3*Wp,  kg 
when  Wp>ll.  3^  kg 

964.  0 + 28.  8*J  0” 3 *Wp,  kg 
when  9.  1<  Wp<27.  2 kg 
1115.9  + 24.  0*10’ 3 *Wp,  kg 
when  Wp>27.  2K  lb 
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Figure  C-8.  PM  Structure  Weight  Comparison 
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APPENDIX  D.  ENVIRONMENTAL  (METEOROID)  PROTECTION 


ENVIRONMENT 

In  the  RST  study  the  meteoroid  environment  as  described  by  NASA 
SP  8013  was  employed  to  establish  protection  requirements.  The  environ- 
ment is  composed  of  sporadic  and  stream  cometary  particles  distributed 
throughout  near-earth  space,  and  secondary  ejecta  particles  occurring  on 
the  lunar  surface.  The  cometary  particles  are  of  low  density  (0.  5 grams 
per  cubic  centimeter)  and  could  impact  at  very  high  speed  (20  kilometers 
per  second  average).  The  secondary  ejecta  particles  are  lunar  surface 
debris  and  would  impact  at  very  low  velocities  (0.  1 kilometers  per  second). 

ALLOWABLE  DAMAGE 

The  design  meteoroid  damage  which  will  be  permitted  to  the  RST  must 
be  established  before  protection  requirements  can  be  computed.  The  critical 
components  in  the  RST  are  the  tanks  and  plumbing,  and  past  analysis  has 
shown  that  accepting  some  damage  to  these  will  reduce  or  eliminate  shielding. 
Tests  and  theory  have  shown  that  partial  penetration  and  local  bulge  damage 
to  these  components  can  be  tolerated  and  for  this  study  it  was  assumed  the 
penetration  into  the  aluminum  tank  wall  equal  to  or  less  than  0.  55  times  the 
wall  thickness  was  acceptable. 

PROTECTION  WEIGHT 

figures  D-l  through  D-3  show  parametric  meteoroid  protection  weight 
data  for  a space  craft  operating  in  near-earth  space.  No  planetary  shielding 
or  gravitational  effects  are  included.  The  weights  shown  are  a function  of 
the  RST  surface  area-design  time  product  (AT)  and  the  propellant  tank 
thickness  (tr).  The  single  bumper  protection  is  in  the  form  of  a bumper  (t,) 
and  an  inner  shield  (tg).  The  dual  bumper  shield  is  the  same  except  a second 
bumper  shield  is  the  same  except  a second  bumper  (t2)  is  added.  No  credit 
was  taken  for  the  insulation,  which  would  be  located  next  to  the  tank  wall. 
Minimum  gage  limits  were  set  for  the  bumpers;  for  the  lower  AT  values, 
this  material  plus  the  pressure  wall  provides  sufficient  protection.  As  the 
value  of  AT  is  increased,  a point  is  reached  where  thicker  bumpers  are 
i equired  and  shielding  must  be  added  to  the  pressure  wall  (tg>0). 
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METEOROID  PROTECTION  WEIGHT 


LB/FT2  GM/CM2 

6.0  -T3-0 


METEOROID  PROTECTION  WEIGHT  (W  " J-LB/FT2 


r2 


SINGLE  BUMPER 

DOUBLE  BUMPER 

t1  > 0.015  IN±  (0.038  CM) 

t2  > 0.003  I N±  (0.008  CM) 
t1  & t2  = GLASS  EPOXY 

h > h 

•I  II  I'  II 

W, =Wo+Wo+W 


0.060  IN.  (0.152  CM) 

0.090  IN.  (0.229  CM)  ^ N / 
0.120  IN.  (0.305  CM)  /> 


AREA-TIME  PRODUCT  (AT),  MZ-SEC 

Figure  D-2.  Comparison  of  Meteoroid  Shield  Types  for  Space  Tug 
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PROTECTION  PHILOSOPHY 

For  advanced  manned  spacecraft  missions  the  philosophy  by  which 
protection  requirements  will  be  established  in  not  clear.  Two  general 
approaches  can  be  summarized  as  follows. 


Define  the  probability  requirement  for  a design  mission  basis  so 
that  on  a given  mission  there  is  a guaranteed  overall  probability 
of  no  module  failure  (Pnf)  due  to  meteoroid  impact,  considering 
all  modules  required  to  complete  the  mission.  The  probability 
requirement  for  each  module  ( Pn£^ ) is  something  greater  than 
Pnf  so  that 


n 

n 

i =1 


2.  Define  a probability  requirement  for  the  RST  without  consideration 
of  the  other  modules  and  let  it  apply  over  the  design  life  of  the  RST. 


Applying  Case  1 to  the  RST,  let  Pn£  = 0.  99  and  let  the  requirement  for 
the  RST  be  0.  999.  Let  the  RST  design  mission  duration  be  45  days  and  tank 
thickness  0.  06  inch  (0.  153  centimeter).  The  surface  area  of  a 60,  000  pound 
its  instrument  module,  and  payload  is  2 30  square  meters  and  the 
resulting  AT  value  is  8.  95  x 10^  square  mete  rs  - second.  Refering  to  Fig- 
ure D-3  the  meteoroid  protection  required  is  minimum  gage  or  approximately 
0.  2 pound  per  square  foot  (0.  1 gram  per  square  centimeter). 


Applying  Case  2,  let  the  probability  requirement  for  the  RST  be  0.  99 
and  its  design  life  be  3 years.  The  resulting  AT  value  is  2.  18  x 1010  square 
meters-second.  In  Figure  D-2  (for  tr  = 0.06)  the  meteoroid  protection 
required  is  0.  25  pound  per  isquare  ft  (0.  12  gram  per  sqaure  centimeter) 
with  the  dual  bumper  and  0.  8 pound  per  square  foot  (0.  4 gram  per  square 
centimeter  with  single  bumper  shielding. 


For  this  study  it  was  assumed  that  Case  1 applied  with  the  result  that 
minimal  shielding  would  be  required  for  the  RST.  Consideration  of  the 
insulation  present  would  further  minimize  this  problem  for  RST.  These 
findings  apply  to  both  the  integral  and  non-integral  type  vehicles.  Considera- 
tion was  not  given  to  protection  against  the  secondary  ejecta  particles.  NR 
studies  on  lunar  shelters  has  indicated  that  protecting  against  these  particles 
will  be  more  difficult  than  for  the  cometary  particles,  providing  the  ejecta 
environment  modeling  is  correct.  A promising  solution  is  to  employ  lunar 
soil  for  protection,  a solution  which  could  be  applied  to  a RST  if  extended 
lunar  stay  time  is  required. 
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APPENDIX  E.  PROPULSION 


MAIN  PROPULSION 

The  objectives  of  main  propulsion  studies  were  to  establish  the 
principal  characteristics  — performance,  weight  and  dimensions  — of  the 
main  propulsion  system  (MPS)  best  suited  for  each  of  the  competing 
reusable  space  tug  (RST)  concepts.  This  involved,  first,  a parametric 
investigation  of  the  influence  of  major  MPS  design  variables;  second,  a 
series  of  design  refinement  studies  concerned  with  MPS  internal  optimiza- 
tions and  improvements  in  parametric  phase  design  assumptions;  and, 
throughout  the  study,  the  selection  and  description  of  MPS  design  charac- 
teristics that  the  study  evaluation  indicated  were  best  for  each  RST  concept. 

SYSTEM  PARAMETRIC  STUDIES 

Synthesis  Model 

The  computer  model  used  in  the  parametric  phase  for  design  synthesis 
! of  the  propulsion  module  computes  weights  and  dimensions  of  major  elements 
of  the  system.  It  uses  material  and  fluid  properties  and  design  character- 
istics as  input  data.  Empirical  scaling  coefficients  are  used  only  for  com- 
plex subassemblies.  I able  E- 1 is  an  abbreviated  listing  of  the  input 
variables.  Propellant  and  pressurization  system  initial  and  final  weights 
are  based  on  an  end-point  analysis  that  used  initial  and  final  pressures  and 
temperatures  and  fluid  properties.  The  primary  structure  model  is  illus- 
trated in  Figure  E-l.  It  is  necessarily  more  simplified  than  the  propulsion 
system  model,  but  is  capable  of  rational  scaling  if  single  point  design  data 
are  used  as  the  baseline.  The  resulting  structure  scaling  is  sensitive  to 
many  independent  variables,  including,  besides  those  shown,  several 
piimaiy  propulsion  variables  such  as  propellant  densities  and  mixture  ratio. 

Alternate  Propellants 

I' our  propellant  combinations  were  considered  as  competitors  to 
~ hydrogen.  These  were  fluorine-hydrogen,  flox-methane,  nitrogen 
te  1 1 oxide  - ae  rozine  50,  and  flox-hydrogen.  The  propulsion  synthesis 
program  was  used  to  develop  the  propulsion  module  (PM)  weight  properties 
needed  to  evaluate  these  systems.  Table  E-2  is  an  abbreviated  list  of  input 
data  showing  the  major  performance  variable  assumptions  for  each  candi- 
date. I able  E-3  shows  the  resulting  PM  propellant  fraction  at  a reference 
If  size  of  60»  000  pounds  (27200  kilograms)  of  usable  propellant,  along  with 
m the  PM  Size  needed  to  place  a 10,  000-lb  (4536-kg)  payload  in  synchronous 
orbit  (reference  mission). 
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Table  E-l.  Propulsion  System  Synthesis  Model 
Major  Input  Parameters 


Propellant  System 

Pressurization  System 

Engine  System 

Fluid  properties 

Fluid  properties 

Engine  scaling  coeff 

Material  properties 

NPSP  start/run 

Line  velocities 

Number  of  tanks 

Helium  states 

TVC  actuator  scaling 

Head  shape 

Bleed  gas  states 

Gimbal  mount  scaling 

Dia  constraint 

Heater  scaling  coeff 

Minimum  gage 

Ve  s sel  de  sign 

Inte  rnals 

Insulation  allowance 

Residuals  Est 
Insulation  thickness 

I his  study  revealed  that  the  performance  of  Earth- storable  propellants 
NTO-A50,  is  inadequate  for  a recoverable  tug  of  practical  size.  The 
remaining  propellants  use  either  fluorine  or  fluorine  compounds.  Thus 
safety  and  materials  compatibility  problems  arise  because  of  the  high 
toxicity  and  corrosion  properties  of  such  propellants.  It  is  considered 
that  none  of  these  show  sufficient  performance  gain  to  offset  this  disadvant- 
age for  RST  operations. 

Parametric  Phase  Propulsion  Concept  Selection 


As  described  in  a following  section  (engine  system  studies),  existing, 
modified,  and  advanced  new  engines  were  considered  for  application  to  the* 
tug  propulsion  systems.  For  evaluation  of  these  six  concepts,  their  impact 
on  the  total  propulsion  module  was  needed.  This  was  accomplished  by 
using  the  propulsion  synthesis  program  with  variations  in  primary  input 
data,  as  shown  in  Table  E-4.  The  resulting  weight  characteristics  are 
also  shown  in  the  table.  Their  performance  on  the  synchronous  (reference) 
mission  is  shown  in  Figure  E-2.  These  results  revealed  the  RST  to  be 
extremely  performance  limited.  It  also  revealed  the  importance  of  low  NPSH 
requirements  and  the  effect  of  high  specific  impulse.  For  a recoverable 
concept,  this  result  argues  strongly  in  favor  of  an  advanced  new  engine 
tailored  to  RST  requirements. 
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TANKS 


CONFIGURATION 

SEPARATION 

DIMENSIONS 


NO.  OF  TANKS 
HEAD  SHAPE 
DIA.  CONSTRAINT 
MATERIALS 

EFFECTIVE  SKIN 

THICKNESS 

MATERIAL 

EFFECTIVE  COLUMN 

STRESS  LEVEL 
MATERIAL 


EFFECTIVE  "G” LOADING 


DIAMETER  CONSTRAINT 


Figure  E-l.  PM  Primary  Structure  Synthesis  Model 


Oxidizer 

F uel 

Oxidizer 

F uel 

Oxidizer 

Fuel 

Oxidizer 

F uel 

Propellant 

Fluorine 

Hydrogen 

85%  Flox 

Methane 

N2  04 

A-  50 

30%  Flox 

Hydrogen 

Density 

94 

Lb/ cu  ft 

94.  2 

4.  24 

91.  2 

26.46 

90.  5 

56.  1 

77.  0 

4.  24 

gm/cc 

1.  51 

0. 0678 

1.  46 

0.  424 

1. 45 

0.  897 

1.  23 

0. 0678 

Ullage  fraction 

0.  1 

0.  1 

0.  1 

0.  06 

0.  04 

0.  03 

0.  1 

0.  1 

Residual  fraction 

0.  02 

0.  025 

0.  02 

0.  02 

0.  02 

0.  02 

0.  02 

0.  025 

Tank  Material 

Aluminum 

X 

X 

X 

X 

X 

Titanium 

X 

X 

X 

Mixture  ratio 

13 

5. 

75 

1. 

6 

6 

Specific  impulse 
(sec) 

477 

405 

325 

467 

*-t  — 
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Table  E-3.  Alternate  Propellant  Comparison 


PM  Propellant 

PM  Propellant 

Required  * 

F raction^ 

(lb) 

(kg) 

Fluorine -hydrogen 

0.  946 

56,  300 

25,  500 

8 2%  Flox-methane 

0.  956 

83, 000 

37,  600 

Nitrogen  tetroxide-aerozine  50 

0.  963 

240,  000 

109, 000 

30%  Flox-hydrogen 

0.  932 

64,  200 

29,  100 

LOX-hydrogen  concept  6 

0.  930 

70,  000 

31,  700 

Notes: 

1.  For  reference  synchronous  equatorial  mission 

2.  At  60,  000  lb  (27100  kg)  Propellant  Capacity 

■ ■ ■ ■-  ■■■  — — — . 

In  a subsequent  effort,  a four-engine  design  was  selected  as  a baseline 
(designated  as  Concept  7).  Its  principal  design  characteristics  are  shown 
in  Table  E-5.  The  table  also  shows  propellant,  pressurization,  tank, 
insulation  and  structure  assumptions  used  as  input  to  the  synthesis  program 
for  space-based  designs.  A schematic  of  the  selected  system  is  shown  in 
Figure  E-3. 

The  concept  incorporates  an  engine-bleed  gas  circuit  for  tank  run 
pressurization.  For  starting,  several  options  are  available.  A pumped 
idle  start  would  permit  a bootstrap  sequence  until  engine  bleed  is  adequate. 

A faster  start  would  be  provided  by  the  option  shown  for  start  pressurization 
from  the  ACS  accumulators. 

Thermal  management  provisions  include  (1)  de stratification  systems 
to  minimize  ullage  pressure  rise  during  prolonged  near-full  periods; 

(2)  thermodynamic  vents  to  allow  boiloff  at  zero  g - mixed  flow  is  expanded 
through  a heat  exchanger  sized  to  accept  any  quality  and  yet  assure  only 
vapor  at  exit;  and  (3)  a regenerator  to  intercept  heat  leak  for  use  on  the 
lunar  surface  or  prolonged  space  storage  but  unnecessary  for  short  space 
missions. 


Capillary  screens  and  channels  (wicks)  are  incorporated  for  propellant 
retention  and  low-rate  feed-out  in  zero  g.  This  provision  is  a development 
risk  item  and  backed  up  with  alternates  for  venting  and  main  engine  and 
ACS  feed. 
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Table  E-4. 

Propulsion  Concept 

s Design  A 

ssumptions 

Concept  No. 

1 

2 

3 

4 

5 

6 

Data  set  No. 

112 

114 

116 

115 

118 

113 

Engine  model 

RL 10-7 

RL10-8A 

RL10-8A 

RL10-8B 

RL10-8B 

New 

No.  of  engines 

2 

2 

1 

2 

1 

2 

Suction  press. 

Hi 

Hi 

Hi 

Low 

Low 

Low 

Nozzle  type 

Fixed 

2 pos 

2 pos 

2 pos 

2 pos 

Fixed 

Throttle  ratio 

10 

10 

10 

10 

10 

10 

Mixture  ratio 

5 

5 

5 

5 

5 

6 

Chamber  press  (psia) 

420 

600 

600 

600 

600 

1500 

(N/cm2) 

389 

413 

413 

413 

413 

1045 

Area  ratio 

57 

300/100 

300/100 

300/100 

300/100 

300 

Specific  impulse  (sec) 

444 

461/450 

461/450 

461/450 

461/450 

463 

Max  thrust  (ea)  (lbf) 

15000 

22500 

22500 

22500 

22500 

Var. 

Engine  (N) 

66700 

10000 

10000 

10000 

10000 

Engine  weight  (ea)  (Ibm)  310 

425 

425 

425 

425 

425  at  30klb  thrust 

(kg) 

Propellant  fraction  at 

141 

193 

193 

193 

193 

193  at  13.  4 N thrust 

60000  lbm  (27100  kg) 
propellant 

0.  907 

0.902 

0.  909 

0.  921 

0.  928 

0.930 
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GEOSYNCHRONOUS  MISSION 
PROPULSION  CONCEPT  COMPARISON 

• 90,000-LB  (40,800  KG)  TOTAL  PROPELLANT 

• DEP  ORBIT  28.5  DEGREES  200  N Ml  (370  KM) 


W 

i 

-«4 


Figure  E-2.  Geosynchronous  Mission  Propulsion  Concept  Comparison 
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Table  E-5.  Principal  Design  Characteristics  of  Four-Engine  Design 


n 

i 

oo 


******  MAIf.  PRuPULS  I Oli  SYSTCM  ***** 

»U’T  23,lj/u  FOUR  ENGINE  'JOU  PC 

***  INPUT  DATA  PROPULSION  SYSTLli  DESIGN  CASE  NO  1j3  *** 


PkoPELLMNT  TmNK  CONDITION: 


OXIDIZER 


FUEL 


PROPELLANT 

LOX 

LH2 

LIU  TEMP  (DEG  R > 

170.000 

40.U0U 

DENSITY  (LB/CU  FT) 

71.100 

4.240 

HELIUM  NPSP  - START  (PSI) 

4.000 

VAPOR  PRESS  - FINAL  CUTOFF  (PSI) 

15.000 

12.000 

RELIEF  PRESS  BAND  (PSI) 

5 . OOU 

5.000 

LIMIT  TEMP  (DEG  R) 

240.000 

70.000 

HELIUM  TEMP  - FINAL  START  (DEG  R) 

230.000 

VAPOR  TEMP  - FINAL  CUTOFF  ( DFG  R) 

230.000 

56. UGO 

VAPOR  MOLECULAR  WEIGHT 

32.0U0 

2.020 

ULLAGE  VOL  - FIRST  START  (FRACTION) 

0.000 

U.100 

RESIDUAL  LIQUID  (FRACTION) 

0.020 

0.025 

PROPELLANT  TANK  DESIGN  CHARACTER  1 S 1 TC 

s * * * * 

OXIDIZER 

FUEL 

NO  OF  UNITS 

1.0UU 

1 .000 

TANK  SHELL  ** 

MATERIAL 

2 014T  uAL 

2014T6AL 

DENSITY  (LB/CU  111) 

0.101 

U.1U1 

MINIMUM  GAUGE  (IN) 

0.045 

u.045 

TENSILE  ULT  (KSI ) 

73.500 

05.000 

FACTOR  ON  ULT 

1.500 

1.500 

ALLOWANCE  FOR  WELDS  (FACTOR) 

1 . luo 

1.1CU 

ALLOWANCE  FOR  ATTACH .( FACTOR  ) 

1.200 

1.200 

ALLOWANCE  FOR  INTERNALS  (LBS) 

30. OuU 

50.000 

ALLOWANCE  FOR  DOORS  ETC  (LBS) 

25.000 

25.000 

DIAMETER  CONSTRAINT  (IN) 

-162.000 

-162.000 

HEAD  FORM  (ASPECT  RATIO) 

-1 . 4su 

-1.400 

INSULATION  LAYER  - INNER  ** 

MATERIAL 

GAC  y 

GAC  0 

DENSITY  (LB/CU  FT) 

2.200 

2.200 

THICKNESS  (IN) 

1.500 

2.500 

CONDUCT  1 V. (BTU/FT-PEG-HR)*100K 

3.200 

3.200 

ALLOWANCE  FOR  ATTACH .( LRS/SU  FT) 

0.0 

U.O 

INSULATION  LAYER  - OUTER  ** 

MATERIAL 

NONE 

NONE 

DENSITY  (LB/CU  FT) 

0.0 

0.0 

THICKNESS  (IN) 

0.0 

U.O 

conduct i v . ( btu/ ft-deg-hr ) * iuok 

0.0 

u.u 

\ 
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Table  E-5.  Principal  Design  Characteristics  of  Four- Engine  Design  (Cont) 


INSULATION  COVER  ** 
MATERIAL 

DENS  I TY  ( LB/CU  111) 
THICKNESS  (IN) 


FI  GLASS  FI  GLASS 
0.072  u.u72 

0.025  0.0  25 


GAS  VESSEL  CONDITIONS  *** 
FUNCTION 

bxb 

MOLECULAR  WtlGiiT 
MAX  PRESSURE  ( PS  I A ) 

MAX  TEMP  (DEO  R) 

BLOW  DOWN  PRESSURE  ( PC  I A ) 
BLOWDOWN  TEMP  (DEU  R) 
RELIEF  PRESS  BAND  (PS I ) 
LIMIT  TEMP  (DEO  R) 


START  110  START  IID 

OXIDIZER  FUEL 

HELIUM  HELIUM 

U.OuO  4.00U 

3500.000  350u. UUO 

400. QUO  400.000 

200.000  20U.OOO 

400.000  400.  UU0 

100.000  100.000 

440. UOo  440. U00 


VESSEL  DESIUN  CHARACTERISTICS  *** 
FUNCTION 

NO  UF  SUBA5SEMNL I ES 
VESSEL  SHELL  ** 

MATERIAL 

DENSITY  (LB/CU  IN) 

MINIMUM  GAUGE  ( IN) 

TENSILE  ULT  (RSI ) 

FACTOR  UN  ULT 

ALLOWANCE  FOR  ATTACH .( FACTOR  ) 
INSULATION  ♦ COVER  (LRS/SO  FT) 
INTERNAL  HEATER  (LCS/LG  GAS) 


START  IID 

1.000 

6AL4VAT I 
0.104 
0 .030 
145.000 
1.500 
0.100 
0 . 5 0 0 
0.100 


START  HD 

1 .000 

OAL4VAT I 
0.104 
0.030 
145. OOu 
1.5i>0 
0.100 
O.5C0 
O.loO 


ENG  I HE  DESIgN  CHARACTERISTICS  *** 

NO  OF  UNITS 

FEED  TYPE 

NOxZLE  TYPE 

MANUFACTURER 

CUOLING  METHOD 

CONTROL  ACTUATION 

PROPELLANT 

MIXTURE  RATIO 

SPLCIFIC  IMPULSE  (SEC) 

CHAMBER  PRESSURE  (PSIA) 

EXPANSION  AREA  RATIO 
THROTTLING  RATIO 
THRUST  (LBS) 

WEIGHT  (LBS) 


4.000 

PUMPED 
FXD  BELL 
P + N 

112  REGEN 
HE  500  L 
LOX  LH2 

0.000 

403.000 
1500. 0U0 

300.000 

1.000 
0.0 
0.0 
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Table  E-5.  Principal  Design  Characteristics  of  Four-Engine  Design  (Cont) 


ENGINE  TARE  WEIGHT  ( Lf'. ) 

SPECIFIC  F/NE  (LRF/LBM) 

ENGINE  WT  COEF.  NO  3 

ENGINE  WT  COEF.  NO  4 

PREVALVE  PAIR  SPECIFIC  WT  (LBM/LNF) 

LINE  INSULATION  ♦ COVER  (LR/SP  FT) 

FEEL)  LINE  VELOCITY  (FI’S) 

NPoP  START  (PCI) 

NPSP  RUN  C PS  I ) 

UlMBAL  ACTUATORS  ** 

UESIoN  TYPE 

T\»C  ACTUATOR  TARE  WT  (LB) 
SPECIFIC  F/WL  (LDF/LGM) 

TliRUST/u  I MBAL  MOUNT  TAKE  WT  (LB) 
THRUST  MOUNT  SPECIFIC  WT  (LEM/LDF) 
STRUCTURE  SYNTHESIS  DATA  ***» 
STRUCTURE  TAkE  WT  (LB) 

EFFECTIVE  U LOAD  I NO  (li'S) 

EFFECTIVE  STRESS  LEVEL  (PSI) 

COLUMN  MATERIAL  DENSITY  (LB/CO  IN) 
EFFECTIVE  SKIN  THICKNESS  (IN) 
EFFECTIVE  SKIN  DENSITY  (LB/CU  IN) 

TUP  SEPARATION  LENGTH  (IN) 

INTERTANK  SEPARATION  ( IN) 

TANK  TO  ENGINE  SPACING  (II.) 

STOP  00000 
M.CU72  BEGIN 


2 8 . 7 i>0 
54.000 
-0.02u 
1.00U 
0.0 
0.500 

o.OUU 

0.0 

0.0 


HYUKAULC 


25.00b 

O.Obl 

20.00U 

u.u02 

o.u 

5.000 

lOUUO.Obu 

0.101 

0.020 

O.lUl 

12.000 

15.000 

12.000 
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ACCUMULATORS 

(OPTION) 

Figure  E-3.  Main  Propulsion  System 
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The  thermal  isolation  concept  uses  multilayer  insulation  for  both  pro- 
pellants and  thermal  blocks  in  lines  and  to  hot  structure. 

ENGINE  SYSTEM  STUDIES 

Number  of  Engines 

v V,-  iThiS  rtUdy  COnsidered  the  use  of  one,  two,  or  four  engines  for  the  RST 
ehicle  configuration  and  reliability  (redundancy)  factors  influence  this 

choice.  No  general  conclusion  was  reached,  the  configuration  influence 

varying  with  the  RST  concept.  The  lunar  landing  concept  configurations 

favored  multiple  engines,  and  the  expendable  ground-based  configurations 

avored  single  engines.  Since  the  number  of  engines  directly  affects  engine- 

thrust  rating,  and  engine  performance  falls  off  with  lower  thrust,  the  single 

engine  has  approximately  three  seconds  better  performance  than  four 
engines. 

The  redundancy  advantage  of  multiple  engines  also  remains  imperfectl, 
resolved  since  much  controversy  exists  as  to  the  true  validity  of  the  redun- 
dancy after  increased  complexity  is  accounted  for.  To  measure  this  cor- 
rectly requires  failure  analysis  down  to  the  component  level,  a process  that 
depends  on  sin  le-point  design  information  of  a quality  only  obtainable  in  a 

B “ Ud>'  C"  later-  Judgment  exercised  at  this  study  phase  (prephase  A 
could  be  based  ci  previous  program  decisions,  e.  g.  , the  Apollo  SM  and  LM 
are  single-engim  designs.  It  is  preferable,  however,  that  any  judgment  be 
based  on  insight  mto  the  factors  at  work  rather  than  historical  precedent. 

The  following  qualitative  analysis  is  such  an  estimate  and  comes  to  the  con- 
clusion that  multiple  engines  (probably  four)  are  preferred.  This  is  because 

their  rehabiiity  and  configurational  advantages  are  more  important  than  any 
weight  and  performance  penalty.  y 

Reliability 

A recent  Phase  B in-depth  study  on  the  lunar  flying  vehicle  (LFV) 
showed  substantial  improvement  in  reliability  for  a four-engine  design  over 
single-engine  design.  Thrust  vector  control  and,  thrust  failures  were 
examined  at  the  component  level  from  the  power  source  through  electronics 
gimbal  actuators,  and  thrust  chamber/nozzle  assemblies.  As  could  be 
expected,  multiple-engine  complexity  led  to  identification  of  interactive 
failure  modes  that  would  have  invalidated  redundancy.  In  every  severe 
case,  however,  it  was  possible  to  design  these  effects  out  of  the  system. 

. ^ f,ailUT  StUdy  W3S’  °f  COUrse’  ““erned  with  failures  in  a 

lunar  gravity  field  the  most  severe  case.  This  case  also  applies  to  lander 

versions  of  the  RST.  However,  for  orbital  operations,  the  consequences 

are  not  nearly  as  serious,  and  the  acceptable  engine-out  conditions  are 
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much  broader.  For  example,  in  orbit,  any  degree  of  thrust  misalignment 
with  the  vehicle  axis  is  acceptable.  A lander  has  a tolerance  of  only  a few 
degrees,  depending  on  landing  gear  capability,  and  an  atmospheric  booster 
has  effectively  no  tolerance.  It  follows,  then,  that  the  potential  for  relia- 
bility gain  through  use  of  multiple  engines,  if  substantial  for  a lunar  lander 
RST,  is  even  greater  for  an  orbital  RST. 

Weight,  Performance  and  Length 

Multiple  engines  incur  greater  engine  system  weight  but  this  is 
partially  offset  in  some  RST  configurations  by  structure  savings  due  to  better 
load-path  integration.  They  also  have  lower  specific  impulse  at  the  same 
expansion  area  ratio,  but  since  length  is  at  a premium  on  the  RST,  the 
single-engine  design  can  lose  this  advantage.  Multiple  engines  can  be 
located  so  that  nozzle  length  does  not  influence  vehicle  length.  For  con- 
cepts requiring  aft  docking  gear,  the  single  engine  also  requires  a larger 
diameter,  heavier  concentric  docking  ring  to  clear  the  nozzle. 

Engine  Type 

Engine  types  considered  were  all  pump  fed  with  regenerative/ 
transpiration-cooled  thrust  chambers.  The  only  existing  LOX-hydrogen 
engine  within  the  applicable  thrust  range  is  the  Pratt  & Whitney  RL10-3-3. 
Another  engine  in  development  and  now  (pending)  redirected  toward  tug 
requirements  is  the  Rocketdyne  25,  000-pound-thrust  LOX-hydrogen  Aero- 
spike.  In  a Phase  B planning  status  is  the  concept  for  a new  LOX-hydrogen 
engine  for  the  shuttle  orbiter  maneuvering  system  (EOS-OMS).  It  is  cur- 
rently rated  at  10,  000  lbf  (44482  N)  with  a remotely  located  turbopump 
integrated  with  an  ACPS  conditioning  unit.  In  addition  to  these  engines, 
which  offer  potential  RST  program  development  cost  savings,  the  study 
considered  uprated  versions  of  the  RL-10  and  an  RST-oriented  new  engine 
incorporating  demonstrated  state-of-the-art  advancements. 

With  the  exception  of  the  EOS  OMS  engine,  which  is  not  yet  a firm 
concept,  the  principal  characteristics  of  ail  of  these  engines  are  listed  in 
Table  E-6.  The  effect  of  their  weight  and  performance  is  illustrated  in 
Figure  E-4  for  the  single-stage  Concept  1.  In  this  plot,  the  effects  of 
variations  in  installation  and  suction  requirements,  as  well  as  gravity 
losses  from  thrust  differences,  are  neglected.  This  oversimplification 
does  indicate,  however,  that  the  performance  advantages  of  an  RST-oriented 
new  engine  are  substantial,  giving  a 30  percent  reduction  in  propellant  over 
the  existing  RL10-3-3.  Additional  savings  would  result  from  lower  NPSH 
requirements  that  could  be  designed  into  the  new  engine.  (Figure  E-2  and 
a following  discussion  of  the  MPS  pressurization  system  concern  this 
advantage). 
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Table  E-6.  Engine  Characteristics  (English  Units) 

Pc  (Psia)  MR  I W (lb)  Length  Thrust 

s p 0 

PARAMETRIC  ENGINES  (25000-lb  thrust) 


© 

© 

© 

© 

© 

© 

© 

© 

© 

© 

© 


A RL  10-3-8 
* A RS  23  QMS 


A Ae  rospike 
.A  AGC  Parametric 
A RL10-3-3 


2000 

2000 


100  5 or  6 450 


2000  400 

1500  100 


1500  200 

1500  300 


1500  400 

1000  100 


1000  200 

1000  300 


1000  400 

500  100 


500  200 


460 

466 

450 

460 

464 

465 
450 
456 
460 
464 
445 
454 


500  300  5 or  6 458 

POINT  DESIGN  ENGINES 


393 

404 

418 

384 

397 

410 

426 

366 

388 

410 

434 

386 

428 

470 


600 

300 

5 

462.  5 

440 

150 

800 

200 

5 

461 

(132  x 3) 
396 

62.  7 

750 

110 

5.  5 

457 

360 

23 

2500 

200 

5 

466 

354 

77.  5 

450 

57 

5 

444 

325 

70 
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22500 

24000 


25000 

25000 

15000 


© 

© 

© 

© 

© 

© 

© 

© 

(12) 


A RL  10-3-8 
A RS230MS 


Table  E-6.  Engine  Characteristics  (Metric  Units)  (Cont) 


p Newtons 

6 

Isp 

N ewtons-  sec 

c (cm^) 

MR 

L kg 

We  (kg) 

PARAMETRIC  ENGINES  - 1.11  x 105  NEWTONS 


1380 

100 

5 

or  6 

4420 

178 

1380 

200 

4510 

184 

1380 

400 

4576 

190 

1035 

100 

4420 

174 

1035 

200 

4510 

181 

1035 

300 

4550 

186 

1035 

400 

4560 

194 

690 

100 

4420 

166 

690 

200 

4470 

176 

690 

300 

4510 

186 

690 

400 

4550 

197 

345 

100 

4370 

1 (5 

345 

200 

| 

4450 

195 

345 

300 

J 

r 

4490 

214 

POINT  DESIGN  ENGINES 

I 

300  5 4530 

200  5 4520 


Thrust 

Newtons 


200  3.80  105 

(60x3)  1.  59  1.  07  x 105 
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Figure  E-4  also  shows  that  the  Aerospike  has  only  moderate  perform- 
ance. It  does  have  a length  advantage,  but,  at  its  proposed  mixture  ratio 

5,  its  total  vehicle  length  advantage  over  a two-position  bell  single- 
engine design  shrinks  to  25  inches  (63  cm),  as  shown  by  Figure  E-5.  There 
is  also  the  possibility  of  incorporating  the  aft  docking  drogue  in  the  plug  base. 
However,  since  its  development  is  far  from  complete,  its  evaluation  must 
be  on  the  same  basis  as  for  a new  bell  nozzle  engine,  for  which  an  ample 
technology  base  already  exists.  On  this  basis  it  would  appear  that  the  RST 
is  not  now  a favorable  application  for  the  Aerospike,  particularly  since  its 
most  unique  feature,  an  altitude  compensating  nozzle,  is  of  no  advantage  in 
s pace . 

The  existing  RL10-3-3  has  inferior  performance,  as  indicated  by 
Figuie  E-4.  The  addition  of  a larger  nozzle  extension  could  improve  specific 
impulse,  but  the  nozzle  is  then  excessively  large  and  heavy  (Figure  E-6). 
Increasing  the  RL10  chamber  pressure  to  its  maximum  limit  of  600  psia 
(416  N/cm2),  as  proposed  for  the  RL10-3-8,  reduces  this  problem  some- 
what and  gives  a specific  impulse  approaching  the  attainable  new-engine 
value.  However,  the  nozzle  is  still  large,  and  the  modifications  required 
to  turbopumps,  injector,  and  thrust  chamber  entail  a development  effort 
approaching  that  of  a new  engine.  Considering  the  constraints  that  always 
exist  when  a fixed  design  is  departed  from,  it  does  not  appear  that  all  of  the 
operational  features  desired  of  a new  engine  could  be  obtained.  Engine  cost 
savings  (yet  to  be  established)  could  be  an  overwhelming  factor,  but,  in  view 
of  the  disadvantages  described,  primarily  engine  size,  the  use  of  any  of  the 
RL10  series  does  not  appear  desirable  for  the  RST. 

As  shown  by  Figure  E-4,  a new  high-chamber-pressure  engine  has 
substantial  performance  advantages.  It  could  also  use  advanced-technology 
low  NPSH  pumps  with  an  attendant  reduction  in  pressurizing  system  weight. 
The  high  chamber  pressure  has  several  beneficial  effects.  At  the  same 
engine  weight,  a higher  expansion  ratio  is  obtained.  The  specific  impulse 
dropoff  with  increase  in  mixture  ratio  is  then  less  than  at  lower  expansion 
ratios,  permitting  a higher  vehicle  optimum  mixture  ratio  as  propellant 
system  weight  is  taken  into  account.  The  result  is  better  performance  and 
a shorter  vehicle. 

Aside  from  performance  gains,  a new  engine  developed  specifically 
for  the  RST  could  incorporate  currently  attainable  technology  advances  to 
provide  operational  capabilities  that  are  most  valuable  to  the  RST.  These 
are  in  the  areas  of  long  life  and  reuse;  status  monitoring  provisions  and 
maintainability;  operational  flexibility  (providing  fast  start  response  with  low 
chilldown,  run-up,  and  tail-off  losses);  shutdown  impulse  repeatability  for 
accurate  delta-V  cutoff,  tank  head,  or  low  pumped  idle  for  small  delta-V 
maneuvers;  and  lunar  landing  missions  (throttling). 


PROPELLANT  1000  LB  (1000  KG) 


SPECIFIC  IMPULSE  SEC 


CHAMBER  PRESSURE 


ENGINE  WEIGHT  LBM  (KG) 


MIXTURE  RATIO  6 


MIXTURE  RATIO  5 


Figure  E-4.  Single  Stage  Concept  1 Weight  and  Performance  Effect 
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THRUST  (LB) 

22,500 

22,000 

THRUST  (N) 

100,000 

98,000 

Pc  (PSIA) 

600 

600 

Pc  (N/CM2) 

414 

414 

E 

300 

600 

ISP 

462.5 

100 

MR 

5 

450 

5 


Figure  E-6.  Engine  Concept  Dimensions 
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Thrust  Level  Selection 


I he  optimum  thrust  level  must  be  based  on  the  most  performance- 
demanding  mission  that  involves  the  greatest  velocity  sensitivity  to  finite 
thrust.  These  conditions  occur  on  the  synchronous  equatorial  mission 
from  an  orbit  of  100  nautical  miles  (185  kilometers)  by  28.  5 degrees,  with 
the  departure  burn  controlling.  The  optimum  is  obtained  by  balancing 
velocity  requirements  against  engine  weight.  The  optimization  criteria 
selected  here  is  minimum  initial  gross  weight  at  constant  payload.  For  a 
four-engine  design,  the  optimization  is  shown  in  Figures  E-7  and  E-8,  with 
the  result  that  a engine  thrust  rating  of  7000  pounds  (3180  kilograms) 

(1250  seconds  burn  time)  is  optimum. 

Mixture  Ratio  Selection 


The  performance  at  a mixture  ratio  of  six  is  superior  to  that  at  a 
ratio  of  five  (Figure  E-4).  As  noted,  the  vehicle  is  also  shorter  at  the 
higher  mixture  ratio.  Other  studies  have  shown  that  the  optimum  is  higher 
than  six.  However,  this  value  is  used  now  as  an  upper  limit.  Engine 
manufacturers  have  indicated  increasing  development  difficulty  at  higher 
ratios  since  a higher  mixture  ratio  reduces  the  hydrogen  available  for 
cooling  and,  for  closed  cycles,  reduces  turbine  working  fluid  with  corre- 
sponding increase  in  turbine  temperature. 

Chamber  Pressure  and  Engine  Cycle 


As  noted,  high  chamber  pressure  is  advantageous.  However,  each 
engine  cycle  type  (cycle  refers  to  t:ie  combined  process  used  to  extract 
heat  from  the  thrust  chamber  jacket  and  to  provide  energy  for  expansion 
through  the  turbine)  has  an  applicable  pressure  range.  The  closed  cycles 
are  most  efficient,  since  all  fluid  ultimately  flows  through  the  chamber. 
Closed  cycles  include  the  expander  and  augmented  expander  or  staged  com- 
bustion cycles.  Open  cycles  use  a separate  gas  generator  for  turbine  fluid 
with  a small  inefficient  contribution  to  thrust  obtained  from  turbine  exhaust 
either  through  a separate  thruster  or  through  a dump  manifold  at  the  low 
pressure  end  of  the  main  nozzle.  The  closed  cycles  must  be  balanced,  which 
places  an  upper  limit  on  their  chamber  pressure.  The  precise  limits  depend 
on  engine  manufacturers'  preferences  with  respect  to  cooling  margin,  and 
similar  variables,  and  thrust  rating  of  the  engine.  Since  thrust  rating  has 
a strong  effect,  the  RST  chamber  pressure  depends  on  the  number  of 
engines  in  the  configuration. 


In  a following  section,  Engine  Parametric  Model  (Figure  E-9)  the 
staged  combustion  cycle  is  used  down  to  the  thrust  range  where  the  pressure 
limit  is  reduced  to  the  900  psi  limit  of  the  expander  cycle.  From  there 
down,  the  more  efficient  expander  cycle  is  used. 
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"•ENGINE  WEIGHT 
-•SPECIFIC  IMPULSE 
• GRAVITY  LOSSES 


WENG/aF  = *0188  LB/LB 
(FOR  4 ENGINES) 


THRUST/ENGINE— KLB4  (KN) 


Figure  E-7.  Thrust  Optimization  Parameters 
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09 

Gross  Wt. 
KLB  (MG) 


110  8.8  - 9.2  40.2  40.6  5 9 

Burnout  Wt.  Propellant  Wt.  Thrust 

KLB  (MG)  KLB  (MG)  LBf  (N) 


Figure  E-8.  Thrust  Optimums 
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Expansion  Area  Ratio 

The  optimization  studies  indicate  that  at  high  chamber  pressures  of 
1500  psia  (1032  N/sq  cm)  or  more,  the  optimum  area  ratio  is  higher  than  400 
since  the  specific  impulse  gain  offsets  the  added  nozzle  weight.  However 
configuration  limits  on  nozzle  diameter  and  length  act  as  a constraint,  which 
occurs  between  250  and  400  area  ratio,  depending  on  the  number  of  engines. 
For  the  longer  single-engine  designs,  there  is  also  the  option  of  adding  a 
nozzle  skirt  extension  for  the  periodic  high-performance  missions  which  are 
fortunately,  expected  to  involve  shorter  payloads. 

Since  expansion  area  ratios  as  high  as  considered  here  have  not  been 
demonstrated,  a check  of  exit  conditions  was  warranted.  The  result  using 
equilibrium  composition  of  exhaust  products  during  expansion  from  Sieve rs* 
is  shown  in  Table  E-7.  At  chamber  pressures  above  900  psia  (620  N/sq  cm) 
as  anticipated  for  Tug  there  is  no  obvious  cause  for  concern.  The  exit  condi- 
tions are  similar  to  those  of  the  low-pressure  Apollo  service  module  engine 
and  well  above  the  ice  point. 


Engine  Parametric  Model 


_ p_  Uring  develoP™ent  o[  a parametric  model  of  engines  applicable  to  the 
R T concepts,  the  disparity  among  different  engine  manufacturers'  data  was 
resolved  to  give  a uniform  specific  impulse  estimate  and  one  consistent  set 
of  scaling  data  for  weight  and  dimensions. 


Table  E-7.  High  Expansion  Ratio  Exit  Conditions 


Mixture  ratio 

6 

Expansion  area  ratio 

400 

Chamber  pressure,  psia  (N/cm2 

) 900 

(619) 

Combustion  temperature  °R  (°K) 

6260 

(3490) 

Exit  pressure*,  psia  (N/cm2) 

0.  009 

(0.  006) 

Exit  temperature*  (°R)  (°K) 

1010 

(561) 

Equilibrium  composition  during 

expans  ion 

Reference  2 , page  E -44. 


E-24 


SD  71-292-4 


Space  Division 

North  American  Rockwell 


The  methods  of  McKevitt  (Reference  1)  and  Sievers  (Reference  2)  were 
used  to  establish  the  basis  for  the  specific  impulse  values  shown  in 
Table  E-8.  The  result  is,  in  most  cases,  similar  to  the  engine  manufac- 
turers' data.  The  data  are  plotted  in  Figure  E-10  to  give  a smooth  curve 
with  engine  thrust  rating  while  chamber  pressure  is  necessarily  discon- 
tinuous, as  shown  in  Figure  E-9. 

Engine  weight  and  dimensions  were  taken  from  selected  data  of  engine 
manufacturers.  These  are  plotted  in  Figures  E-ll  and  E-12  at  an  area 
ratio  of  400  and  at  the  chamber  pressures  assumed  (Figure  E-9).  Varia- 
tions in  area  ratio  from  400  on  dimensions  and  performance  are  shown  in 

Figure  E-13.  Single-point  design  data  with  one,  two,  and  four  engines  are 
shown  in  Table  E-9. 


Table  E-8.  Specific  Impulse  Estimate  Basis 


Engine  concept  No. 

3 

2 

1A 

IB 

4 

Thrust  Ibf 

6250 

12500 

25000 

24100 

25000 

(M) 

(27800) 

(55600) 

(111200) 

( 107000) 

( 111200) 

Chamber  pressure  psia 

900 

1300 

2000 

2000 

750 

(N  / cm^) 

(620) 

(895) 

(1380) 

( 1380) 

(516) 

Expansion  area  ratio 

400 

400 

400 

100 

110 

Mixture  ratio 

6 

6 

6 

6 

5.  5 

Theoretical*  specific 

485 

Impulse  ( sec) 

486 

486 

470 

472 

Nozzle  efficiency  (%) 

96.4 

96.  7 

96.9 

96.  2 

97..8 

Geometry  loss 

0.  3 

0.  3 

0.  3 

1.  5 

0.  5 

Drag  loss 

2.  5 

2.  3 

2.  2 

1.  7 

1.  0 

Nonrecombustion  loss 

0.8 

0.  7 

0.  6 

0.  6 

0.  7 

Combustion  efficiency 

99 

99 

99 

99 

99 

Delivered  specific 

463 

i mpulse  ( sec) 

465 

466 

448 

457 

Equilibrium  Is  - 

F rozen  Is  - sec 

19 

18 

16 

15 

16 

* Equilibrium  composition  during  expansion 
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Table  E-9-  Engine  Characteristics 


Engine  concept  No. 


Nozzle  type 


Number  of  engines  per  stage 


Thrust  lbf 
(N) 


Chamber  pressure  psia 

(N/cm2) 


Expansion  area  ratio 


Mixture  ratio 


Delivered  specific  impulse  (sec) 


Engine  assembly  weight  Ibm 

(KG) 


Overall  length  in. 

(cm) 


Nozzle  length  in. 

(cm) 


Throat  diameter  in. 

(cm) 


Exit  diameter  in. 

(cm) 


_ 


Interchangeable 

Bell 


25000  24100 

(111200)  (107000) 


2000 
( 1380) 


110 

(269) 


83 

(210) 


2.  8 

(7.  1) 


56 

(147) 


2000 

(1380) 


61 

(152) 


34 

(86) 


2.8 

(7.  1) 


28 

(71) 


2 

3 

4 

Fixed  Bell 

Fixed  Bell 

PLU 

2 

4 

1 

12500 

6250 

25000 

(55600) 

(27800) 

(111200) 

1300 

900 

750 

(895) 

(620) 

(516) 

400 

400 

110 

6 

6 

5.  5 

465 

463 

457 

250 

180 

500 

95 

82 

23 

(241) 

(208) 

(58) 

73 

62 

(185) 

(157) 

- 

2.  5 

2.  1 

— 

(6.2) 

(5.3) 

- 

49 

42 

59 

(125) 

(107) 

(150) 
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Figure  E-9.  Chamber  Pressure  Assumptions 
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Figure  E-10.  Estimated  Engine  Performance 
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Weight  - 
LBM  (KG) 


Thrust  per  Engine  - KLB^  (KN) 
Figure  E-ll.  Main  Engine  Weights 
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Figure  E-12.  Engine  Scaling  Thrust  Effect  at  Area  Ratio  400 


Length  Overall 


Figure  E-13.  Engine  Scaling  Area  Ratio  Effect 


Space  Division 

North  American  Rockwell 


Engine  Plume  Effect 


Consideration  of  two  aspects  was  required  during  development  of  the 
installation  requirements  of  outboard  engines  placed  along  side  the  vehicle. 
Plume  impingement  on  the  vehicle  skin  causes  both  heating  and  jet  momentum 
loss.  Heating  is  not  excessive  at  the  high  expansion  ratios  and  geometry 
involved.  It  does,  however,  require  the  vehicle  to  be  protected  with  a shield, 
probably  titanium.  The  infrared  (IR)  transparency  of  the  exhaust  will  permit 
this  shield  to  be  minimum  gauge  and  radiation  cooling  indicates  an  equilib- 
rium skin  temperature  of  only  1360  R (755  K).  The  nozzles  most  probably 
will  be  fully  regeneratively  cooled,  permitting  shadowing  by  the  vehicle.  A 

more  serious  problem  requiring  further  analysis  is  the  momentum  (ISD)  loss 
effect.  p 


Preliminary  appraisal  of  these  two  effects  led  to  selection  of  a 
10-degree  cant  angle  for  this  type  of  engine  installation.  The  corresponding 
cant  angle  specific  impulse  loss  is  seven  seconds.  Providing  nozzle  and 
plume  clearance  without  canting  is  preferable. 

PRESSURIZATION  SYSTEM  STUDIES 

Pressurization  system  requirements  are  established  by  engine  suction 
limits  on  both  NPSH  (net  positive  suppression  head)  and  total  pressure.  For 
a new  engine,  the  inverse  of  this  matching  will  be  obtained  by  trade  studies. 
They  will  be  used  to  determine  the  pressurization  system  lower  limit  due 
to  tank  minimum  gauge  and  fluid  properties  and  the  practical  design  and 
weight  limits  of  an  engine  inducer  or  integrated  boost  pump.  In  the  past 
decade  advances  in  inducer  design  have  doubled  allowable  suction  specific 
speeds,  and  pumps  in  the  range  of  zero  to  4 psi  (0  -2.  76  N/cm2)  suppression 
head  are  being  proposed  by  all  engine  manufacturers.  At  values  this  low, 
obtaining  and  maintaining  suppression  pressure  without  collapse  during 
firing  does  not  appear  to  be  a problem.  Accordingly,  the  lower  limit  on 
total  pressure  in  the  range  of  20  psia  (13.  8 N/cm2)  or  somewhat  lower  — 
is  of  more  concern.  It  affects  pressurization  gas  residual  weight  and  tank 
shell  thickness  directly.  Figure  E-14  indicates,  for  saturated  (zero  NPSH) 
propellants,  the  pump  flow  area  requirements  as  a function  of  total  (pressure 
and  flow  acceleration)  pressure  drop.  A typical  inducer  can  handle  about 
30  percent  vapor  and  a boost  pump  about  50  percent  because  of  its  lower 
speed.  The  permissible  flow  per  unit  area  is  a measure  of  how  small  and 
fast  the  pump  can  be  made  to  save  weight. 
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Figure  E-14.  Operation  on  Saturated  Propellants 
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Figure  E-14.  Operation  on  Saturated  Propellants 
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Since  the  structural  weight  is  sensitive  to  pressure,*  this  study  has 
assumed  a maximum  tank  operating  pressure  of  25  psia  (17.  2 N/cm2) 

(vent  valve  operation)  and  operating  pressure  of  20  psia  (13.  8 N/cm2).  This 
assumption  is  based  on  the  cryogenic  fluid  being  maintained  at  a 15  psia 
(10.  4 N/cm2)  saturation  temperature  (37  R (70.  4 K)  for  HZ,  162  R (90  K) 
for  02)  continuously.  It  is  also  assumed  that  the  device  that  maintains  the 
fluid  at  1 5 psia  (10.4  N/cm2)  will  be  the  thermodynamic  venting  system, 
which  is  discussed  subsequently. 


The  main  concern  in  the  pressurization  system  is  that  the  heat 
exchangers,  tubes,  and  inflow  regulators  provide  the  force  to  prevent  the 
pumps  from  cavitating.  Similarly  the  weight  of  the  residual  gases  is  a 
dominant  system  performance  parameter  and  one  desirable  to  control. 

Since  the  tug  is  a multiburn  vehicle,  there  is  time  for  the  pressurization  gas 
to  cool  and  assume  a higher  density,  at  least  for  the  early  burns.  The  last 
burn,  however,  is  most  influential  if  it  can  end  with  heated  ullage  gas. 

The  problem  associated  with  adopting  thermodynamic  venting  for 
boiloff  conversion  is  that  it  operates  better  with  the  provision  for  single 
common  propellants  and  pressurization  gases  (i.  e.  , pure  fluids).  There 
have  been  many  studies  proving  that  helium  is  the  lightest  pressurant  for 
oxygen  propellant  tanks,  but,  for  the  space  based  tug,  it  is  far  better  to  use 
A the  respective  propellants  as  pressurant  fluids  than  to  add  logistics  complexity 
and  the  inherent  unreliability  of  a foreign  pressurization  gas.  These  con- 
siderations would  not  be  so  dominant  for  a ground  based  tug,  but  the 
qualitative  considerations  still  clearly  favor  the  use  of  the  same  propellants 
and  pressurant  gases  to  simplify  the  zero-g  storage  and  venting  system. 

I he  need  to  permit  condensation  of  pressurant  on  the  colder  surfaces  and 
thus  promote  the  ability  to  pump  liquid  in  the  near-zero-g  environment  is 
one  of  these  qualitive  considerations.  The  others  are  reliability  implications, 
compatibility  with  the  refueling  system  to  be  used,  and  use  for  auxiliary 
propellant  functions. 

Stratification  is  associated  with  pressurization  systems  as  usually 
providing  a natural  ullage  pressure  greater  than  the  vapor  pressure  of  the 
fluid  at  the  tank  outlet.  The  thermal  gradient  in  the  fluid  is  then  normal  to 
the  liquid  surface  in  the  gravitation  or  thrust  fields  since  the  warmer  layers 
of  fluid  are  lower  in  density  and  bouyant.  However,  under  zero  g,  stratifi- 
cation is  not  dependable,  so  different  methods  must  be  d - vised  to  achieve  the 
same  purpose.  If  the  thermodynamic  venting  device  wer.  located  near  the 


*The  use  of  separate  boost  pumps  also  can  be  considered  as  a way  to  achieve 
reduced  pressure,  but  the  qualitative  feature  of  added  unreliability  in  series 
with  the  engine  has  caused  it  to  be  eliminated  from  the  following  discussion. 
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propellant  outlet,  it  would  be  possible  to  develop  the  thermal  gradient  by 
layer-to-layer  conduction,  much  as  if  the  fluid  were  a nonmoving  solid  sub- 
stance. The  opposite  extreme  is  where  the  fluid  is  circulated  and  in  which 
it  is  completely  destratified  at  the  time  of  engine  start.  The  former  case 
would  be  least  severe,  since  the  formation  of  vapor  from  the  hot  layers  of 
fluid  would  help  initiate  pumping  and  prevent  cavitation.  The  latter  case  is 
cause  for  concern.  In  the  event  of  complete  destratification,  the  system 
would  require  an  accumulator  or  start  tank  to  provide  an  initial  pressure  on 
which  to  start  the  engines  and  allow  them  to  run  for  a short  time  while  the 
engine-bleed  pressurizing  system  comes  up  to  operating  temperature  and 
pressure.  While  there  is  no  specific  engine  yet  available,  typical  pressurant 
supplies  are  derived  from  a direct  bleed  of  oxidizer  from  the  turbopump, 
with  subsequent  heating  in  a heat  exchanger  on  the  turbopump  exhaust,  and 
direct  bleed  of  fuel  from  the  thrust  c;  amber  or  engine  jacket  cooling  system. 
Since  it  requires  a few  seconds  for  these  systems  to  come  up  to  operating 
conditions,  an  accumulator  will  be  required.  The  accumulator  will  be 
designed  to  provide  pressurant  for  about  five  seconds,  with  a second  restart 
capability.  Furthermore,  the  accumulator  will  be  recharged  by  the  engine- 
bleed  system  once  it  is  in  operation. 


, For  greater  realism  in  estimating  residuals  and  for  better  understandin 
of  the  implications  of  a multiburn  mission  on  the  pressurization  system  a 
typical  pressurization  study  was  performed  for  the  space  tug.  The  mission 
assumed  was  a signle  stage  to  synchronous  equatorial  orbit.  The  fuel  side 
pressurant  mass  flew  rate  and  total  pressurant  mass  requirements  were 
determined  for  this  six-burn  mission.  A pressurization  system  computer 
program  (No.  6N-922)  was  used  in  these  computations.  It  considered 
thermal  stratification  in  the  tank  as  well  as  the  details  of  interphase  mass 
and  heat  transfer.  The  analysis  assumed  the  initially  stratified  condition 
of  25  psia  (17.  2 N/cr/)  tank  pressure  at  the  start  of  burn  with  no  pressurant 
flow  rate  until  the  pressure  dropped  to  20  psia  (13.  8 N/cm^).  The 
pressurization  system  is  then  used  to  maintain  the  tank  pressure  at  20  psia 

(1j.  8 N/cm  ) for  the  remainder  of  the  burn.  The  assumptions  and  mission 
time  sequences  are  shown  in  Table  E-10. 


The  total  accumulated  pressurant  consumed  is  shown  in  Figure  E-15. 

This  figure  shows  that  the  ideal  rtratified  condition  would  require  only  a 
modest  amount  of  hydrogen  pressurant  gas,  a little  over  2i  pounds  (9.  5 ks). 
Furthermore,  the  later  burns  in  the  mission  may  operate  on  stratified 
fluid  for  over  100  seconds  before  the  pressurizing  gas  begins  to  flow  in. 

The  Erst  burn  actually  consumed  the  greatest  amount  of  pressurant,  and 
the  second,  fifth,  and  sixth  burns  are  performed  without  any  pressurant  at 
all.  Figure  E-16  shows  the  mission  time  line,  with  the  time  duration 
spelled  out  between  successive  burns.  This  has  been  used  to  estimate  the 
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Table  E-1G.  Single  Stage  to  Synchronous  Orbit  and  Stage  Return 


1 

Assumptions: 

1.  Initial  ullage  pi 

2.  Initial  ullage  te 

3.  Pressurant  flc\ 

4.  Pressurant  terr 

5.  Neglects  start 

6.  Total  usable  pr 

7.  Engine  mixture 

Re  suits: 

ressure  of  25  psia  (17.  2 N/cm2)  for  each  burn 

mperature  corresponds  to  the  saturation  temperature  at  25  psia  (17.  2 N/cm2) 
v begins  when  the  ullage  pressure  drops  to  20  psia  (13.  8 N/cm2) 
iperature  of  230  R (128  K) 
and  shutdown  transients 

opellant  mass  of  62,  258  pounds  (28,  400  kilograms) 
ratio  of  6:1 

Burn 

Pre  ssurant 

Accumulated 

Time 

Time 

Flow 

Pres  surant 

Pressurant 

Event 

(hr  s) 

(sec) 

lb/ sec 

U sed  lb  (kg) 

lb(kg) 

Docked  EOS  phase 
orbit  injection 

3.  627 

0.  0337  (.  0153  Kg/sec) 

15.  66  (7.  1) 

15.  66  (7.  1 ) 

Trans  orbit 
injection 

13.  016 

13 

0 

0 

15.  66  (7. 1) 

Synch  orbit 
injection 

18.  22 

236 

0.  0295  (.  0134  Kg/sec) 

3.  26  (1. 48) 

18.  92  (8.  6) 

Trans  orbit 
injecting  return 

29.  805 

203 

0.  207  (.  0094  Kg/sec) 

2.  11  (0.  96) 

21. 03  (9. 65) 

Phase  orbit 
injection 

35. 235 

127 

0 

0 

21. 03  (9.  65) 

Circular  orbit 
injection 

36.  445 

49 

0 

0 

21. 03  (9.  65) 
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reasonability  of  the  25-psia  (17.  2-N/cm^)  assumption  at  the  initiation  of 
burn.  Longer  mission  times  would  provide  a more  startling  stratification, 
but  lunar  lander  modules  would  be  less  likely  to  benefit  from  this  because 
of  gravity.  Thus,  a practical  pressurization  system  will  still  require  much 
more  consideration  and  greater  experimental  confirmation  before  either  the 
stratified  or  destratified  approaches  can  be  deemed  valid. 


REFUELING  OF  THE  TUG 


Two  basic  modes  of  refueling  the  tug  have  been  compared:  They  are 

ground  (based)  fill  and  orbital.  The  former  method  has  the  advantages  of 
developed  technology  and  procedures,  easier  checkout,  small  ullage  volume, 
and  accurate  quantity  gauging.  The  latter  method  (orbital  refueling)  provides 
greater  operational  flexibility,  allows  multiple  tug  missions,  and  permits  a 
dry  launch  of  the  tug.  However,  the  technical  problems  inherent  in  orbital 
refueling,  including  liquid  location  control,  transfer  and  chilldown  losses, 
and  in-orbit  quantity  gauging,  must  be  overcome.  The  two  methods  of 
refueling  each  can  be  accomplished  in  a variety  of  ways.  Ground  fill  can 
use  fill,  drain,  topping,  purge,  and  vent  plumbing,  which  is  either  separate 
from  or  integrated  with  the  corresponding  system  for  the  earth  to  orbit 
shuttle  (EOS).  Orbit  refueling*  can  be  by  direct  transfer  from  the  space 
shuttle  and  a transfer  that  uses  two  types  of  depots  as  intermediaries. 

Direct  transfer  avoids  the  additional  complexity  and  losses  connected  with 
a depot,  while  use  of  a depot  allows  greater  operational  flexibility.  One  of 
the  depot  concepts  uses  INT-21  launched  tankage  and  required  fluid  transfer 
both  to  and  from  the  depot  with  a storage  requirement  dependent  on  the 
traffic  plan.  The  other  depot  employs  space  shuttle  payload  propellant 
tankage  placed  in  orbit  by  a modular  exchange  method.  A study  of  propellant 
transfer  to  the  reusable  nuclear  stage  ( RNS) , under  contract  to  NASA  /MSFC , 
has  led  to  the  recommendation  that  transfer  to  the  RNS  be  conducted  via  a 
depot.  However,  this  recommendation  was  to  a large  extent  based  on  the 
large  quantity  of  propellant  required  by  the  RNS  (300K  pounds  or  136  Mg) 
and  safety  considerations  associated  with  a nuclear  stage. 

To  refuel  in  orbit,  it  is  necessary  to  dock,  connect  lines,  supply 
propellant  (rather  than  vapor)  to  the  source  tank  outlet  region,  expel  the 
propellant,  maintain  receiver  tank  pressure  below  supply  tank  level,  gauge 
quantity,  and  control  vehicle  attitude  and  attitude  rate  within  allowable 
limits.  Other  refueling  methods  are  given  in  Table  E-ll.  The  important 
first  phase  for  in-orbit  refueling  is  source  tank  propellant  positioning  and 
acquisition.  Of  the  methods  identified  in  Table  E-ll,  studies  to  date  have 


*Some  of  the  orbital  refueling  alternatives  are  shown  in  Figure  E-17.  The 
methods  shown  are  not  independent  alternatives  but  rather  an  interdependent 
^ set. 
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Table  E-ll.  Orbital  Refueling  Alternatives 


Source  Tank 

Tug  Propulsion  System  Tankage 

Propellant  Acquisition 
and  Location  Control 

Expulsion 

Hydrodynamic 

Control 

Thermodynamic 

Control 

Capillary  devices 

Pump 

Capillary  devices 

Initial  chilldown  of 

• Full  tank  screen  link 

receiver 

• Screen  compartment 

Pre  s sure 

Acceleration 

Vent  during  filling 

• Capillary  pumps  or 
channels 

• Combinations  of  above 
Acceleration 

• Stored  helium 

• Self  or  thermal 
pres  surization 

• internal 

Positive 
(bladder,  etc.  ) 

Baffle  s 

• Thermodynamic 
venting 

• Direct  venting 
with  position 
control 

• Linear  thrust 

• Rotation  (pitch  axis) 

• external 

• liquid/gas 
conversion 

No  vent  filling  via 
spray  fill  and 
ullage  collapse 

• Spin  (roll  axis) 

Pump  plus  pressure 

Vent  to  space  prior 

Electrohydrodynamic 

to  filling 

Bladders,  bellows  and 
diaphragms 
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shown  three  to  be  the  most  attractive:  capillary  devices,  linear  acceleration, 
and  rotational  (pitch  axis)  acceleration.  As  some  of  the  problems  involved 
in  orbital  refueling  of  cryogenics  must  be  regarded  as  beyond  the  present 
state  of  the  art,  future  emphasis  should  be  placed  on  using  the  latest  tech- 
nology developments  in  conducting  additional  tradeoffs.  An  example  of  this 
is  studies  of  propellant  sloshing  and  the  effect  of  sloshing  on  vehicle  dynamics 
during  acceleration  disturbances,  rotational  maneuvers,  and  propellant  trans- 
fer, for  which  studies  have  been  going  on  for  some  time  (References  3 and  4). 
Work  on  capillary  devices  has  included  practical  design  work  done  in  support 
of  the  Apollo  service  propulsion  system,  propellant  retension  reservoir  and 
screens  (References  5 and  6).  This  technology  is  now  being  extended  to 
cryogenic  propellants  (Reference  7)  based  on  recent  work  to  study  the  acquisi- 
tion and  transfer  of  cryogenic  propellant  by  using  capillary  devices  for  large 
scale  tankage.  This  future  work  will  consider  in  about  equal  proportion 
problems  of  the  source  and  receiver  tanks. 

The  more  established  current  concepts  for  orbital  refueling  embody 
both  thrusting  "g"  systems  for  propellant  retention  and  a self-contained 
pumped-fluid  expulsion  system.  The  liquid  positioning  using  artificial  "g" 
is  the  most  promising  method  of  liquid/vapor  interface  control.  The  use  of 
rotation  requires  less  propellant  consumption  for  thrust,  and  is  currently 
the  preferred  method.  The  choice  of  pump  versus  pressure  expulsion  has 
been  evaluated,  and  the  results  show  that  for  large  quantities  the  pump- 
expulsion  method  is  the  more  efficient.  An  examination  of  Figure  E-18 
illustrates  the  increased  losses  associated  with  the  pressure  expulsion 
method.  Since  the  Orbital  Propellant  Depot  (OPD)  propellant  residuals 
represent  a direct  loss,  the  use  of  warm  gas  for  pressure  expulsion  appears 
favorable,  and  the  critical  liquid  residuals  also  must  be  controlled.  They 
are  minimized  by  the  proper  selection  of  tank  outlet  geometry  and  flow  rate 
throttling  at  the  point  of  incipient  ullage-gas  pull-through. 

The  propellant  system  must  include  both  a transfer  line  and  (in  a 
common  container)  a return  line  for  vapor.  This  permits  the  vapor  dis- 
placed from  the  tug  propellant  tank  to  be  returned  to  the  OPD.  This  receiver 
gas  return  to  source  can  in  future  studies  be  modified  to  expand  part  of  it  to 
a low  pressure,  like  1 psia  (0.69  N/cm2),  and  to  extract  some  additional 
cooling.  In  fact,  5juch  a method  would  prevent  loss  of  liquid  in  venting.  The 
losses  associated  with  propellant  transfer  from  one  tank  to  another  (fluid 
transfer)  can  be  eliminated  by  the  use  of  modular  tankage  exchange  at  the 
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OPD.  The  additional  complexity  to  tug  has  made  this  method  of  little 
interest  as  it  would  probably  influence  tug  configuration  disproportionately 
to  its  benefit.  Another  possibility  that  remains  to  be  studied  is  a modular 
transfer  between  the  EOS  orbiter  and  the  OPD  with  a fluid  transfer  adopted 
later  between  tug  and  the  OPD. 

THERMODYNAMIC  VENTING 


The  ability  to  control  propellant  heating  and  saturation  temperature 
by  well  designed  insulation,  coupled  with  a venting  system,  is  fundamental 
to  long-term  space  storage  of  cryogenic  fluids.  The  basic  problems  of 
stratification  and  the  venting  of  excess  vapor  generated  by  heating  are 
accentuated  under  zero  "g"  because  of  the  difficulty  encountered  in  locating 
the  liquid  vapor  interface  and  preventing  small  liquid  droplets  from  being 
ingested  into  the  vent  gas  stream  leaving  the  vehicle.  Methods  have  been 
studied  to  restrain  this  interface  using  screens  and  capillary  media,  but 
the  best  answer  to  the  problem  has  been  to  provide  the  option  of  a thermo- 
dynamic cycle  to  assure  conservation  of  mass  and  yet  minimize  internal 
energy  within  the  system.  The  thermodynamic  venting  system  is  a device 
providing  direct  expansion  of  the  propellant  into  heat  exchanger  tubes  at  a 
lower  pressure.  The  Joule-Thomson  expansion  causes  the  propellant  to 
cool  by  about  10  F (5.5  C),  which  means  there  is  a differential  temperature 
for  heat  transfer  between  the  rest  of  the  propellant  and  the  thermodynamic 
venting  system.  The  venting  system  can  physically  take  the  form  of  heat 
exchange  tubes  attached  intermittantly  to  the  tank  walls  under  the  insulation 
and  generally  located  in  the  region  of  the  tank  near  the  propellant  outlet. 

This  design  permits  the  condensation  of  ullage  vapors  if  the  liquid  has  moved 
away  from  the  propellant  outlet.  If  this  system  is  used  in  conjunction  with 
capillaries  and  retention  screens,  it  can  provide  an  effective  means  for 
locating  the  liquid  vapor  interface  and  retaining  it  in  a fixed  position  even  in 
the  presence  of  disturbing  torques  from  external  influences  like  ACS  thrusters. 


Another  possible  version  of  the  thermodynamic  venting  system 
provides  a heat  exchanger  that  exchanges  heat  between  the  vented  fluid 
(which  is  expanded  to  about  1 psia  , . 69  N/cm2)  and  the  liquid  in  the  tank. 

This  system  has  been  shown  located  within  the  tank  and  outside  the  tank  as 
well.  In  either  event,  there  is  a requirement  to  circulate  the  liquid  through 
the  heat  exchanger  to  provide  uniform  subcooling  and  dispersal  or  mixing 
of  the  cooled  fluid  with  that  remaining  in  the  tank.  It  is  likely  that  such  a 
venting  system  would  be  located  outside  the  tank  in  an  insulation-protected 
well  so  that  early  development  modifications  and  repairs  can  be  made  without 
resorting  to  entry  to  the  tankage  for  each  case  of  rework. 
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Figure  E-19.  Integrated  Propellant  Thermal  Control 
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An  unusual  form  of  the  thermodynamic  vent  system  is  displayed  in 
Figure  E-19.  This  system  has  the  usual  expansion  valve  to  produce  cooling 
(refrigerant  fluid)  and  a separate  circuit  to  exchange  heat  from  the  propellant 
with  the  refrigerant  fluid.  The  exchanger  circuit  is  powered  by  a small 
fan  that  also  serves  as  a destratification  fan  if  the  ullage  begins  to  rise  in 
pressure  in  spite  of  the  action  of  thermodynamic  venting.  The  addition  of 
an  oxygen-vent  circuit  combining  with  the  hydrogen  to  produce  electrical 
power  has  also  been  examined  in  modest  detail  to  show  that  an  average 
delivered  power  of  almost  300  watts  may  be  derived  from  the  boiloff.  The 
problem  is  that  a small  turbo-alternator  of  only  1 kilowatt  would  be  employed 
and  that  this  would  be  operated  on  a 1 /3 -hr-per-hr  duty  cycle.  The  boiloff 
of  oxidizer  and  fuel  can  be  adjusted  to  the  ideal  F/O  ratio  of  about  1:1  by 
adopting  a partial  heat  exchange  of  the  vented  hydrogen  gas  with  the  oxygen. 

In  this  manner  the  heating  value  is  improved,  and  the  oxidizer  tank  will  be 
able  to  use  a reduced  insulation  thickness.  Another  approach  to  oxidizer 
tank  thermal  protection  is  to  run  the  hydrogen  vapor  through  a vapor-cooled 
shield  on  the  oxygen  tank.  This  would  make  it  possible  to  reduce  the 
oxygen  boiloff  to  zero,  but  at  a cost  in  weight.  Further  consideration  of 
such  methods  will  become  appropriate  as  later  studies  identify  the  hardware 
more  clearly. 
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APPENDIX  F.  CRYOGENIC  STORAGE 


SUMMARY 

Tug  space  operations  in  excess  of  a day  will  require  insulation  much 
more  effective  than  the  plastic  foams  and  honeycombs  used  on  previous 
cryogenic  launch  vehicles  and  injection  stages.  The  government  agencies 
charged  with  research  and  industry  have  been  working  to  solve  the  problem 
of  long-term  cryogenic  storage  with  a result  that  applicable  high- 
performance  or  multilayer  insulation  materials  (HPI  or  MLI)  are  in  an 
advanced  state  of  development.  Current  design  studies  have  concentrated  on 
the  choice  of  fabrication,  installation,  and  interstitial  gas  control  as  they 
influence  insulation  performance,  endurance,  reuse,  and  refurbishment. 

Development  of  a high-performance  cryogenic  propulsion  stage 
requires  a high  mass  fraction  structure  and  low  propellant  boiloff.  Thus 
a lightweight,  low-heat-flow  insulation  is  required.  Use  of  a large  vacuum- 
jacketed  double -wall  Dewar  as  applied  to  the  EOS  orbiter  vehicle  would  be 
out  of  the  question  for  a ground-based  or  space-based  tug  because  of  the 
extra  weight  for  the  structural  jacket  (about  2000  pounds)  (907  kilograms). 
Since  this  jacket  protects  only  insulation,  the  added  weight  represents  a 
direct  reduction  of  the  payload.  The  study  of  space -evacuated  insulation  for 
the  tug  has  led  to  design  evaluations  of  the  means  of  purging  and  venting 
these  insulations.  Whether  space  based  or  ground  based,  if  the  tank  contains 
cryogens  during  prelaunch,  the  insulation  must  be  evacuated  rapidly  in 
space.  The  purge  gases  are  used  to  prevent  the  intrusion  of  detrimental 
atmospheric  constituents  during  the  prelaunch  phases  and  may  employ  either 
helium  or  nitrogen  purge  gas  contained  in  a bag  around  the  insulation.  In 
the  case  of  nitrogen  purge,  a substrate  of  closed  cell  polyurethane  foam  is 
required  to  prevent  purge  gas  condensation  on  the  very  cold  liquid -hyd rogen - 
tank  walls.  Furthermore,  the  ground-based  tug  may  have  need  to  reuse  the 
insulation  rather  than  apply  a new  insulation  every  flight.  In  that  case,  the 
insulation  must  be  repressurized  and  protected  during  entry.  The  types  of 
multilayer  insulation  (MLI)*  include  the  current  candidates  of  NARSAM, 


"The  descriptive  terms  "multilayer  insulation  (MLI). high-performance  insulation  (HPI),  and  superinsulation'’  are 
synonymous.  Since  the  basic  nature  of  these  insulations  is  multilayer,  the  abbreviation  MIL  will  be  used  here. 
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GAC-9  Superfloe,  NRC-2,  and  doubly  aluminized  Mylar-nylon  mesh.  These 
insulations  are  all  the  subject  of  considerable  experience  and  study  with 
regard  to  their  installation  and  performance  characteristics.  Narrowing 
the  selection  to  a preference  for  NARSAM  is  related  to  NR  experience  with 
this  material  and  the  ability  to  predict  the  desired  performance  accurately. 

During  ascent  through  the  atmosphere,  the  insulation  purge  bag  is 
vented  through  a valve  of  generous  dimensions  to  permit  the  insulation  to  be 
space -evacuated . The  vent  valve  is  an  opening  in  the  lightweight  purge  bag 
or  soft  shell  of  the  insulation.  It  can  be  actuated  by  pressure  or  mechanical 
means.  An  interesting  result  of  this  study  is  that  the  boost  heat  transfer 
and  the  duration  in  space  lead  to  the  selection  of  the  type  of  purge  gas. 
Analysis  has  shown  that  for  space  durations  of  more  than  one  or  two  weeks 
(containing  cryogens),  it  is  desirable  to  use  a helium  purge  gas.  Nitrogen 
gas  applies  to  shorter  durations.  The  boost  heat  transfer  associated  with 
helium  gas  is  traded  against  higher  orbital  heat  transfer  for  the  nitrogen- 
purged  insulation,  based  on  equal  weight  and  the  ineffectiveness  of  the  foam 
substrate  in  orbit. 

GROUND  BASE  VERSUS  SPACE  BASE  REQUIREMENTS 

The  first  requirement  for  a ground-based  system  is  a ground  purge 
gas  to  avoid  condensation  of  air  or  other  detrimental  species  in  the 
atmosphere.  Ilie  space-based  installation  may  have  a similar  requirement 
if  the  first  time  it  is  put  in  orbit  it  must  be  fueled  and  ready  to  go.  Unless 
the  space -based  requirement  implies  that  the  tankage  will  be  put  in  orbit 
empty,  both  systems,  ground  based  or  space  based,  must  be  provided  with 
a ground  purge  system  to  avoid  condensation.  Figure  F-l  is  the  basic 
trade  tree  that  compares  the  qualitive  considerations  for  selecting  the  basic 
design  approach. 

No  great  breakthroughs  in  the  preevacuated  insulations  have  been 
forthcoming,  so  the  main  effort  has  been  directed  at  regular  MLI,  where  the 
purge  system  stands  out  as  a dominant  requirement.  The  main  differences 
between  the  basing  concepts  are  between  the  more  or  less  complex  means 
required  to  recover  and  reuse  the  h^LI  in  the  ground-based  case. 

In  most  cases,  since  the  space-based  system  will  be  designed  to  spend 
a great  deal  of  time  in  space,  it  will  be  provided  initially  with  a helium 
purge,  and  no  foam  substrate  will  be  used.  However,  for  the  ground -based 
system,  frequently  missions  may  be  as  short  as  two  to  seven  days  in  orbit, 
and  no  rnore  than  14  days  in  extreme  cases.  Therefore,  it  is  possible  to  use 
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nitrogen  as  the  purge  gas  with  a foam  substrate.  One  advantage  of  using 
nitrogen  with  a foam  substrate  is  that  the  temperature  of  the  outside  surface 
of  the  insulated  tank  sitting  on  the  ground  in  the  EOS  orbiter  ryload  bay- 
will  be  warmer  with  the  foam  substrate  than  in  the  case  of  tl. . helium-purged 
insulation.  I hat  will  mean  less  possibility  of  condensation  on  the  outside  in 
the  event  of  exposure  to  moist  air  or  other  condensible  constituents  in  the 
payload  bay.  Figure  F-2  illustrates,  by  comparison,  how  the  external 
surface  temperature  of  typical  MLI  builds  up  when  installed  in  the  payload 
bay  of  the  EOS  orbiter.  It  is  notable  that  the  nitrogen-purged  design  surface 
temperature  remains  above  the  freezing  point  of  water,  while  the  helium- 
purged  design  is  below  it.  The  Dewar  concept  has  been  included  in  this 
figure  for  comparison  since  it  is  Apollo  state  of  the  art.  The  heat  flux 
curve  on  the  figure  may  be  interpreted  as  showing  that  for  an  MLI  thickness 
of  about  1.5  (0.  0381  meters)  inches,  the  ground  boiloff  of  hydrogen  is 
1/2  lb /hr  (0.2268  kil  log  rams /hour)  for  helium  purge  and  1/10  lb /hr 
(0.  0454  killograms/hour ) for  nitrogen  purge.  Continuous  topping  until  liftoff 
is  assumed,  and  there  is  a possibility  that  in  the  future  there  will  be  topping 
from  the  EOS-OMS  tankage. 


In  view  of  the  possibility  of  frost  forming  on  the  outside  of  the  helium- 
purged  insulation,  there  will  be  the  need  for  a dry  nitrogen  purge  in  the 
orbiter  payload  bay.  It  is  probable  that  such  a purge  will  be  employed 
regardless  to  reduce  the  obvious  flammability  and  explosion  hazards  of  the 
hydrogen  propellant.  While  the  vehicle  nitrogen  purge  will  be  reasonably 
effective  in  keeping  moisture  out,  it  is  still  necessary  to  have  a separate 
dry-gas  purge  system  on  the  vehicle  insulation  to  clean  it  initially  and 
prevent  contamination  when  loaded. 


Boost  venting  is  an  additional  factor  related  to  ground-based  versus 
space -based  requirements.  The  purge  bag  vent  valve  must  provide 
sufficient  area  to  handle  outgassing  from  the  multilayer  insulation  into  the 
shuttle  payload  bay  and  hence  into  space.  Evaluation  of  the  shuttle  environ- 
ment has  indicated  that  a rather  severe  back  pressure  is  imposed  inside  the 
cargo  bay;  therefore,  it  will  be  necessary  to  open  the  payload  bay  doors. 

The  sizing  of  the  vent  valve  will  be  designed  to  achieve  pressures  within  the 
insulation  approximating  10"4  torr  within  one  hour  of  launch.  This  pressure 
in  the  insulation  is  the  sum  of  the  ambient  pressure  (external)  plus  the 
aperture  pressure  drop  associated  with  the  shuttle  payload  bay  (and  with  the 
vent  valve  itself),  and  the  pressure  drop  within  the  annulus  and  across  the 
insulation  to  give  the  most  conservative  viewpoint. 

The  question  of  reuse  versus  expendable  insulation  is  a ground-based 
tradeoff.  Clearly,  the  space-based  insulation  must  be  reused  from  mission 
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to  mission  unless  provision  is  made  to  repair  or  reinstall  it  in  orbit. 

Since  orbital  repair  is  not  anticipated,  the  tug  must  be  returned  to  earth  for 
rework.  And,  whether  ground-  or  space-based,  reuse  of  the  insulation 
requires  that,  during  entry,  repressurization  be  provided  through  a 
moisture-eliminating  device  so  that  the  insulation  will  be  repressurized 
without  damage  to  the  insulation  materials  (unless  infrequent  replacement 
of  a space-based  tug  insulation  is  permissible).  Since  water  (or  humidity) 
and  heat  can  damage  the  insulation,  an  alternative  approach  to  a repres- 
surization system  is  to  use  the  material  Kapton  as  the  plastic  substrate  and 
a gold  metalizing  on  the  surfaces  that  does  not  appear  to  be  affected  by 
condensation  of  water.  Since  this  solution  is  much  more  expensive  on  an 
initial  cost  basis,  it  may  be  as  valid  to  compare  a purely  expendable  insula- 
tion, replacing  it  on  an  each-mission  basis  for  the  ground-based  system. 

If  the  cost  of  gold-metalized  material  in  the  installed  condition  were  to  be  a 
hundred  times  more  than  current  MLI  materials,  the  expendable  insulation 
might  be  preferable.  The  choice  of  alternative  materials  and  metalizing 
remains  for  a later  study.  Since  they  are  of  a more  practical  nature,  they 
will  not  be  dealt  with  in  detail  in  this  study. 

SELECTION  OF  POTENTIAL  SUPERINSULATIONS 

Table  F-l  lists  candidate  insulations  for  tug  application.  Of  these 
insulations,  NRC-2  and  the  doubly  aluminized  Mylar  with  nylon  mesh  can 
be  eliminated  as  being  closely  similar  to  the  other  designs  (namely  NARSAM 
and  Superfloe)  and  offering  no  advantage  over  them.  The  main  concern  is 
directed  at  the  three  listed,  Superfloe,  NARSAM,  and  GAC-9.  It  should  be 
noted  that  the  simple  preevacuated  system  (vacuum  panel)  is  the  heaviest  for 
a given  heat  flux  but  there  is  not  sufficient  data  to  eliminate  or  recommend 
it  for  this  kind  of  application.  The  GAC-9  is  about  twice  as  high  in  thermal 
conductivity  as  the  Superfloe,  and  Superfloe  and  NARSAM  are  closely 
competitive  on  a thermal  basis.  Since  NR  has  gained  much  practical 
experience  with  the  NARSAM  insulation  and  since  the  methods  of  fabrication 
and  application  are  better  developed,  this  insulation  is  the  natural  choice 
for  tug  application.  However,  in  the  actual  thermal  analysis,  both  NARSAM 
and  Superfloe  are  presented,  and  GAC-9  is  shown  on  a comparison  basis. 

The  insulation  concepts  require  posts  for  main  support  from  the 
cryogenic  tankage.  The  fiberglass,  hollow  posts  are  attached  to  the  tank 
wall  and  support  the  insulation  through  lacings  and  straps.  The  NARSAM 
uses  an  intricate  supporting  structure  of  Dacron  straps  between  posts  and 
stiffened  straps  around  curved  sections.  Furthermore,  t hi  s insulation  has 
small -diameter  nylon  pins  inserted  and  bonded  to  the  layers  to  provide  close 
tolerance  layer  density  control.  The  insulation  is  designed  to  be  built  in 
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Tabic  F-l.  Candidate  Insulations  for  Tug  Application 


Type 

(Supplie  r) 

Desc  ription 

Strong  Points 

Potential  Penalties 

GAC-9 

(Goodyear) 

Doubly  aluminized 
Mylar  sliced  foam 
sepa  rator s 

• Most  advanced 

• Manufacturable, 
repeatable 

• Good  recoverability 
from  temporary 
compression 

• High  conductivity  and 
density 

• Very  thermally  sensitive 
to  compression 

• High  outgassing 

• Thick  installation/ 
complicates  design 

DAM/NM 

(Open) 

Doubly  aluminized 
Mylar  nylon  mesh 
sepa  rators 

• Low  conductivity 

• Manufacturable, 
repeatable 

• Thin  installation/ 
simplifies  attaching 

• High  density 

• Thermal  sensitive  to 
compression 

• High  outgassing 

DAM/ 

Tis  suglas 
(Open) 

Doubly  aluminized 
Mylar  Tissuglas 
separators 

• Low  conductivity 

• Manufacturable, 
repeatable 

• Good  recoverability 
from  temporary 
compression 

• High  density 

• Moderately  thermal 
sensitive  to  compression 

• Fragile  spacer  material 

Superfloe 
(Convair ) 

Doubly  aluminized 
Mylar  dacron  flock 
separators 

• Low  conductivity  and 
density 

• Manufacturable, 
repeatable 

• Good  recoverability 
from  temporary 
compression 

• Thermal  sensitive  to 
compression 

• Relatively  high  materials 

cost 

NRC-2 
(National 
Research 
Corp.  ) 

Singly  aluminized 
Mylar  random 
c rinkle 
separation 

• Low  conductivity  and 
density 

• Relatively  small 
thermal  degradation 
from  ±35%  deflection 

• Thin  installation/ 
simplifies  attaching 

• Low  materials  cost 

• Requires  extensive 
layer  density  control/ 
complex  and  heavy 
installation 

• Non- repeatable 
natural  lay-up 

• Compression  difficult 
to  inspect 

NARSAM 

(NR-SD) 

Singly  aluminized 
Mylar  small 
embossment 
separators 

• Low  conductivity  and 
density 

• Relative  thermal 
insensitivity  to 
deflection 

• Thin  installation/ 
simplifies  attaching 

• Low  materials  cost 

• Requires  layer  density 
cont  rol 

• Aluminized  one  side 
only,  moisture  can 
permeate  Mylar  and 
separate  aluminum 
from  Mylar 

Vacuum 
; Panel 
(Linde 
Division 
of  UCC) 

Doubly  aluminized 
Mylar  glass  fiber 
separation 
Lead-  Mylar 
laminate  seal 

• Does  not  require 
evacuation  or 
repressurization 

• Not  degraded  by 
moisture  exposure 

• Can  be  installed 
easily 

• Highest  conductivity 
and  density 

• Seal  sensitive  to  entry 
heat 

• Highly  dependent  upon 
prelaunch  evacuation 

• Seal  may  be  damaged 
easily 
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50  layer,  1 /2-inch  (1 . 27-cm)  thicknesses  of  precut  and  fitted  subassemblies. 
One-inch  and  1-1/2  inch  (3.  81  -cm)  thicknesses  would  be  constructed  of  two 
and  three  such  subassemblies,  respectively.  The  joints,  at  the  edges,  are 
designed  to  have  an  offset  of  1 inch  (2.  54  centimeters)  between  separate 
abutting  subassemblies.  (Similar  detail  could  be  provided  for  other  insula- 
tions but  this  NARSAM  data  are  provided  to  indicate  that  considerable 
practical  thought  and  experiment  has  preceded  the  application  herein  con- 
sidered for  the  tug.  ) 

Figure  F-3  is  a picture  of  the  insulation  (The  NARSAM  composite) 
with  a description  of  the  NR  cryogenic  facility  calorimeter  used  in  a recent 
test  with  a 40-ft2  (3.  716-M2)  test  specimen.  This  test  was  one  of  a 
continuing  series  intended  to  characterize  the  performance  of  the  candidate 
MTI  systems  and  the  attendant  practical  and  operational  considerations 
involved  in  application.  The  test  results  verified  the  installed  performance 
as  being  within  15  percent  of  the  value  predicted  from  a thermal  analysis 
that  included  allowances  for  support  posts,  pins,  joints,  and  vent 
perforations.  * 

The  multilayer  insulations  have  an  effective  thermal  conductivity  that 
is  about  three  orders  of  magnitude  smaller  than  other  conventional  insula- 
tions. The  multiple  radiation  barriers  are  also  arranged  and  supported  to 
minimize  the  residual  solid  conduction  in  the  spaces  and  supports.  Also, 
the  insulation  must  be  evacuated  to  space  (a  pressure  of  10~4  torr  or  less 
required)  to  eliminate  residual  gas  conduction  effects.  All  of  the  candidates 
use  metalized  polyester  film  (such  as  aluminized  Mylar)  but  effort  has  been 
given  to  other  materials  such  as  gold  metalized  Kapton  for  resistance  to 
environmental  moisture  and  entry  heat  degradation.  The  newer  materials 
Yri&y  requixe  other  concepts  of  separation  since  embossing  and  flocking  may 
be  unsuitable  and  foam  or  nylon  spaces  may  be  inadequate  for  the  thermal 
envi i onment.  The  protection  offered  by  the  EOS  orbiter  payload  bay  is 
sufficient  to  prevent  excessive  temperatures.  Thus  the  current  concept  is  to 
continue  with  the  lower-temperature  conventional  materials. 

INSULATION  PURGE  SYSTEM 

The  insulation  purge  system  encompasses  the  purge  bag  required  to 
retain  the  purge  as  well  as  the  system  components  to  admit,  control,  and 


Freeman,  li.  lest  Report,  Cryogenic  Subsystems  rechnology  High  Performance  Insulation  Research,  NARSAM 
Composite,  Liquid  Hydrogen  Itoiloff  From  a Guarded  Calorimeter.  North  American  Rockwell  Space  Division 
SD  70-441  (October  1970). 
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Figure  F-  3. 
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distribute  the  purge  gas  inside  the  insulation.  In  the  ground  prelaunch  case, 
the  purge  system  will  supply  dry  nitrogen  (or  helium)  at  under  10  inches 
(25.4  centimeter s)  H2O  differential  pressure.  Since  this  will  involve  a high- 
pressure  source,  a double  step-down  regulator  would  be  used  in  series,  with 
redundancy,  to  provide  series-parallel  reliability. 

The  prime  purpose  of  the  purge  bag  is  to  retain  the  purge  gases  with  a 
minimum  of  added  weight.  A second,  yet  important,  purpose  is  for  the 
purge  bag  to  serve  as  a meteoroid  bumper  in  space.  In  view  of  the  purge 
bag's  importance,  the  following  list  of  requirements  should  help  the 
designer: 

1.  The  purge  bag  must  be  light  in  weight  and  be  a low  leakage 
enclosure.  It  is  necessary  to  conserve  the  amount  of  purge  gas 
expended  (especially  helium,  which  is  a basic  natural  resource). 

2.  A slight  positive  pressure  (four  to  ten  inches  of  water)  will  be 
required  to  prevent  the  back  diffusion  of  water  vapor  and  other 
atmospheric  contaminants  from  entering  the  insulation  volume. 

3.  The  purge  bag  must  be  maintained  erect  even  when  the  purge  gas 
has  been  vented  to  space.  The  bag  must  at  least  be  noninterfering 
with  the  vent  gas  flow  paths  for  both  the  continuum  and  free 
molecule  flow  regimes. 

4.  The  purge  bag  must  be  able  to  withstand  minor  abrasion  without 
rupture. 

5.  The  purge  bag  should  not  be  abrasive  nor  compressive  to  the 
multilayer  insulation. 

6.  The  purge  bag  itself  should  not  be  an  excessive  source  of  out- 
gassing  in  space. 

7.  The  purge  bag  should  have  a rupture  valve  in  the  case  of  vent  valve 
failure  to  permit  insulation  venting  regardless  of  operation. 

8.  The  purge  bag  material  should  have  heat  resistance  of  350  to 
pc^sibly  600  F (449.  8 to  588.  7 K)  to  withstand  the  reentry  heating 
environment. 

9.  The  purge  bag  should  be  designed  to  provide  the  necessary 
meteoroid  bumper  protection  required  by  the  tug.  This  will  be 
the  controlling  factor  if  a minimum  purge  bag  proves  inadequate 
for  the  particular  mission. 
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The  purge  bag  may  be  constructed  of  a wide  range  of  materials,  some 
of  which  will  now  be  discussed.  The  first  purge  bag  shown  in  Figure  F-4,  is 
an  approach  based  on  the  trends  established  for  nonrigid,  lighter -than-air 
craft.  The  material  is  a rubberized  cloth  of  nylon  or  similar  polymer  fabric 
rayon,  polyethylene).  It  is  both  flexible  and  elastic  and  obtains  its  strength 
from  the  cloth  while  gaining  its  seal  quality  from  the  rubber  (polymer) 
impregnant  (butyl  or  neoprene)  or  film.  The  bag  is  a lightweight  casing  that 
is  pressure  stiffened  and  self-erected  in  the  atmosphere,  but  must  be 
supported  when  vented.  The  purge  bag  is  shown  stiffened  and  shaped  by 
pressure-erected  hoops.  The  bag  may  be  tensioned  to  the  tank  skirts  and 
insulation  posts  to  keep  it  off  the  insulation  while  the  hoops  maintain  the  bag 
in  circular  shape.  Alternately,  the  hoops  may  be  constructed  of  lightweight 
aluminum  framing  to  provide  the  same  function. 

The  version  of  the  purge  bag  shown  in  Figure  F-5  is  a rigid  cover  of 
glass  cloth.  The  use  of  a single  ply  of  epoxy  impregnated  181  glass  cloth 
is  anticipated  here,  and  it  may  be  corrugated  to  give  axial  bending  strength 
on  a cylindrical  tank.  The  figure  shows  a typical  installation  of  this  material 
employing  bonded  fiberglass  hat  section  stiffeners  to  keep  the  shape  circular 
in  spite  of  flight  load  conditions  or  applied  forces.  This  design  shows  the 
purge  bag  and  the  support  struts  for  the  tank  secured  to  an  aluminum  ring 
at  both  ends  of  the  tank.  (The  rings  are  the  main  load  pickup  points.  ) The 


Figure  F-4.  Flexible  Purge  Bag 
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purge  bag  could  also  be  worked  out  with  a tensilized  cover  design  in  which  a 
two-dimensional  cross  pattern  of  narrow  fiberglass  roving  is  applied  over  an 
impregnated  fiberglass  sheet  or  film  to  give  a stronger  self-supporting  cover 
resistant  to  inadvertent  excesses  in  internal  pressure.  The  roving  would 
provide  the  tensile  strength  for  hoop  and  axial  stresses,  while  the  film 
would  supply  the  seal  capability.  The  materials  for  the  purge  bag  may  also 
be  of  thin  fiberglass  or  thin  elastomeric  cloth  having  a re  sin- starved 
laminate  with  a low  permeability  film  added.  Experience  has  shown  that 
polyurethane  paint  may  be  satisfactory  for  the  joints  and  surfaces  that  are 
not  sealed  by  means  of  a film.  For  heat  resistance  the  best  bag  materials 
may  be  phenolic  impregnated  fiberglass  or  nylon  laminates  with  Tedlar  or 
Kapton  films  bonded  to  the  laminate.  Some  high-tempe rature  rubbers  are 
also  available. 

A schematic  diagram  of  the  purge  system  is  shown  in  Figure  F-6.  This 
system  concept  shows  that  the  purge  system  has  both  an  inflow  and  outflow 
function.  The  purge  gas  is  supplied  to  the  insulated  cryogenic  tank  through 
quick  disconnects  between  the  EOS  orbiter  and  GSE  as  well  as  the  tug 
orbiter  interface.  The  orbiter  equipment  includes  the  two-step  pressure 
regulation  equipment,  which  controls  the  supply  pressure  to  the  purged 
insulation.  The  disconnects  permit  separation  of  the  GSE  from  the  orbiter 
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CHROMATOGRAPH  DISCONNECT  DISCONNECT 
MONITOR 


Figure  F-6.  Purge  System  Schematic 


and  the  orbiter  from  the  tug  in  the  appropriate  sequence.  The  only  other 
equipment  not  shown  is  the  additional  shutoff  valves  (and  regulator 
redundancy)  to  isolate  the  segments  of  the  system  in  each  vehicle,  the  vent 
valve  that  permits  rapid  evacuation  of  the  insulation,  and  the  repressuriza- 
tion system  for  safe  entry  return  for  reuse  of  a ground-based  system. 

These  last  two  assume  such  an  importance  that  they  will  be  given  more 
thorough  consideration  in  the  next  two  sections.  The  function  of  the  gas 
chromatograph  on  the  outlet  is  primarily  that  of  a gas  analyzer.  It  can  be 
left  out  without  seriously  disturbing  the  system  performance.  However,  it 
provides  a continuous  check  on  hydrogen  or  oxygen  leakage  as  well  as  water 
vapor  intrusion.  The  chromatograph  should  be  envisioned  as  a continuous 
checkout  tool  for  the  payload  bay  purge,  the  degree  of  insulation  precon- 
ditioning, and  to  determine  if  contamination  is  taking  place;  i.  e.  , to  help 
foresee  potential  trouble  spots  before  they  cause  trouble.  The  dominant 
purpose  of  keeping  the  insulation  clean  by  the  purge  is  second  only  to  the 
primary  function  of  the  purge  bag  as  a meteoroid  bumper.  The  meteoroid 
application  requires  hardness  to  break  up  the  fast  moving,  frangible 
meteorites.  For  a discussion  of  the  controlling  factors  in  meteoroid  pro- 
tection. (Refer  to  Appendix  D for  more  detail.  ) 
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The  actual  selection  of  the  purge  gas  for  the  insulation  is  based  on  the 
equal  weight  and  heat  transfer  crossover  shown  in  Figure  F-7.  This  chart 
has  been  based  on  the  boost  heating  studies  presented  in  conjunction  with  the 
venting  studies  that  follow.  It  is  interesting  that  the  helium -purged  insula- 
tion contributes  an  accumulated  heat  input  of  11.7  Btu/ft2  per  inch 
(33.78  J / cm2  per  cm)  of  thickness  during  the  boost  phase,  while  the  nitrogen- 
purged  insulation  contributes  only  1.85  Btu/ft2  per  inch  (5.  34  J/cm2  per  cm). 
For  the  upper  line  on  the  figure  the  multilayer  insulation  is  assumed  to  be 
2.  7 lb/ft 3 density  (43.25  kg/m3)  (foam,  2 lb/ft3)  (32.04  kg/m3)  while  for  the 
lower  curve  the  closed  cell  foam  and  MLI  are  assumed  to  have  the  same 
density  (2  lb/ft3)  (32.04  kg/m3).  The  analysis  shows  that  if  1-1/2  inches 
(0.  381  centimeters)  of  MLI  were  used  with  a 3/4-in.  (1. 905-cm)  thickness 
foam  (total  2.25  inches  (0.  5715  centimeters),  fraction  foam  = 0.333)  the 
helium-purged  insulation  should  be  used  for  orbital  operating  time  periods 
greater  than  four  to  seven  days.  If  the  MLI  were  3 inches  (7.63  centimeters) 
thick  over  a 3/4-in.  (1. 905-cm)  foam  substrate,  the  crossover  would  be 
about  eight  to  eleven  days  in  orbit.  When  the  helium  purge  is  used,  of 
course,  the  weight  of  the  foam  is  removed,  and  for  this  analysis,  an  equiva- 
lent weight  of  MLI  is  added  so  that  the  performance  comparison  is  made  on 
the  basis  of  total  equivalent  weight.  At  the  lower  foam  limit  (at  a foam 
fraction  of  0.  07)  the  foam  surface  reaches  its  lower  limiting  temperature  of 
-j00  F (-184  C).  Below  this  it  is  no  longer  possible  txO  prevent  the  nitrogen 
purge  gas  from  condensing,  and  this  limit  occurs  at  26  days  of  equivalent 
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Figure  F-7.  Selection  of  Purge  Gas  for  Hydrogen  Tank  Insulation 
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orbital  operation  (equal  density).  Optimum  insulation  thicknesses  for 
30  days  are  on  the  order  of  1 . 5 inches  (3.  81  centimeters)  of  MLI;  hence, 
the  foam  underbearing  to  reach  the  lower  limit  (least  possible  foam  weight) 
is  about  1 / 8 inch  (0.  31  75  centimeters),  which  may  be  extremely  difficult 
to  manufacture.  Since  the  3/4-in.  (1. 905-cm)  foam  thickness  is  more 
practical  to  manufacture,  the  four-  to  seven-day  crossover  is  more  mean- 
ingful. Any  erogenic  spacecraft  having  longer  operating  times  than  these 
should  be  designed  to  incorporate  the  helium  purge.  For  a seven-day 
shuttle  mission  it  would  be  suitable  to  use  nitrogen  purge  and  foam,  while 
for  a 30-day  tug  mission  the  helium  purge  would  be  required. 


INSULATION  VENTING  SYSTEM 

During  boost  a vent  valve  must  be  actuated  to  permit  the  purge  gas  to 
vent  from  the  insulation.  Preliminary  estimates  indicate  that  vent  valves 
of  sizable  proportions  (a  few  square  feet)  will  be  required  to  provide  the 
necessary  high  vacuum  condition  within  a reasonable  time.  The  vent  valves 
will  have  an  effect  on  vehicle  configuration.  One  will  be  on  the  forward 
skirt,  and  the  other  on  the  aft  skirt  of  the  hydrogen  tank.  Some  porosity  of 
the  skirts  will  permit  cross  flow  to  vent  the  bulkhead  areas  while  a third 
smaller  vent  valve  will  be  designed  to  vent  the  area  of  the  oxygen  tanks.  It 
should  be  noted  that,  in  addition  to  sizing  the  vent  valve,  the  sizing  of  the 
annular  passages  and  the  porosity  of  the  insulation  will  influence  the  insula- 
tion thermal  conductivity.  Furthermore,  the  outgassing  and  leakage  sources 
from  within  the  EOS  orbiter  will  also  tend  to  slow  up  the  venting  process  by 
increased  back  pressure.  The  opening  of  the  orbiter  payload  doors  after 
orbiter  main  engine  cutoff  should  provide  the  large  area  required  to  help 
vent  and  outgas  the  insulation  rapidly.  A pictorial  description  of  the  venting 
method  is  shown  in  Figure  F-8.  A bellows -type  of  vent  valve,  located 
circumferentially  on  the  vehicle,  is  actuated  open  to  allow  gas  to  escape. 

The  flow  path  length,  L,  stands  for  the  distance  the  most  remote  molecule 
must  travel  to  escape  the  vent  valve.  The  venting  annulus  depth,  b, 
represents  the  flow  path  restriction  to  transport  of  molecules.  The  MLI  is 
assumed  to  have  2-percent  porosity  to  permit  rapid  broadside  pumping  of 
gas  into  the  annulus.  The  following  are  general  requirements  relating  to  the 
vent  valve: 


1 . The  vent  valve  must  seal  the  purge  bag  to  prevent  leakage  of  purge 
gas  and  back-diffusion  of  atmospheric  contaminants. 

2.  The  vent  valve  must  be  able  to  open  with  sufficient  area  to  allow 
the  superinsulation  to  be  rapidly  evacuated  to  10“4  torr  (and 
below). 


F-15 


SD  71 -292-4 


'URGE  BAG/METEOROID  BUMPER 


VENT  VALVE,  OPENED  AT  LIFTOFF 
j L = FLOW  LENGTH 


TANK  WALL 


TANK  WALL 
v \ 

\&pi 

\ACR0SS  INSULATION 
\ AP2 

\ across  annulus 


^P3  VENT  VALVE 
APERTURE 


b VENTING  ANNULUS 

> f WITH  BUILT-IN 

t MLI  - { POROSITY  - 2%  HOLES 


DESJGN  RULES  FOR  ROUGH  SIZING 

Api  < 5x  10'4  TORR  AFTER  1 HOUR 
AP2SAP3  £10-4  torr  AFTER  1 HOUR 

ANNULUS  LENGTH/HEIGHT  = L/b  ~100 
VENT  VALVE  AREA  ANNULUS  AREA 


Figure  F-8.  Venting  System  for  MLI 
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The  vent  valve  actuation  system  must  be  capable  of  opening  for 
boost  evacuation  and  positively  closing  for  repressurization  on 
entry. 

For  the  ground-based  system,  the  valve  actuation  system  must 
provide  reliable  operation  for  repeated  cycles  with  capability  of 
being  redundantly  activated  for  any  single  operation. 

The  next  two  figures  illustrate  potential  types  of  vent  valves  along  with 
support  and  actuating  mechanisms.  These  illustrations  are  not  to  scale  or 
even  closely  representative  of  the  tug,  but  they  do  indicate  the  need  for 
sealing  rims,  actuators,  etc.  Figure  F-9  describes  a bellows-type  vent 
valve  mounted  on  a support  ring  of  an  A-frame  mounting  system.  A piston 
actuator  is  used  to  close  the  valve  when  venting  is  not  to  take  p'lacj.  At 
liftoff  the  pressure  on  the  piston  is  removed,  and  the  spring  return  i-ystem 
causes  the  valve  to  open.  A sealing  rim  is  provided  on  the  edge  r i 'hp  purge 
bag.  A soft  gasket  material  with  a metal  support  backup  system  4s  ueed. 

The  construction  of  a large -diameter  bellows  should  not  be  difficult,  although 
the  bellows  will  probably  be  made  in  two  parts  for  installation,  repair  and 
replacement. 


Figure  F-9.  Bellows  Type  Vent  Valve 
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Figure  F- 1 0 describes  a pressurized-tube  vent  valve  not  unlike  a 
circular  air  mattress.  The  pneumatic  expansion  of  the  pressurized  tubes 
is  coupled  with  a spring  return  system  to  open  the  gap  when  pressure  on  the 
tubes  is  withdrawn.  A support  screen  is  provided  for  alignment  of  the  tubes 
and  for  the  sliding  surface  over  which  the  tubes  travel  in  closing  the  gap. 

The  mounting  of  the  pressurizing  apparatus  and  the  vent  valve  on  a support 
ring  from  the  tank  represents  a lightweight  installation  having  features 
worthy  of  more  design  study.  Many  other  design  approaches  can  be 
envisioned,  and  a number  more  simple  than  those  shown.  However  the 
important  background  for  any  vent  valve  design  decision  must  be  based  on 
analysis  of  the  contributing  factors. 


The  prime  purpose  of  the  venting  analysis  is  to  design  the  physical 
parameters  of  the  venting  system  so  that  the  boost  heat  transfer  will  be  held 
within  reasonable  limits  and  so  that  evacuated  performance  will  be  achieved 
rapidly.  As  shown  in  Figure  F-8,  the  venting  analysis  includes  the  pressure 
rop  across  the  insulation,  the  pressure  drop  in  the  venting  annulus  and 
across  the  vent  valve  aperture,  and,  if  applicable,  the  pressure  drop  from 
inside  the  vehicle  to  the  back  pressure  of  space.  An  example  of  a venting 
analysis  is  shown  in  Figure  F-ll  Tt-  nfoonrafe,  j 

fn r c . ..  . ,g  11#  presents  altitude  pressure  versus  time 

both  oaturn  V and  the  EOS  orbiter  along  with  estimates  of  internal  com- 
partment pressure  within  the  shuttle.  The  prime  assumptions  of  the  venting 
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analysis  for  the  EOS  orbiter  include  (a),  a quasi-steady  free  molecule 

flow  after  the  transient  flow  of  the  first  10  minutes;  (b).  vehicle  internal  * 

outgassing  sources  totaling  4.4  torr  ft3/sec  (0.  1246  torr  m3/sec)  after 

one  hour  in  space  (decreasing  inversely  with  time);  (c).  internal  leakage  from 

all  sources  of  1 . 0 torr-ft3/sec  (0.  02832  torr-m3/sec)  and  (d).  the  vent 

orifice  size  shown  is  based  on  an  aperture  plus  a tube  of  L/D  = 1.  These 

assumptions  are  generally  conservative.  They  point  out  that  a considerable 

gain  can  be  made  by  opening  the  payload  doors  shortly  after  orbiter  engine 

cutoff  rather  than  waiting  until  payload  deployment.  In  this  manner  the 

necessity  for  large  venting  areas  in  the  base  of  the  orbiter  will  also  be 

avoided  and,  hence,  an  added  complication  in  the  entry  phase.  The  EOS 

orbiter  is  injected  first  into  an  elliptical  orbit  with  a perigee  of  about 

50  nautical  miles  (92.  6 kilometers)  and  then  it  coasts  to  an  apogee  of 

100  nautical  miles  (185.2  kilometers),  where  it  is  circularized.  This 

explains  the  basic  difference  of  the  pressure  profile  from  the  Saturn  V, 

which  is  injected  into  a circular  orbit  of  100  nautical  miles  (185.2  kilometers) 

right  away. 


Figure  F-12  shows  the  accumulated  boost  heat  transfer  in  one  square 
foot  of  MLI  as  a function  of  time  for  the  ideal  boost  trajectory  pressure 
profile  in  NARSAM  insulation.  The  analysis  employs  the  pre ssure -dependent 
thermal  conductivity  of  NARSAM  insulation  (Figure  F-13),  which  is  based 
on  experimental  and  analytical  criteria  of  Freeman1. 

Figure  F-14  is  another  accumulated  heat  transfer  curve  as  a function 
of  time  for  one  square  foot  of  MLI,  but  this  curve  is  based  on  extended  time 
duration  in  orbit  and  the  pressure  profiles  of  Figure  F-ll  inside  the  EOS 
orbiter.  The  lowest  curve,  for  300  ft2  (27.  87  m2)  vent  area  is  very  close 
to  the  ideal  performance  which  would  be  achieved  if  the  insulation  exactly 
followed  the  altitude  pressure  profile  for  the  orbiter.  Another  way  of 
looking  at  the  boost  heating  is  that  for  helium  purge  the  heat  input  is 
approximately  the  equivalent  of  2.  2 days  of  orbital  operation.  If  the  final 
topping  were  cut  off  90  seconds  ahead  of  launch,  about  2.  0 more  days  of 
equivalent  orbital  heating  would  be  imposed  in  addition.  For  nitrogen  purge 
the  boost  heating  is  equivalent  to  only  about  one  half  a day  in  orbit  and  a 
topping  cutoff  at  90  seconds  prior  to  launch  would  add  less  than  1/2  day 
more.  The  20  ft2  (1 . 858  m2)  vent  area  curve  increases  the  first  day's  heat- 
ing in  orbit  by  about  50  percent  over  the  ideal  evacuated  MLI  performance 
and  will  require  more  than  a week  to  achieve  even  a reduction  to  a 20  per- 
cent increase  over  the  ideal  MLI  performance. 


"Freeman,  B.  Test  Report  High-Performance  Insulation  Research,  NARSAM  Composite,  Liquid  Hydrogen 
Boiloff  From  a Guarded  Colorimeter.  North  American  Rockwell  Space  Division.  SD  70-411. 
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The  previous  analysis  has  been  shown  to  point  out  how  critical  proper 
venting  is  to  the  performance  of  space  evacuated  MU.  It  is  not  an  exact 
analysis  because  of  the  extensive  assumptions  which  have  been  made  on  the 
EOS  orbiter  outgassing,  leakage  and  vent  orifice  provisions.  The  important 
pressure  is  t'  e average  pressure  within  the  insulation  and  that  requires  a 
knowledge  of  the  venting  annulus  and  vent  valve  pressure  drop  as  well  as 
that  for  the  insulation  itself.  Figure  F-15  shows  the  differential  pressure 
in  the  annulus  for  a typical  preconditioned  insulation  of  the  NARSAM  compo- 
site. The  outgassing  rate  is  assumed  for  one  hour  after  launch,  and  the 
design  objective  is  to  achieve  a differential  pressure  of  10~4  torr.  Thus  the 
venting  annulus  depth  would  be  about  1.5  inches  (3.81  centimeters),  and  the 
vent  valve  area  about  7 square  feet  (6503  square  centimeters)  for  each  vent 
valve  on  the  hydrogen  tank.  The  pressure  drop  across  the  insulation  must 
be  included  when  determining  the  average  pressure  within  the  MLI. 


The  analytical  methods  and  experimental  data  are  still  being  developed 
for  the  exact  treatment  of  insulation  venting.  The  design  approach  to 
NARSAM  insulation  has  been  to  include  vent  holes  in  the  embossed  layers 
which  will  promote  outgassing.  Based  on  the  foregoing  work  (Figures  F-14 
and  F-H  ) it  appears  necessary  to  reach  a pressure  differential  of 
5x10"  torr  across  the  insulation  (shown  as  the  criteria  for  rough  sizing 
of  AP  on  Figure  F-8).  The  current  NARSAM  design  provides  for  1 percent 
porosity  (hole  area  as  a percent  of  total  area  for  each  layer)  but  some 
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analyses  have  indicated  that  2 percent  porosity  may  be  better  for  insulation 
that  is  less  well  preconditioned.  The  foam  substrate  of  the  nitrogen-purged 
insulation  was  actually  tested  with  the  NARSAM  composite  (SD  70-441)  and 
shown  not  to  be  a significant  contributor  to  outgassing  under  cryogenic 
conditions.  In  a few  hours  after  evacuation,  the  differential  temperature 
across  the  foam  is  less  than  10  F (5.  55  K)  making  it  almost  LH? 
temperature.  ^ 

INSULATION  REUSE,  GROUND  BASE 

To  make  a ground -based  tug  cost  effective,  the  first  analyses  have 
indicated  that  it  is  desirable  to  reuse  the  MLI  for  each  flight.  While  the 
insulation  may  only  be  1 0 to  1 5 percent  of  the  primary  tank  structural  weight, 
it  can  be  more  than  30  percent  of  the  cost.  The  alternative  of  replacing  the 
insulation  for  each  flight  will  adversely  influence  insulation  cost,  but  also 
rapid  turnaround  time,  which  could  require  more  vehicles  in  the  end. 

The  real  problem  of  the  soft  shell  insulation  (as  compared  with  the 
hard  shell  or  Dewar  design)  is  that  metallized  plastic  films  appear  to  be 
degraded  by  water  and  other  atmospheric  contaminants.  The  problem  for 
insulation  materials  on  the  ground-based  tug  is  made  even  more  severe  by 
entry  heating  and  boost  vibration  effects.  The  MLI  maintains  its  low  heat 
conduction  by  having  low  metallized  surface  emittances  (high  reflectivity) 
and  low  internal  pressures  when  evacuated.  Any  substance  that  will  corrode 
the  films  or  add  to  condensables  and  outgassing  is  a contaminant.  Both  dust 
and  water  vapor  qualify  as  contaminants.  Even  carbon  dioxide,  nitrogen, 
and  oxygen  from  air  may  qualify  if  cryopumping  has  caused  any  accumulation 
of  these  substances.  Thus,  the  purpose  of  the  purge  bag  is  to  protect  the 
insulation  with  an  inert,  clean,  gas  blanket  during  the  prelaunch  activities 
The  purpose  of  the  vent  valve  is  to  release  the  purge  gas  during  boost  and 
allow  the  gases  to  be  pumped  by  space  evacuation.  Finally,  the  purpose 
of  the  repressurization  system  is  to  avoid  compression  damage  and  contami- 
nation upon  entry  by  refilling  the  insulation  with  a clean,  inert  gas. 

The  one  repressurization  system  that  meets  all  the  qualifications  with 
respect  to  freedom  from  contamination  is  also  probably  the  heaviest  and, 
therefore,  least  desirable.  This  method  involves  use  of  high-pressure 
bottled  gas  (either  helium  or  nitrogen)  to  refill  the  insulation.  The  system 
requires  double  pressure  regulation  and  differential  pressure  control,  while 
the  purge  bag  may  require  double  relief-valve  protection  as  well.  A 
cryogenic  storage  system  is  closely  allied  to  the  stored  gas  method  to 
provide  gassitied  cryogenic  fluid  supplies  of  nitrogen  (from  ECS  perhaps) 
and  possibly  helium  (from  the  propulsion).  The  possibility  of  using  the 
boiloff  gases  from  the  cryogenic  propellants  has  been  rejected  because  of 
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their  hazardous  nature.  Another  repressurization  approach  is  to  use  air 
from  the  atmosphere  to  fill  the  cavities.  This  has  the  obvious  advantage 
of  requiring  no  expendables  from  the  orbiter,  and  it  makes  the  differential 
pressure  control  a directly  solvable  problem.  For  example,  to  repres- 
surize the  insulation  only  a small  blower  is  required  to  force  the  air  into 
the  insulation  with  a small  differential  pressure.  It  must  be  recalled  here 
that  an  underbearing  foam  or  other  device  must  be  incorporated  into  the 
tank  to  prevent  cryopumping  of  the  air.  Further,  it  is  necessary  to 
separate  the  components  of  the  air,  which  might  contribute  to  contamination 
and  degradation  of  the  layers  of  superinsulation. 

Water  vapor  and  dust  from  air  can  be  separated  by  filtration  methods 
and  a desiccant  pack  (or  refrige rative  means).  The  filtration  technique  is 
straightforward  and  is  not  a problem,  but  the  following  discussion  will 
center  on  the  water  vapor.  The  water  vapor  must  be  removed  because  if 
it  condenses  on  the  aluminized  foils,  it  either  causes  corrosion  or  lifts  the 
vapor -deposited  aluminum  from  the  surface.  The  purpose  of  the  water  vapor 
separator  is  to  reduce  the  dew  point  of  air  entering  the  insulation  below 
-90  F (205  K).  The  use  of  a cryogenic  heat  exchanger  to  condense  the 
contaminant  gases  is  a direct  solution.  For  example,  a liquid -nitrogen- 
filled  heat  exchanger,  incorporating  energy  conservation  between  the  inlet 
and  exit  streams,  should  be  able  to  lower  the  dew  point  below  -200  F 
(144  K).  Furthe  *more,  it  is  able  to  separate  most  of  the  carbon  dioxide  and 
hydrocarbon  con'  lined  in  the  pressurizing  air.  The  expenditure  of  nitrogen 
(or  other  coolant  is  related  to  the  weight  and  heat  of  vaporization  of  water 
and  other  gases  condensed.  Another  solution  is  to  use  a desiccant  pack  to 
dry  the  incoming  air.  This  method  of  drying  the  air  is  probably  the  most 
ancient  but  yet  the  most  appropriate  approach.  The  potential  desiccants 
include  silica  gel,  activated  alumina,  anhydrous  calcium  sulphate,  and 
magnesium  perchlorate,  as  well  as  the  standard  sodium  hydroxide  and 
calcium  chloride.  Current  technology  has  produced  some  desiccants  that 
absorb  almost  one-half  of  their  own  weight  in  water.  Some  have  the 
capability  of  achieving  a dew  point  of  almost  -100  F (200  K).  For  the  repres- 
surization method,  the  desiccant  pack  should  weigh  on  the  order  of  10  pounds, 
including  the  filter. 

Figure  F-16  describes  a typical  repressurization  system  based  on  the 
use  of  a desiccant  pack  and  a vane  axial  blower.  The  desiccant  pack  is 
designed  to  provide  the  -90  F (205  K)  dew  point  and  up  to  five  sea  level 
volume  changes  of  air  in  the  insulation  and  annulus,  allowing  a substantial 
amount  for  leakage  in  the  vent  valve  and  fittings.  The  vane  axial  fan  should 
provide  for  a differential  pressure  of  about  10  inches  (25.4  centimeters)  Hg 
at  sea  level  in  a low  flow  condition.  A question  was  raised,  however, 
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concerning  the  possibility  of  air  condensation.  It  was  suggested  that  the 
use  of  air  repressurization  is  not  suitable  for  a helium  purged  insulation 
unless  an  effective  means  can  be  developed  for  dumping  all  cryogenic 
propellants  prior  to  return  to  the  lower  atmosphere  (e.  g.  stratosphere).  If 
the  hydrogen  is  not  dumped,  air  condensation  will  take  place  rnd,  as  the 
tank  warms  up,  this  will  fractionally  distill,  leaving  higher  concentrations 
of  oxygen  in  the  residual  fluid.  The  evaporation  of  one  pound  of  hydrogen 
is  associated  with  the  condensation  of  about  one  pound  (0.  45359  kilograms) 
of  air,  and  five  pounds  (2.  268  kilograms)  of  air  can  produce  about  1 pound 
(0.45359  kilograms)  of  oxygen.  Since  insulation  materials  are  not  generally 
compatible  with  the  reactive  oxygen,  even  the  impact  of  a rough  landing 
could  provide  the  energy  to  start  a fire  or  cause  an  explosion.  The  studies 
of  emergency  dumping  of  propellants  for  abort  should  be  helpful  in  reducing 
the  risk  of  such  an  event  and  may  make  it  possible  to  use  the  air  repres- 
surization method  for  the  helium-purged  insulation. 

For  the  nitrogen-purged  insulation,  the  air  repressurization  problem 
is  far  less  severe.  Even  though  the  foam  surface  is  initially  close  to  LH?, 
temperature,  it  rapidly  warms  and  rises  above  the  condensing  temperature. 
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Such  a case  has  been  analyzed  for  an  insulation  design  that  had  a 
1.  5-in. -thick  (3.81 -cm)  MLI  and  a i .O-in. -thick  (2.54-cm)  substrate  of  foam. 
Results  are  shown  in  Figure  F-17.  The  figure  is  based  on  the  short  cross- 
range orbiter  entry  profile  and  accounts  for  the  variable  condensing  tempera- 
ture as  a function  of  pressure  in  the  insulation.  The  peak  of  the  curve  shows 
only  about  5 x 10-4  lbs/ft2  (24.41  x 10-4  kg/m2)  of  air  condensed  on  surface 
of  the  foam  substrate.  For  a 1000-ft2  (92.9  m2)  tank  wall  area  this  would  be 
only  a total  of  0.  5 pounds.  This  could  perhaps  still  be  important  if  accumu- 
lated at  touchdown,  but  the  air  that  condenses  is  entirely  reevaporated  in 
12  minutes  from  the  400,  000-ft  (122,000-m)  altitude  initiation  of  the  entry 
profile  and  thus  is  completely  dissipated  long  before  the  landing  phase. 


The  problem  of  reuse  has  one  additional  potential  solution  — that  of 
better  materials,  resistant  to  the  influence  of  moisture  condensation.  For 
such  materials  the  only  repressurization  protection  would  be  a filter  to 
prevent  build-up  of  dirt  and  dust  particles  on  the  insulation  layers. 

The  studies  of  improved  materials  have  not  yet  appeared  to  exhaust 
the  possibilities.  For  example,  the  use  of  gold  metallizing  to  replace 
aluminum  seems  to  give  better  results.  Unfortunately  the  current  cost 
estimates  suggest  that  where  1000  square  feet  (92.  9 square  meters)  of  wall 
area  could  be  insulated  (100  layers)  for  about  $2000  (material  cost  alone), 
the  gold  metallizing  may  cost  more  than  $200,  000  for  the  material,  assuming 
the  production  quantities  run  in  excess  of  a few  million  square  feet.  Another 
means  of  making  the  metallized  coating  resistant  to  moisture  has  been  to 
incorporate  clear  vapor -deposited  coatings  of  materials  like  germanium  in 
controlled  thicknesses.  This  method  is  complex  and  more  costly  than  gold, 
but  it  may  be  a way  to  develop  even  better  abrasion  resistance  as  well. 

Such  a technique  has  been  studied  by  ADL  (Arthur  D.  Little,  Inc.  ) for  use 
in  the  thermal  blanket  of  astronauts  extra -vehicular  activity  (EVA)  garb. 

In  addition  to  the  reflective  surface,  the  substrate  has  also  been  studied  in  an 
effort  to  provide  greater  temperature  tolerance.  At  present,  the  payload 
bay  appears  to  remain  below  250  F (283  K)  during  entry,  but  the  possible 
adaption  of  the  high  cross-range  orbiter  version  and  the  use  of  reduced 
amounts  of  external  insulation  (REI)  on  the  orbiter  could  create  higher 
temperatures,  which  would  require  the  Kapton  plastic  film  to  replace  Mylar 
and  achieve  temperature  resistance  up  to  500  F (533  K).  This  discussion  is 
only  a prelude  to  what  kind  of  advancements  may  be  made  in  the  future. 

For  now,  however,  cost  is  a dominant  consideration,  and  the  use  of 
aluminized  Mylar  and  a suitable  repressurization  system  seems  to  be  the 

most  effective  means  of  achieving  reuse  of  the  MLI  for  the  ground-based 
tug. 
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Figure  F-17.  Air  Condensate  Within  MLI 
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HEAT  TRANSFER  ANALYSES 

The  heat  transfer  analyses  presented  in  this  section  include  propellant 
heating  contributions  from  the  MLI  as  well  as  the  structural  skirts,  which 
are  the  main  load -carrying  members.  The  following  analyses  are  divided 
into  two  main  sections:  thermal  analysis  for  the  30,  000-lb  (1  3,  600-kg) 
propellant  module  tug  and  the  60,  000-lb  (27,  200-kg)  propellant  module  tug 
(representative  PM  sizes).  In  each  main  section  the  analysis  investigates 
various  types  of  structure  represented  by  the  integral  and  nonintegral 
configurations,  different  materials  such  as  titanium,  boron  epoxy,  and 
glass  epoxy  for  the  load -carrying  members,  and  different  insulation 
represented  by  NARSAM,  Superfloe,  and  GAC-9.  The  basic  thermal 
analysis  assumptions  are  shown  in  Table  F-2. 

The  basic  structural  sizing  assumptions  for  the  30,  000-lb 
(13,  600-kg)  propellant  module  tug  are  shown  in  Table  F-3.  This  table 
includes  the  surface  areas  and  the  structural  sizing  for  the  heat  blocks. 

The  propellant  lines  are  considered  to  be  small  additive  factors,  so  they 
have  been  omitted  from  this  study. 

For  the  five  skirt  configurations  (Table  F-3)  defined  for  the 
30,  000-lb  (1  3,600-kg)  tug,  Figure  F - 1 8 presents  the  total  heat  leak  to  the 
cryogen  due  to  the  skirt  structural  short.  It  can  be  seen  that,  for  insulation 
thicknesses  of  greater  than  1.5  inches  (3.81  centimeters),  the  structural 
heat  leak  is  rather  insensitive  to  further  addition  of  insulation.  The  skirts 
are  insulated  on  both  sides,  with  8 inches  (20.  3 centimeters)  being  the 
insulation  thickness  per  side.  For  simplicity  of  solution,  it  is  assumed 
that  the  outer  layer  of  insulation  at  all  points  on  the  skirt  is  at  510  R 
(283  K)  (ambient). 

Ranked  in  order  of  performance,  the  skirt  structural  configurations 


1.  Integral  boron-epoxy  truss 

2.  Integral  glass-epoxy  shell 

3.  Integral  and  nonintegral  boron-epoxy  shell 

4.  Integral  titanium  shell 
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Table  F-2.  Thermal  Analysis  Assumptions 


A.  Assumptions 


1.  Ambient  temprature  seen  by  outer  layer  of  insulation  both  internal  and  external  of  vehicle  is 
constant  at  510  R (283  K). 


2.  Heat  blocks  are  insulated  forward  and  aft  5 feet  (1.524  meters)  each  direction  from  LH^  tank. 


3.  At  end  of  insulation  (5  feet)  of  forward  skirt,  T 


510  R (283  K). 


4.  Boundary  temperature  of  aft  heat  block  is  540  R (300  K)  because  of  location  of  space  radiator. 


5.  Because  of  lack  of  specific  data  for  oxygen  tanks,  rough  sizing  was  done,  which  indicated 
40  Btu/hr  (11.7  w)  total  could  be  expected  through  all  LC>2  supports. 


B.  Calculation  of  Heat  Rate  Through  Heat  Block 


Q * K A m A ICoth  (mL) 


Q * Total  heat  rate  per  continuous  skirt  due  to  sidewall  and  conductive  heat  transfer 


where 


h^_  * 1/HPI  thickness  (HPI  conductivity) 


* Effective  "film"  coefficient  for  skirt  insulation 


m » ^ hr  2 wD/K  A 


L * Length  of  insulated  skirt 


8 * AT  between  tip  and  root  of  fin  (skirt) 


A « Skirt  cross-sectional  area  (not  including  HPI) 


D = Diameter  of  skirt  shell 


K = Conductivity  of  skirt  shell  material 


C.  Thermal-Physical  Properties 


1.  Conductivity  of  boron-epoxy  composite  * 0.  666  Btu/ft  hr  R (1.115  w/m  K)  at  200  R (1 1 1 K). 


2.  Conductivity  of  titanium  alloy  - 3.0  Btu/ft  hr  R (5.2  w/m  K)  at  200  R. 


3.  Conductivity  of  glass-epoxy  composite  * 0.224  Btu/ft  hr  R (0.387  w/m  K)  at  200  R (111  K). 


4.  K 


NARSAM 


2.  58  x 10-5  Btu/ft  hr  R 
(4.48  x 10*5  w/m  K) 


510  R (283  K),  Tc  ■ 40  R (22.2  K) 


NARSAM 


3.  33  x 10-5  Btu/ft  hr  R, 


(5.76  x 10"5  w/m  K) 


P * 2.47  lb/ft3 


510  R (283  K),  Tc  * 170  R (94.4  K) 


at  104  f/in.  (41  f/Cm  ) 
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Table  F-2.  Thermal  Analysis  Assumptions  (Cont) 


KSUPERFLOC  * 2,80x10  Btu/ft  hr°R 
(4.85  X 1<T5  w/m°K) 


Tu  « 510  R (283  K),  T « 40  R (22.2  K) 

rl  C 


SUPERFLOC 


4.  28  x 10‘ 


(7.  42  x 10‘5  w/mOK) 

* 1 . 64  lb/ft ^ 

at  30  /in.  (12  (/cm) 

KDAM/NM  ■ 3-07  x 10-5  B.u/fthr«R 
(5.  32  x 10‘5  w/m°K) 

KDAM/NM  " 4- 25  x 10-5 

(7.  36  x 10*5  w/m°K) 

P * 47.1  kg/ m2 

at  50  U in.  (19.  7 t! cm) 


Th  - 510  R.  Tc  - 170  R (94.4  K) 


Th  - 510  R.  Tc  - 40  R (22.2  K) 


Th  « 510  R (283  K).  Tc  - 170  R (94.4  K) 


//in.  * layers/inch. 


For  NARSAM,  Superfloe,  and  DAM/NM,  Figure  F-19  illustrates  the 
relative  benefits  of  each  insulation  in  terms  of  heat  rate  to  the  LH2  tank 
through  the  HPI  only.  The  heat  rate  to  the  tank  through  structures  and  HPI 
were  kept  on  separate  curves  so  the  user  could  readily  obtain  the  heat  flux 
through  the  different  HPI's  and  apply  it  to  different  size  tanks. 

It  may  be  seen  from  Figure  F-19  that  the  spread  in  heat  rate  between 
NARSAM  (best  performing)  and  DAM/NM  varies  from  19  to  23  percent  over 
the  insulation  thicknesses  investigated.  The  point  of  diminishing  returns 
in  the  curve  of  heat  rate  occurs  at  roughly  two  inches  (5.  08  centimeters) 
of  insulation,  which  (neglecting  the  effect  of  insulation  weight)  would  be  the 
point  at  which  increases  in  insulation  thickness  failed  to  bring  substantial 
reductions  in  heat  rate.  It  should  be  noted  tnat  the  idealized  performance 
of  these  insulations  has  been  used  herein  without  allowances  for  joints, 
posts,  and  other  support  members  since  the  actual  insulation  design  could 
not  be  determined  in  detail.  The  surface  temperature  used  is  conservative 
to  account  for  some  of  the  discrepancy  with  practical  designs  since  a surface 
a/vji  of  0.  4 would  yield  orbital  average  temperatures  nearer  440  R (245  K). 

Figure  F-20  presents  the  total  heat  rate  into  three  oxygen  tanks 
through  the  insulation  as  a function  of  HPI  thickness.  It  should  be  noted  that 
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Table  F-3.  Basic  Structural  Sizing  Assumptions 


Surface  area  of  LH^  tank 
Surface  area  of  each  LO^  tank 
Total  for  three  LO^  tanks 


507.  2 ft2  (54.  5 m^) 
123  (13.  3 m2) 

369  ft^  (39.  7 m^) 


Structural  Sizing  for  LH^,  Heat  Blocks* 


Diameter 

No. 

" 

Bays 

Length  ol 

Type  of  Structure 

t" 

(cm) 
(in.  ) 

Overall 
(in.  ) 
(m) 

Strut 
(in.  ) 
(m) 

n 

m 

Structure 
(in.  ) 
(m) 

Integral  boron-epoxy  shell 

Fwd  adapter 

0.076 
(0. 193) 

170.0 

(4.32) 

- 

- 

58.  2 
(1.48) 

Intertank  structure 

0.091 
(0.  238) 

170.0 

(4.32) 

• 

- 

105.  7 
(2.7) 

Non- Integral  boron-epoxy  shell 

F wd  adapter 

0.  076 
(0.  193) 

180.0 

(4.51) 

- 

58.2 

(1.48) 

Intertank  structure 

0.094 
(0. 238) 

180.0 

(4.51) 

- 

- 

- 

1 18.  7 
(3.0) 

Integral  boron-epoxy  truss 

F wd  adapter 

0.  045 
(0.  114) 

170.0 

(4.32) 

3.  56 
(0.09 

1 

12 

58.  2 
(1.48) 

Intertank  structure 

0.  058 
(0. 147) 

170.0 

(4.32) 

3.  56 
(0.09) 

2 

12 

105.  7 
(2.7) 

Integral  titanium  shell 

Fwd  adapter 

0.  068 
(0. 173) 

170.0 

(4.32) 

- 

“ 

- 

58.  2 
(1.48) 

Intertank  structure 

0.  081 
(0. 206) 

170.0 

(4.32) 

- 

- 

- 

105.  7 
(2.7) 

Integral  glass-epoxy  shell 

Fwd  adapter 

0.  122 
(0.  31) 

170.0 

(4.32) 

- 

- 

- 

58.  2 
(1.48) 

Intertank  structure 

0.  159 
(0. 405) 

170.0 
(4.  32) 

m 

105.  7 
(2.7) 

*1.  t ■ effective  shell  or  strut  thickness,  accounting  for  stringers,  etc. 

2.  At  present,  no  similar  detailed  structural  evaluation  for  oxygen  tanks  30,  000-  lb 
(13, 600-kg)  tug. 
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30  K TUG 
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h60 
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100 


50 


0 


0 


INTEGRAL  TITANIUM  SHELL 


DAM/NM  INSULATED  SKIRTS 
SUPERFLOC  INSULATED  SKIRTS 
NARSAM  INSULATED  SKIRTS 
510°R 

540°R  (BOUNDARY  OF  RADIATOR) 
SKIRT  INSULATION  THICKNESS 


INTEGRAL  & NONINTEGRAL  BORON-EPOXY  SHELL 


20  ©V 


2.0 
- 1 


INTEGRAL  BORON-EPOXY 
4.0  TRUSS  6.0  8.0  (CM) 


1.0  2.0  3.0 

SKIRT  INSULATION  THICKNESS— INCHES 


4.0 


Figure  F-18.  Effect  of  Skirt  Structure  on  LH2  Tank  Skirt  Heat  Leak 
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TANK  INSULATION  THICKNESS— INCHES 

Figure  F-19.  Heat  Flow  to  LH£  Tanks 

Through  HPI  Only 


TOTAL  HEAT  LEAK  INTO  3 OXYGEN  TANKS-BTU/HR 


the  superiority  of  NARSAM  is  much  more  clearly  defined  for  the  cr.se  of  a 
higher  cold  boundary  temperature  (T(,  = 1 70  R (94.  5 K)  for  LO2  tank).  At 

the  time  of  this  study,  no  data  were  available  on  the  structural  support  sizing 
for  the  LO2  tanks.  A rough  calculation  indicated  that  for  three  2-foot-long 
insulated  titanium  struts  per  tank,  a total  of  40  Btu/hr  (11.7  W)  should  be 
added  to  the  heat  rate  through  HPI  to  account  for  structural  penetrations. 

The  plot  of  weight  penalty  versus  insulation  thickness  (shown  in 
Figure  F-21)  gives  a feeling  for  the  relative  benefit  of  adding  insulation 
weight  to  decrease  boiloff  weight.  The  term  weight  penalty  defined  here 
simply  means  the  arithmetic  sum  of  total  insulation  weight  and  boiloff  weight 
over  a given  mission  duration. 

Points  to  note  are  that  one  may  use  less  insulation  than  the  1.  5 inches 
(3.8  centimeters)  specified  from  Figures  F - 1 8 and  F - 1 9 because  the  slight 
increase  in  boiloff  is  overcompensated  by  a decrease  in  total  insulation 
weight.  As  little  as  one-half  inch  of  insulation  may  be  used  without  incurring 
a significant  weight  penalty  for  the  seven-day  mission;  however,  thicknesses 
this  small  are  usually  avoided  because  of  installation  difficulty.  Further- 
more, this  curve  does  not  include  plumbing  heat  leaks. 

It  should  also  be  noted  that  although  one-half  inch  (1.  24  centimeters) 
of  insulation  may  be  fine  for  short  duration  missions,  it  may  incur  a 
significant  weight  penalty  for  long  duration  missions.  (See  curve  for  45-day 
case.  ) Hence,  it  is  best  to  pick  a median  (1.  5 inches,  3.  8 centimeters), 
which  incurs  a minimum  penalty  for  both  maximum  and  minimum  mission 
durations.  Another  point  to  note  is  that  this  is  not  a true  optimization  since 
a very  high  delta-V  mission,  such  as  the  synchronous  equatorial  mission, 
may  have  a payload  penalty  of  up  to  10  pounds  (4.451  kilograms)  for  each 
pound  of  fixed  weight,  which  would  indicate  a much  smaller  thickness  is  still 
assumed  to  be  a good  compromise  for  a multimission  tug  capability. 

Figure  F-22  gives  the  same  information  for  the  oxygen  tanks  as 
Figure  F-21  did  for  hydrogen.  A compromise  insulation  thickness  is 
indicated  for  the  seven-  and  45-day  missions,  which  overlap  in  an  area  that 
might  be  considered  the  design  point  (2.  0 to  2.  5 inches,  5.  08  to  6.  35  centi- 
meters). 

It  should  be  noted  that  the  curve  for  Superfloe  is  "flatter"  than  that  of 
NARSAM.  In  fact,  the  two  curves  actually  intersect.  This  is  because  the 
density  of  Superfloe  is  50  percent  less  than  that  of  NARSAM.  Hence,  for  a 
given  insulation  thickness,  the  HPI  weight  contribution  to  the  weight  penalty 
will  be  50  percent  less  for  Superfloc.  NARSAM's  superior  conductivity  is 
what  makes  it  competitive  at  lower  insulation  thicknesses. 
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Figure  F-21.  Hydrogen  Tank  Weight  Penalty  Versus  Insulation  Thickness 
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If  the  cryogen  tanks  were  initially  at  a saturated  vapor  condition  at 
20  psia,  Figure  F-23  illustrates  what  the  maximum  tank  pressure  would  be 
at  the  end  of  a seven-day  mission.  It  is  assumed  for  both  the  hydrogen  and 
oxygen  tanks  that  there  is  no  venting  and  that  all  of  the  heat  entering  the  tank 
is  distributed  uniformly  to  the  propellant  by  destratification  and  reflected  in 
a net  rise  in  the  bulk  temperature  (vapor  pressure)  of  the  fluid.  Since  it 
would  be  unreasonable  to  assume  that  the  fluid  sink  consisted  of 
30,  000  pounds  (13,  600  kilograms)  of  propellant  throughout  the  flight,  it  was 
assumed  (arbitrarily)  that  for  seven  days  one  had  2000  pounds  (910  kilograms) 
of  hydrogen  and  10,  000  (4,  550  kilograms  of  oxygen.  Since  there  would  be 
roughly  twice  this  amount  of  propellant  at  the  start  of  the  mission,  and  only 
residuals  at  the  end,  it  was  expected  that  this  would  yield  an  "averaged" 
value.  It  should  be  noted  that  with  two  inches  (5.  08  centimeters)  of  insula- 
tion, neither  tank  rises  above  26  psia  (17.  9 N/cm2.  It  is  not  the  purpose 
of  this  analysis  to  recommend  this  means  of  heat  absorption  since  evapora- 
tion is  a more  effective  means,  but  the  analysis  helped  establish  penalties 
accruing  against  the  structure  by  such  a mode  of  operation. 

This  next  set  of  studies  is  concerned  with  the  60,  000-lb  (27,200-kg) 
propellant  module  tug.  The  first  set  will  be  for  the  nonintegral  configura- 
tion. Figure  F-24  presents  the  surface  area  and  structural  heat  block 
assumptions,  while  Figure  F-25  presents  the  same  information  for  the 
integral  structure  design  of  the  same  60,000-lb  (27,  200-kg)  propellant 
module. 

For  the  nonintegral  vehicle,  Figure  F-26  represents  the  total  amount 
of  heat  (Btu/Hr)  coming  through  the  insulation  only.  The  point  of  reduced 
return  in  the  heat  rate  curve  corresponds  to  between  1.  5 inches  (3.  82  centi- 
meters) and  2.  0 inches  (5.  08  centimeters)  for  both  the  oxygen  and  hydrogen 
cryogenic  tanks. 

It  should  be  noted  that  the  total  heat  rate  through  the  insulation  is 
proportionately  much  less  for  the  60,  000-lb  tug  compared  to  the  30,  000-lb 
tug  (Figure  F-20).  This  is  because  the  60,  000-lb  propellant  module  uses 
a single  oxygen  tank,  similar  in  design  to  the  hydrogen  tank,  resulting  in  a 
much  higher  volumetric  efficiency  than  three  separate  oxygen  tanks.  Also, 
it  is  shown  that  for  both  cryogens  the  heat  rate  is  consistently  less  for 
NARSAM  at  any  given  insulation  thickness. 

Figure  F-27  gives  the  value  of  structural  heat  rates  for  oxygen  and 
hydrogen  tanks  versus  insulation  thickness  for  NARSAM  and  Superflock  high- 
performance  insulations.  This  curve  does  not  include  the  effect  of  heat 
leaks  through  plumbing.  Such  leaks  may  or  may  not  be  significant  and 
should  be  evaluated  as  sizing  becomes  more  clearly  defined. 
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Structural  Sizing 

Surface  area  of  LH^  tank  (1)  = 1075  ft^ 

o 

Surface  area  of  LC^  tank  (1)  = 476  ft 


Tank  Heat  Block  Sizing  Summary 


STRUCTURE 

EFFECTIVE 

THICKNESS 

(IN.) 

DIAMETER 

(IN.) 

LENGTH. OF 
HEAT  BLOCK 
(IN.) 

HYDROGEN 
SUPPORT 
STRUCTURE  (B/E) 

0.048  (0.122  CM) 

170  (4.32M) 

25  (0.636 M) 

TITANIUM 

0.025  (0.0636  CM) 

OXYGEN  SUPPORT 
STRUCTURE  (B/E) 

0.048  ( 0.122  CM) 

155  (3.94M) 

40  ( 1 .01M) 

TITANIUM 

0.043  ( 0.109  CM) 

Additional  Assumptions: 


1 . Ambient  temperature  seen  by  outer  layer  of  HPI  on  heat  block 
and  tank  is  510°R  (283°K). 

2.  Non-integral  tanks  characterized  by  being  supported  by  a single 
frustrum  of  a cone  per  tank  - cutting  number  of  structural 
supports  in  half  when  compared  to  an  integral  tank. 

PAYLOAD 


lh2  TANK  SUPPORT 


lo2  TANK  SUPPORT 


3.  Configuration  of  60K  Non-Integral  Tug  is  as  shown  in  following 
sketch: 

4.  Method  of  determining  heat  rate  through  skirts  and  heat  blocks, 
as  well  as  thermal  physical  properties  of  materials  remain 
unchanged  over  those  referenced  for  30K  Tug  (Figure  F-18). 

Figure  F-24.  Structural  Sizing  for  the  60K  Pound  Propellant 

Module  Tug  Nonintegral  Tank 
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Structural  Sizing 

Surface  area  of  LH^  tank  (1)  = 1065  ft^  (1 15M^) 
Surface  area  of  LC^  tank  (1)  = 597  ft^  (646M^) 
Tank  Heat  Block  Sizing  Summary 


STRUCTURE 

EFFECTIVE 

THICKNESS 

(IN.) 

DIAMETER 

(IN.) 

LENGTH  OF 
HEAT  BLOCK 
(IN.) 

FORWARD 
HYDROGEN 
SKIRT  (B/E) 
TITANIUM 

0.048  (0.122  CM) 
0.034(0.086  CM) 

170 

(4.31M) 

58 

(1.47M) 

HYDROGEN- 
OXYGEN 
INTERSTAGE  (B/E) 
TITANIUM 

0.048  (0.122  CM) 
0.028  (0.071  CM) 

165 

(4.18M) 

133 

(3.48M) 

OXYGEN  TANK  AFT 
HEAT  BLOCK  (B/E) 
TITANIUM 

0.048  (0.122  CM) 
0.025  ( 0.0635  CM) 

160 

(4.06M) 

40 

(1.01M) 

Additional  Assumptions 


1 . Ambient  temperature  seen  by  outer  layer  of  insulation  on 
skirts  and  tank  is  510°R  (283°K) 

2.  Analysis  of  skirt  heat  rates  proceeds  as  described  for  30K  Tug, 
with  exception  of  interstage  structure  which  has  solution 
governed  by  forcing  ends  of  interstage  to  be  40°R  (22.2°K)  and 
170°R  (94.5°K)  (LH2  and  LO2)  in  mathematical  simulation. 

3.  Configuration  is  as  shown  in  following  sketch: 

FORWARD  SKIRT 


INTERSTAGE 


AFT  SKIRT/THRUST  STRUCTURE 


4.  Thermal  physical  properties  of  materials  remain  unchanged  from 
those  referenced  for  30K  Tug  (Figure  F— 18). 

Figure  F-25.  Structural  Sizing  for  the  60K  Pound  Propellant 

Module  Tug  Integral  Tank 
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Figure  F-27.  Heat  Flow  Through  Insulated,  Nonintegral  Support  Structur 
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As  expected,  it  is  shown  that  NARSAM  gives  a relatively  larger  heat 
rate  advantage  on  the  oxygen  structure.  This  is  because  NARSAM’s  con- 
ductivity is  degraded  less  by  the  elevated  oxygen  cold-side  temperature. 

The  point  of  reduced  return  of  the  heat  rate  curves  appears  to  be  one  inch 
(2.  54  centimeters)  of  HPI  on  the  LH2  tank  and  1.  5 inches  (3.  8 centimeters) 
of  HPI  on  the  LOX  tank. 

It  is  interesting  to  compare  Figure  F-27  with  the  structural  heat  leak 
into  an  integral  tank  (Figure  F-28). 

The  next  figures  present  the  heat  transfer  analyses  for  the 
60,  000-lb  (27.  200-kg)  integral  tank  propellant  module  tug.  The  structural 
areas  and  heat  block  sizing  are  shown  in  Figure  F-25.  The  other  assumptions 
are  similar  to  those  used  before. 

Figure  F-29  presents  the  effect  on  tank  heat  rate  of  varying  the 
insulation  thickness,  for  NARSAM  and  Superfloc.  For  both  the  hydrogen  and 
oxygen  tanks,  NARSAM  is  superior  in  maintaining  a low  heat  rate.  Again 
the  effect  is  more  pronounced  on  the  oxygen  tank  than  on  the  hydrogen  tank. 
This  figure  assumes  that  the  insulation  hot-side  temperature  is  510  R 
(283  K)  over  all  surfaces  of  both  tanks  (including  the  interstage  void).  This 
is  a conservative  estimate  because  of  a lack  of  definition  of  the  actual  inter- 
stage area.  It  may  become  feasible  to  let  this  area  approach  LOX 
temperature,  which  would  reduce  the  heat  flux  through  the  LOX  forward  and 
LH2  aft  bulkheads  considerably.  However,  if  it  is  desired  to  use  this  rather 
considerable  volume  for  electronic  gear,  or  instrumentation,  it  may  be 
necessary  to  condition  the  environment  to  a higher  temperature  to  allow 
safe  operation  of  the  components. 

Figure  F-28  presents  the  total  structural  (neglecting  plumbing)  heat 
rate  to  the  cryogen  tanks  through  all  supports.  It  should  be  noted  that  since 
the  integral  design  uses  the  cryogenic  tanks  as  part  of  the  vehicle  load- 
bearing  structure  the  structural  heat  rates  are  from  50  percent  to  100  per- 
cent higher  than  for  a 60,  000-lb  (27.  200-kg)  nonintegral  vehicle.  For  an 
optimum  design  to  be  established,  however,  the  structural  weight  benefits 
of  an  integral  design  would  have  to  be  traded  off  against  the  thermal  efficiency 
of  the  nonintegral  tankage.  In  Figure  F-30,  the  heat  transfer  rate  through 
titanium  skirts  is  compared  for  both  the  integral  and  nonintegral  tank 
configuration.  For  the  analysis,  it  was  assumed  that  only  NARSAM  insula- 
tion was  used.  The  results  show  that  the  nonintegral  design  clearly  is 
lower  in  heat  transfer.  This  is  primarily  related  to  the  fact  that,  for  the 
nonintegral  tank,  only  one  skirt  is  used  to  support  the  cryogenic  propellant 
tanks,  while,  for  the  integral  tanks,  the  skirts  penetrate  both  ends  of  each 
tank,  providing  a greater  total  heat  transfer  to  the  propellant. 
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Figure  F-28.  Heat  Flow  Through  Insulation  Integral  Skirts 
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Figure  F-29.  Heat  Flow  to  Cryo  Tanks  Through  HPI  Only 
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Figure  F-30.  Heat  Transfer  Rate  Through  Titanium 
Skirts  Into  Propellant  Tanks 
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APPENDIX  G.  EXPENDABLE  TUG  CONCEPTS 


OBJECTIVE  AND  SCOPE 

/ 


The  objective  of  this  effort  was  to  develop  preliminary  configuration 
layouts  for  expendable  tugs  that  could  be  costed  and  compared  to  reusable 
tug  concepts. 

Preliminary  parametric  performance  analysis  indicated  that  an 
O2/H  expendabJe  stage  for  the  geosynchronous  10,000-lb  (4535-Kg)  pay- 
load  design  mission  would  require  27,  000-lb  (12,  250  Kg)  of  propellants.  An 
earth  — storable  stage  (N2O4/A-50)  would  require  46,000  pounds  (20,  860  kilo- 
grams) of  propellants.  These  two  concepts  were  considered  representative 
of  good  design  for  the  cryogenic  and  the  storable  classes  of  expendable 
vehicles.  Since  the  effort  was  accomplished  at  the  very  end  of  the  study 
period,  the  effort  was  brief  and  was  not  accomplished  in  time  to  be  included 
m the  main  body  of  this  report.  Minimum  cost  and  weight  were  the  prime 
objectives  of  the  design  studies. 

EXPENDABLE  Oz/H2  CONCEPT 

The  cryogenic  single-stage  vehicle  is  conceptually  shown  in  Fig- 
ure G-i.  It  has  been  sized  to  accommodate  27,000  pounds  (12,250  Kg) 
of  02  /H2  propellants  each  contained  in  a single  elliptical  tank.  ’ The 
hydrogen  tank  is  integral  with  the  forward  cylindrical  structure,  while  the 
LOX  tank  is  supported  within  a tapered  aft  body  section.  The  hydrogen  tank 
has  a volume  of  1040  cubic  feet  (29.  43  cubic  meters)  and  a diameter  of 
166  inches  (4.  22  meters)  with  1.4:1  elliptical  bulkheads.  The  forward  and 
aft  LH2  tank  skirts  form  the  primary  cylindrical  structure  of  the  vehicle. 

This  section  is  fully  insulated  to  aid  the  reduction  of  the  thermal  losses  in 
the  LH2  tank.  The  primary  structure  between  the  liquid  hydrogen  and  liquid 
oxygen  tanks  is  skin-stringer  aluminum  conical  construction.  At  the  center 
of  this  section  is  an  internal  frame  for  supporting  the  gas  tanks,  ACS  equip- 
ment, the  avionics  equipment,  EPS  equipment,  and  the  environmental  con- 
trol system  equipment.  This  frame  also  provides  stability  for  the  rigid 
externally  mounted  attitude -control  pod.  The  liquid  oxygen  tank  is  supported 
y an  integral  conical  skirt  attached  to  the  primary  structure  at  the  lower 
end  of  the  intertank  section  frame.  The  engine  thrust  structure  also  inter- 
sects the  aft  bodv  structure  at  the  same  location. 
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The  environmental  control  system  radiators  with  an  area  of  54  square 
feet  (5  square  meters)  are  externally  mounted  on  the  intertank  support 
structure.  Access  panels  in  the  intertank  support  structures,  permits  the 
installation,  servicing,  and  checkout  of  the  internal  subsystems  of  the 
vehicle. 

The  vehicle  structure  that  supports  the  active  docking  probe  (Apollo- 
type)  is  skin-stringer  conical  thrust  structure  attached  to  the  forward  liquid 
hydrogen  tank  support  skirt.  This  structural  intersection  forms  a ring 
frame  at  the  top  of  the  LH2  tank  support  skirt. 

The  advanced  single  main  engine  has  a thrust  of  12,  000  pounds 
(53,  376  newtons),  chamber  pressure  of  1260  psi  (868  newtons  per  square 
centimeters),  specific  impulse  of  465  seconds  (4662  newton  seconds  per 
kilogram),  an  expansion  ratio  of  400  to  1,  and  a mixture  ratio  of  6 to  1.  The 
main  engine  is  attached  to  the  aft  end  of  the  conical  thrust  structure. 

This  concept  has  no  provisions  for  aft  docking.  Therefore,  the  EOS 
cargo  bay  support  system  attaches  to  the  tug  at  the  lower  intertank  primary 
structural  frame,  which  receives  all  axial  loads  and  approximately  half  of 
the  lateral  loads.  The  remaining  lateral  loads  and  supports  are  located  on 
the  upper  LH2  skirt  frame.  The  overall  length  of  the  vehicle  is  363  inches 
(9.  22  meters),  and  the  maximum  diameter  is  180  inches  (4.  57  meters). 

PARAMETRIC  STORABLE  PROPELLANT  TUG  STUDY 

Within  the  expendable  geosynchronous  mission  vehicle  optimization 
study  it  was  determined  that  a storable  propellant  configuration  might  be 
cost  effective  and  competitive  with  the  cryogenic  propellant  vehicles.  As  it 
happened,  the  storable -propellant  vehicle's  initial  cost  was  lower  than  the 
cryogenic  propellant  vehicle,  and  the  costs  per  vehicle  based  on  several 
vehicles  over  a long  period  of  time  were  very  nearly  the  same.  Several 
initial  ground  rules  and  constraints  were  established  in  configuring  the 
storable  propellant  vehicle.  A single  15,  000-pound  (66,723-N)  thrust 
engine  was  selected  that  was  based  on  an  uprated  Agena-type  engine.  The 
chamber  pressure  was  increased  to  500  psia  (345  N/cm2),  the  area  expan- 
sion ratio  was  increased  to  150,  and  the  specific  impulse  was  increased  to 
325  seconds  (3187  N-S/kg).  Aerozine  -50  (A-50)  fuel  and  nitrogen  tetroxide 
(N2O4)  oxidizer  were  the  selected  propellants.  Based  on  these  propellants, 
a usable  propellant  weight  of  46,  020  pounds  (20,  874  kilograms)  was  required 
to  deliver  10,000  pounds  (4536  kilogram)  of  payload  to  geosynchronous  orbit. 

The  study  was  initiated  through  consideration  of  several  tankage 
arrangements.  These  included  common  bulkhead  tanks,  single  fuel  and 
oxidizer  tanks  of  spherical  and  elliptical  shape,  and  arrangements  of 
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four  cylindrical  tanks.  An  initial  spectrum  of  possible  candidate  vehicle 
configurations  was  prepared  and  is  shown  in  Figure  G-2.  Eight  concepts 
were  configured  of  various  tankage  arrangements,  and  two  concepts  that 
offered  distinct  advantages  were  chosen  for  further  design  definition. 

All  of  the  concepts  used  a single  engine  and  an  integrated  subsystem 
equipment  approach.  They  also  were  all  configured  to  stay  within  the 
1 5-ft-diameter  (4.  57 -m)  EOS  cargo  bay  payload  envelope  without  retraction 
or  stowage  of  appendages  be'-ig  required  such  as  the  ACS  engine  modules. 

Wherever  possible,  an  integrated  tank  structure  was  used  to  minimize  the 
inert  weight. 

Concept  "A"  of  Figure  G-2  incorporated  single  fuel  and  oxidizer  tanks 
with  elliptical  bulkheads  of  a 1.  4 to  1 ratio.  The  structure  is  an  integrated 
approach,  and  the  subsystem  equipment  and  ACS  propellant  tanks  are  located 
in  the  annular  area  between  the  main  propellant  tanks.  The  vehicle  is 
312  inches  (7.  9 meters)  long  and  is  120  inches  (3.  0 meters)  in  diameter. 
Concept  "B"  is  identical  to  "A"  except  that  spherical  tanks  were  used  rather 
than  ellipsoids.  This  stage  is  355  inches  (9.  0 meters)  long  and  108  inches 
(2.  7 meters)  in  diameter.  Concepts  "C"  and  "D"  investigated  common 
bulkheads.  Concept  "C"  used  an  elliptical  bulkhead  of  1.  4 to  1 ratio,  and 
"D"  used  spherical  bulkheads.  The  vehicles  were  298  inches  (7.  6 meters) 
and  328  inches  (8.  3 meters)  long  and  120  inches  (3.  0 meters)  and  108  inches 
(2.  7 meters)  in  diameter  consecutively  for  "C"  and  "D.  " Subsystem  equip-  " 
ment  was  located  in  the  annular  area  at  the  forward  end  of  the  vehicles. 

The  last  single -tank  arrangement,  Concept  "E,  " used  a spherical 
oxidizer  and  elliptical  fuel  tank.  This  stage  measured  334  inches 
(8.  5 meters)  long  and  was  120  inches  (3.  0 meters)  in  diameter  at  the  for- 
ward end  and  tapered  inboard  toward  the  aft  end.  The  subsystem  equipment 
was  located  as  in  Concepts  "A"  and  »B.  » The  remaining  three  concepts 
investigated  the  use  of  multiple  tanks.  The  first  concept,  "F,  " used 
four  tanks  of  equal  volume.  The  ACS  pods  were  located  on  the  aft  tapered 
section  of  the  structure  to  keep  them  within  the  1 5-ft-diameter  (4.  57-meters) 
envelope.  The  vehicle  maximum  diameter  is  180  inches  (4.  57  meters), 
which  allows  the  propellant  tanks  to  be  as  large  as  possible.  The  tanks’  have 
spherical  bulkheads  with  a cylindrical  midsection.  Four  radial  beams  sup- 
port for  the  engine  and  the  bulkheads,  which  supports  the  tanks.  Subsystem 
equipment  is  located  in  the  annular  area  at  the  aft  end  of  the  structure. 

The  remaining  two  configurations  used  tanks  of  the  same  diameter  and 
bulkheads  as  the  Apollo  service  module  service  propulsion  system  storage 
and  sump  tanks.  Concept  "G"  used  four  tanks  of  the  same  diameter  as  the 
sump  tanks,  51  inches  (1.  3 meters)  inside  diameter.  The  two  fuel  and 
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oxidizer  tanks  are  made  up  of  the  spherical  bulkheads  and  a long  cylindrical 
section.  The  tanks  are  157  inches  (3.  9 meters)  long  inside  as  compared  to 
the  original  SM  sump  tanks,  which  were  152  inches  (3.8  meters). 

Four  radial  beams  support  the  engine  and  the  bulkhead,  which  supports  the 
tanks.  Subsystem  equipment  is  located  on  the  beams  between  the  tanks  near 
the  outer  shell.  The  vehicle  is  284  inches  (7.2  meters)  long  and  142  inches 
(3.  6 meters)  in  diameter.  The  last  concept,  "H,  " is  identical  to  "G,  " 
except  the  SM  storage  tank  diameters  are  used.  Four  tanks  of  45  inches 
(1.  1 meters)  inside  diameter  are  used  that  are  195  inches  (4.9  meters)  long 
inside.  The  SM  storage  tanks  were  152  inches  (3.8  meters)  long  inside. 

The  vehicle  is  322  inches  (8.2  meters)  long  and  is  130  inches  (3.3  meters) 
in  diameter. 

A cursory  design  analysis  of  the  system  of  configurations,  as  well  as 
a weights  and  structural  analysis,  revealed  that  two  concepts,  "A"  and  "F,  " 
appeared  to  offer  more  advantages  in  lighter  weight  and  lower  cost  than  the 
other  candidates.  Consequently,  Concepts  "A"  and  "F"  were  selected  for 
further  design  definition.  The  refinement  of  these  concepts  can  be  seen  in 
Figure  G-3  which  presents  the  two  configurations  as  inboard  profiles. 

REFINED  DESIGN  OF  EXPENDABLE  CONCEPTS 

The  first  configuration  shown  corresponds  to  Concept  "A"  which  used 
two  ellipsoid  shaped  propellant  tanks.  The  two  tanks  are  of  equal  volume, 
330  cubic  feet  (934  cubic  meters)  and  are  115  inches  (2.  9 meters)  ID  and 
82  inches  (2.  1 meters)  long  inside. 

The  forward  located  fuel  tank  delivers  17,  700  lbs.  (8,  029  Kg)  of 
usable  propellant  and  the  aft  oxidizer  tank  delivers  28,320  lbs.  (12,846  Kg) 
of  usable  propellant.  The  tank  bulkhead  ratios  are  1.4:1  and  the  tanks  are 
integrated  into  the  vehicle  structural  shell. 

A si-gle  15,  000-lb-thrust  (66,  723-N)  engine  is  supported  from  a 
conical  structure  at  the  aft  end  of  the  vehicle.  The  engine  operates  at  a Pc 
of  500  psia  (345  N/cm2),  a mixture  ratio  of  1.  6 to  1,  and  a specific  impulse 
of  325  seconds  (3  187  N-S/kg).  The  nozzle  area  expansion  ratio  is  150.  The 
engine  gimbals  ±5  degrees  in  two  orthogonal  axes  to  provide  thrust  vector 
control.  An  active  docking  probe  (Apollo -type)  is  mounted  on  the  forward 
end  of  the  vehicle  on  the  central  axis  and  is  supported  by  a conical  skin- 
stringer  structure. 

Subsystem  equipment  and  ACS  engine  n odules  are  loacted  in  the  annu- 
lar area  between  the  two  propellant  tanks.  The  outer  shell  of  the  vehicle  is 
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of  skin- stringe r construction  and  is  integrated  with  the  two  propellant  tanks 
and  the  forward  and  aft  support  cones.  The  vehicle  is  312  inches  (7.9  meters) 
long,  excluding  the  docking  probe,  and  is  120  inches  (3.0  meters)  in  diameter. 
The  overall  distance  between  the  flats  of  the  ACS  engine  modules,  which 
extend  beyond  the  120-in.  (3.0  m)  diameter,  is  142  inches  (3.6  meters). 

The  alternate  configuration  shown  is  based  on  Concept  "F.  " This 
vehicle  uses  the  maximum  available  diameter  within  the  EOS  cargo  bay, 

180  inches  (4.  57  meters),  to  obtain  the  shortest  possible  configuration. 

Four  tanks  with  inside  diameters  of  62  inches  (1.  57  meters)  and  115  inches 
(2.  9 meters)  long  were  used  with  an  internal  volume  of  165  cubic  feet 
(4.67  cubic  meters)  each.  The  two  fuel  tanks  deliver  17,700  pounds 
(8,  029  kilograms)  of  usable  oxidizer,  and  the  two  oxidizers  deliver 
28,  320  pounds  (12,846  kilograms)  of  usable  propellant.  The  structural 
concept  employed  in  this  configuration  is  not  an  integrated  structure 
approach.  Four  radial  beams  are  used  with  a skin- stringer  shell.  The 
beams  support  the  single  engine,  which  is  identical  to  that  used  in  the 
first  configuration,  in  addition  to  a forward  and  aft  bulkhead.  The  tanks 
are  supported  on  skirts  from  the  forward  bulkhead.  The  aft  section  of  the 
outer  shell  is  tapered  inboard,  and  the  ACS  engine  modules  are  attached  to 
the  aft  section  of  this  structure.  This  location  keeps  the  modules  within 
the  180-in-diameter  (4.  57-m)  EOS  cargo  bay  payload  envelope. 

An  active  docking  probe  is  located  at  the  forward  end  and  is  supported 
from  the  beams  and  bulkhead.  Subsystem  equipment  is  located  in  the  annular 
area  at  the  aft  end  of  the  vehicle.  The  equipment  and  ACS  bipropellant 
storage  tanks  are  mounted  on  the  aft  bulkhead.  The  bipropellant  system 
selected  for  the  ACS  system  is  MMH/N2  O4.  This  system  was  also  used  in 
the  first  configuration.  This  vehicle  is  246  inches  (6.  24  meters)  long, 
excluding  the  probe,  and  180  inches  (4.  57  meters)  in  diameter. 

Analysis  of  each  configuration  indicated  that  little  difference  in  weight 
exists  between  the  two  configurations.  Consequently,  both  require  the  same 
amount  of  propellant.  Both  configurations  use  new  tankage.  The  second 
configuration  is  the  shortest  possible,  with  the  exception  of  using  elliptical 
bulkheads  on  the  same  tanks,  which  would  decrease  the  overall  length  by  only 
6 inches  (0.  15  meters).  The  first  configuration  is  considered  as  the 
simplest  with  the  least  number  of  components. 
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